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ABSTRACT

INVESTIGATION OF THE FLEXIBLE MISSILE FINS
UNDER AEROTHERMAL LOADINGS

Ozkokdemir, Emir
MSc., Department of Aerospace Engineering
Supervisor: Assoc. Prof. Dr. Dilek Funda Kurtulus

June 2018, 80 pages

Wings or fins on the body flying at the supersonic speed are subjected to the
aerothermal loading. These loads are categorized into two main groups; aerodynamic
pressure and aerodynamic heating. They affect the strength of wings. In this thesis
study, a flexible NACA 65-009 wing of a missile flying at supersonic speed is
investigated. It is studied to define the effect of the change in wing geometry by the
external loads on the flow characteristics. The flow simulations are carried on Ansys
Fluent that uses the finite-volume method with the SIMPLE-type fully implicit
algorithm to solve the conservation equations. Abaqus Standard is used for
simulating the load cases to obtain the structural deformation by using the finite
element technique. According to the result of simulations, the effect of deformation
at lower supersonic regime (1.2<M<2) is relatively lower but it becomes important
when the free stream velocity reaches to Mach number of 2.5 and the difference of
aerodynamic performances (drag coefficients) of deformed and undeformed wings is
about 8.6 %.

Keywords: Aero-Thermal Wing Deformation, Thermo-Mechanic, Computational

Fluid Dynamic, Finite Element Methods
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AEROTERMAL YUKLER ALTINDA
ESNEK FUZE KANATLARININ INCELENMESI

Ozkokdemir, Emir
Yiiksek Lisans, Havacilik ve Uzay Miihendisligi Boliimii
Tez Yoneticisi: Dog. Dr. Dilek Funda Kurtulug

Haziran 2018, 80 sayfa

Siipersonik hizlarda ugan yapilarda bulunan kanatlar aerotermal yiiklere maruz
kalirlar; Bu yiikler aerodinamik basing ve acrodinamik 1sinma olmak iizere iki gruba
ayrilirlar. Her ikisi de kanat dayaniminin {izerinde etkilidir. Bu tez ¢alismasinda, bir
fiizeye ait esnek bir NACA 65-009 kanadi siipersonik akis kosullari altinda
incelenmistir. Kanadin yapisinda goriilen bozulmalarin akis kosullarina nasil etki
ettigi belirlenmistir. Akis simulasyonlari, SIMPLE-tipi kapali algoritma ile sonlu
hacimler yontemi kullanarak korunum denklemlerini ¢c6zen Ansys Fluent yazilimi ile
gerceklestirilmistir. Abaqus Standard ile sonlu elemanlar yontemi kullanarak
yiikkleme durumlar1 simule edilmis ve yapisal deformasyon hesap edilmistir. Bu
calisma kapsaminda yapilan simulasyonlardan elde edilen sonuglara gore, diisiik
stipersonik rejimde (1.2<M<2) deformasyonun etkisi oldukc¢a azdir. Fakat akis hiz1
2.5 Mach seviyelerine ulastiginda bu etki daha 6nemli olmaktadir. Deforme olmus ve
olmamig kanatlarin aerodinamik performanslari (siirikleme katsayilari) arasindaki

fark % 8.6 dur.

Anahtar Sozciikler: Aero-Termal Kanat Deformasyonu, Termomekanik, Hesaplamali

Akigkanlar Dinamigi, Sonlu Elemanlar Y 6ntemi
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CHAPTER 1

INTRODUCTION

In today’s world, rockets and missiles are widely used in defense industry of many
countries. Development of technology reveals the need of flight stabilization and
hitting a target accurately. Control structures as wings are integrated to missiles in
order to control the flow around the body. Missiles could be grouped in different
ways according to their intended use. Table 1 shows the classification of missiles
according to launching and target areas.

Table 1. Classification of missiles

Index Launching Target
AA Air Air
AS Air Surface
AU Air Underwater
SA Surface Air
SS Surface Surface
uu Underwater  Underwater

Missiles moving through the air are subjected to a resistance during the flight. Some
pressure and heat transfer effects are generated on them. These loads are investigated
by a branch of an applied science called aerodynamics.

Increasing in the flow speed from subsonic to supersonic may bring some
aerodynamic problems like capability of structural strength and aerodynamic heating.
Designers are forced to get solution of these problems and to find better aerodynamic
design. Wings are the most affected parts on the missile. Thus, they must be
investigated more precisely. Wings are categorized into three main groups by their
locations on missile body: canards, wings (or fins) and tail fins. As Figure 1
demonstrates, wings are located near the center of gravity while canards are placed in
the missile nose and tail fins are assembled at the end of the missile body.



(m () ilh

Canard Wing / Fin Tail Fin

Figure 1. Canards, wings and tail fins

Wings showed in Figure 1 could be designed in both stationary and movable.
Canards and fins are rarely used while the tail fins are highly preferred in missile
technology. The main advantage of the canard is better maneuverability at low angles
of attack. On the other hand using a canard on missile body causes a destabilizing
effect and it requires large tail fins in order to keep the missile stable.

Wings or fins are the earliest form of the control surface of missiles. The usage of
wings brings some advantages. The missile motion is not affected too much by the

deflection of wings, so it allows the missile to be stabilized.

The tail fin is the most commonly used technology in missile systems. The missile
using tail fins has the excellent maneuverability at high angles of attack. Therefore,
many of the air defense systems and long range ballistic missiles have been used the
tail fin.

The wing body is a region that is the most affected location on the missile from the
nose to the end. Therefore, the effect on the missile aerodynamic performance is

considerably higher. The evaluation of the missile aerodynamic performance is
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defined by the drag and the lift coefficients. The detailed information about these
parameters is given in Chapter 2. The change of the performance parameters could
be obtained by investigating the drag and lift coefficients of wing during the flight.
Thus, wings must be modelled or tested precisely under the flight conditions.
Aerodynamic design of wings is associated with the order of loads. Wings could be
deformed due to these loads subjected to during flight. The wing deformation does
not have to be very large shape changes. The deformation of a few millimeters in
size affects adversely the formation of boundary layer and as a result of that the
aerodynamic effects on wings changes. To obtain the wing deformation, the flow
properties around the wing and the external loads on wing surfaces must be
calculated. Firstly the flow characteristics must be classified then the flow properties
are obtained from the solution of the conservation equations derived from some
fundamental laws of physics.

Loads generated during the flight are obtained from the solution of the conservation
equations given in Chapter 2. These calculations are nonlinear in body geometry,
material property and boundary conditions. So, they could be solved numerically
with CFD software. In addition to the flow condition, such as flight speed, altitude,
etc., the aerodynamic loads are also related to the body deformation. The
deformation and the aerodynamic loads are all interconnected because the exposed
surface of the deformed body is different to the exposed surface of the undeformed
body and different surface are generated different aerodynamic loads.

1.1. Deformation Phenomena

Many designers want to create a vehicle resistant to aerodynamic loads at supersonic
speeds while it provides the desired aerodynamic performance. Aerodynamic loads
are divided into two main group; aerodynamic pressure and aerodynamic heating.
These loads are obtained from the solution of another nonlinear problem like the
flow problem and must be solved precisely. In order to obtain the effect of
deformation instantaneously, calculations are repeated for each step. The finite

element method is the most known method for the solution of this type of problem.



Aerodynamic pressure is dominant for a flight at low speed while aerodynamic
heating and its effects are more important than forces and moments for the flight at
high speeds, such as supersonic and hypersonic.

The determination of instantaneous deformation of bodies and revising the change of
flow conditions due to the deformation are quite complicated problems and they
could be solved with a series of coupled CFD and FE calculations. There are two
main methods of calculation;

e One-Way FSI Coupling: It includes the deformation calculations by using
the aerodynamic loads in a sequence of CFD-FE simulation. It applies on the
steady and the quasi-steady problems. The effect of deformation on the flow
IS not investigated in this method.

e Two-Way FSI Coupling: It includes the calculation of the deformations
from the aerodynamic loads in a loop of CFD-FE simulation. After obtaining
the deformed body, the flow conditions are revised with the deformed body
and the simulations are repeated. The process of this method could be done
automatically as well as manually. There are many commercial software
solve the coupled problem automatically.

1.2. Literature Survey

Starting from 1940s, the effect of aerodynamic loads on structures, such as wings,
fins, bodies etc., is the research field in lots of numerical and experimental studies.

In the prior works, the analytical studies were correlated to the test data and the test
based design came to the forefront. By developing the numerical studies, more
realistic results according to the test results were obtained.

One of the former studies about this research area was carried by Ericsson et al.
(1978) that dealt with various wing configurations at supersonic and hypersonic
speeds. The aerothermoelastic behavior of the missile fin at the range of 0=0° and
a=10° were aimed to be investigated. The effect of the missile nose bluntness and the
nonlinear interactions of different parts were also investigated. According to the
result, it was obtained that the aeroelastic characteristic is reduced by the

thermodynamic effect. The interaction region between the missile body and the fin
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structure had a negative effect on the aerodynamic characteristics of missile fins
because the three-dimensional flow separation was occurred in the boundary layer on
that location.

Another analytical design study by Sakata et al. (1975) carried out for an arrow wing
and fuselage structure flying at Mach 2.7. The interaction among thermal stress,
aeroelasticity and flutter characteristics was investigated. Two-dimensional and
three-dimensional structural models were constructed to obtain loads and aeroelastic
effects. The design study showed that the fuselage design is influenced by the high
temperature environment, so modelling the fuselage has an important role on the
aeroelastic effect.

Aerodynamic characteristics and efficiencies of delta and arrow wings were
compared in the study of Wright et al. (1978). The aim of this comparison was to
investigate the effect on the missile range. According to the result of this study, it
was obtained that arrow wings are the most suitable wing type for the supersonic
cruise missile and the lift-drag ratio of the arrow wing is higher than the delta wing.
Also, the airfoil effectiveness at lower speed was improved by a reduction in wing
sweep at the trailing edge section.

Johansen (1997) and Michael (1958) investigated airfoils at transonic flow regimes.
The simplified form of e" transition technique was adapted to a Navier-Stokes solver
in order to predict the transition around various airfoils. The transition point was
compared to the data obtained from the empirical correlations and experiments. The
calculations showed the importance of the transition prediction for aerodynamic
coefficients.

In another numerical study, Sani et al. (2014) simulated the rarefied flow field
around a NACAOQ012 airfoil using the Navier-Stokes and direct simulation Monte
Carlo methods for three different Knudsen numbers. The effect of Knudsen number
on the leading edge shock, the lift to drag ratio (CL/Cp) and velocity distribution over
the NACAO0012 airfoil were investigated. According to the result, the pressure
coefficient and the density field agreed with the experimental data. It was obtained

that an increase of Knudsen number causes an increase in the pressure coefficient at
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the lower surface of the airfoil and the drag and the lift coefficients are
approximately constant. The maximum ratio of aerodynamic coefficients occurred at
0=25°.

Three-dimensional NACA0012 fin under unsteady flow condition were simulated by
Hoffman et al. (2016). The simulation method in this study was an adaptive finite
element method called General Galerkin method. Aerodynamic loads obtained from
the flow simulation were compared with the flight test data. The comparison
demonstrated that the similar result with the flight test data obtained from the
simulations using General Galerkin method.

Giles et al. (2008) dealt with the enhancement of aerodynamic performances of an
airfoil by using supersonic channel design. Numerical simulations were carried out to
obtain the aerodynamic performance of the NACA66-206 airfoil. The flow was
simulated in two- and three-dimensional at the free stream velocity range between
Mach 2.5 and Mach 3. It was obtained that the drag forces on the airfoil are reduced,
but the viscous loads are increased due to the increase over the fluid-solid interaction
surfaces. The lift forces of the supersonic channel airfoil were obtained to be
decreased with reference to the classical airfoil because of the reduction of the lifting
surfaces.

The effects of thermal loading on the aeroelastic characteristics of a NASP like
vertical fin were studied by Rodgers (1992). The result of the aerothermoelastic
simulations were compared to the supersonic wind tunnel test data. The reduction in
the stiffness of wing material at high temperatures caused a reduction in aeroelastic
characteristics. Thus, model frequencies were decreased.

Space shuttle wings under the thermal-structural loadings were investigated in the
study of Tamma et al. (1984). The finite element method was used to the exposed
temperature field obtained from the steady-state heat transfer problem. Various wing
configurations were investigated. It was demonstrated that the finite element
approach could be applied to the shuttle wings subjected to aerodynamic loadings.
This technique was considered as an efficient method for the thermomechanical

analysis of insulated wing structures.



Aerothermoelastic wings stability was discussed in the study of Polli et al. (2008).
The effect of the heat loads subjected to a sweep wing on the aerothermoelastic
response was aimed to be investigated. The analytical model was developed and the
exact solution was obtained. The results were conformed to the literature. It was
obtained that the aeroelastic characteristics are influenced by the heat load and the
heat induced the temperature distribution on the fin body.

In the study of Martinat et al. (2008), two- and three-dimensional simulations were
conducted to obtain the aerodynamic characteristics of NACA0012. The Reynolds
numbers in the simulations changed between 10° and 10°. The classical and the
advanced RANS methods were compared to investigate the effect of the turbulence
modelling performance. Comparisons made among the k-o SST, the k-¢ Chien and
the k-¢ OES turbulence models. The results showed that the k-o SST model gives the
most accurate result with a good prediction of aerodynamic coefficients during the
motion. This study also showed that the two-dimensional studies are useful for the
pre-design phase of the simulations and they could capture the structural dynamics in
a good agreement with the three-dimensional simulations.

In the past recent years, flow around airfoils and wing structures were simulated
numerically to obtain flow properties by Kurtulus et al. (2005; 2015; 2016). The
aeroelastic behavior of airfoils at supersonic speeds was investigated in studies of
Kayabasi et al. (2012) and Ozkokdemir et al. (2016; 2017).

One of the experimental studies about this research area was performed by Sheldahl
et al. (1981) from the Sandia National Laboratory. 152 mm and 381 mm chord
NACAOQ0012 airfoils were investigated experimentally and the drag and the lift
coefficients at Reynolds numbers range from 10* to 107 and at a=0° to a=180° were
measured.

In the study of Borovoy et al. (1993), the effect of heat transfer of various wing tip
configurations on the flow characteristic were investigated experimentally.
Configurations of various fins assembled to the wing tip were the main discussion in
this study. The wind tunnel tests were conducted under the flow condition of Mach 5
and Mach 8 and the order of Reynolds number was 10°. The test results showed that
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the flow separation on the interaction line between fin and wing initiates at o=5° and
it causes an increase of the heat and the pressure on the fin surface. Outside of the
interaction line, the bow and the normal shock waves were interacted with each
other. Therefore, refracted shock waves were formed. These refracted waves caused
an increase in heat transfer at the fin surface.

In the study of Alexander (1947), aerodynamic characteristics of a circular arc wing
and a NACA65-009 wing structure were investigated experimentally. The flight tests
were performed with the missile model equipped with these wings for the Mach
number range from 0.85 to 1.22. The flight velocity was measured by the radar
located at the ground. The drag force and the drag coefficient were calculated from
the values of temperature and static pressure obtained from the radiosonde
observations. The results showed that the drag coefficient of the NACA65-009 wing
is lower than that produced by the circular-arc wing and the difference in the
aerodynamic performance of two wings has maximum value near Mach 1. The
results of the study of Alexander (1947) for the flow simulation of Mach 1.19 are
used for the validation case of this thesis study. In another study of Alexander
(1947), in order to investigate the effect of the aspect ratio and the sweep angle of
these wing configurations were tested under the same flight conditions.

1.3. Motivation

The aim of this study is to investigate the effect of deformation on the aerodynamic
performance of a missile fin operates at supersonic speeds. In order to obtain this
effect, a methodology based on a series of CFD and FE simulations is used.

The methodology is applied to a NACA65-009 fin of missile model that is used in an
experimental study conducted by Alexander (1947) from the Langley Research
Center. This thesis study covers the numerical investigations that simulate the flight
test conditions.

The short-term transient response of aeroelastic fins is investigated in some studies in
the literature. To obtain long-term aero-elastic response of fins, it is seen that
transient solution are not efficient. In this study, it is aimed to obtain a fast prediction

of the solution with respect to other studies.
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The objective of the thesis study is to investigate the flexible missile fins at
supersonic speeds on the topic that is about the effect of deformation on the
aerodynamic fin performance.

In Chapter 2, information about the basic definition about the flow and the structural
problem and the methodology used in the numerical simulations are summarized.
Chapter 3 covers the grid refinement studies for the method validation. Additionally,
the turbulence models are discussed and the proper turbulence model is selected. The
results of CFD and FE simulations are demonstrated in Chapter 4. As a final section,

Chapter 5 includes the discussions about the result obtained in Chapter 4.
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CHAPTER 2

METHODOLOGY

Fin deformation is directly related to the external loads and its material properties. It
IS important that these two parameters be precisely defined. Aerodynamic loads over
the fin surface are obtained from the solution of the conservation equations under its
flight regime (flight speed, altitude etc.). In this study, they are obtained numerically
from the governing equations by using commercially available software. After
pressure and heat transfer parameters distribution over the body surface are
calculated, they are used for determining the deformation in the finite element model.
Ansys Fluent and Abaqus are used for calculation of the flow and the structural
problem, respectively.

2.1. Basic Definitions

Aerodynamic loads on fins shown in Figure 2 are due to two basic sources; pressure,
P, acting normal to the surface of a body and shear stress, t, tangential to the surface.
The fluid pressure is due to the movement of the fluid over the body acts normal to
the fin surface. On the other hand, the shear stress acts tangential to the surface can

result only from the viscosity.

Figure 2. Resultant aerodynamic force and the components
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The geometrical relation of these components is given in Equation (1) and Equation

(2).
F. = Fy cos(a) — F, sin(a) Q)

Fp = Fy sin(a) + F, cos(a) (2

If the pressure and the shear stress integrate from the leading edge to the trailing edge
on both upper and lower surface of fin, the aerodynamic moments could be obtained.
The aerodynamic moment on a fin depends on the point about moments are taken.

The drag (Cp) and the lift (CL) coefficients are aerodynamic coefficients and they
define the aerodynamic wing performance. For 3D simulations, these coefficients are

given in Equation (3) and Equation (4).

C Fp
D= 3
%pUéS @)

Fy
%pUEOS ( )

For 2D simulations, the lift and drag coefficients are given by Equation (5) and

Equation (6), respectively.
Fq

Cd = 5
%pUﬁoc ©)
F
G=7— (6)
7pUéc

The compressive effects become dominant from the sonic speed to the supersonic
speed. In supersonic regimes, there is a region formed near the body wall called the
boundary layer. The flow speed decreases and becomes zero at the body wall due to
the no slip condition on the wall. In the boundary layer, decreasing in the kinetic

energy of the fluid causes an increase in heat energy and the temperature is driven by

12



the combined mechanism of the frictional dissipation and the thermal conduction.

The velocity and the temperature profiles in this layer are given in Figure 3.

Thermal
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Figure 3. Velocity and temperature profile inside the boundary layer

The shear stress at the fin wall given in Equation (7) is dictated by the slope of
velocity profile at the wall. The slope of temperature profile is also very important

because it governs the aerodynamic heating at the fin wall given in Equation (8).

wenly) 7

aw = —(T) ®
dy y=0
In order to obtain the motion of the fluid, the fluid domain induced an infinitesimal
control volume given in Figure 4. Mass, momentum and energy balance equations
for the suitable type of flow (unsteady, viscous, compressible etc.) are applied to the
control volume then the solution for the control volume is applied whole fluid

domain. These balance equations are also called the conservation equations.
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Figure 4. Control volume
The steady, viscous and three-dimensional conservation equations for the

compressible fluid are given between Equation (9) and Equation (13).

div(pu) = 0 9)

. dp .
div(puu) = — I + div(pu grad u) (10)

: dp = .
div(pvu) = — a_y + div(p grad v) (11)

: dp = .
div(pwu) = — 55t div(p grad w) (12)
div(piu) = —pdivu + div(kgrad T) + ® (13)

The conservation equations represent the basic physical fundamentals that dictate the
air flow characteristics. In this study they must be solved for the flow properties over
fins under the supersonic flow condition. The solution of the conservation equations
can be conducted in two different ways; analytical or numerical.

The governing equations of the flow problem are highly nonlinear, partial different

or integral equations. So there are no analytical solutions that solve these equations
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exactly. The analytical approach simplifies the governing equations and the resulting
simplified equations become linear and can be solved analytically. This approach
provides simple tools for rapid and approximate calculations. It is generally used in
the preliminary design phase.

The numerical solution is another general approach for solving the conservation
equations. The integrals and partial derivatives in these equations are discretized to
an algebraic form and they solved at discrete time points and positions. This process
is the main subject of the computational fluid dynamics. In this thesis work, the well-
known commercial computational fluid dynamic software, Ansys Fluent, is used for
solving conservation equations by using the finite volume technique with the
SIMPLE-type fully implicit algorithm.

The random behavior of the turbulent flow is obtained by solving the turbulence
equations with various turbulence models, such as Spalart-Allmaras, k-¢, k-o and
Reynolds stress model. The detail information about these turbulence models could
be found in Versteeg et al. (2007). In this thesis study, only k-¢ and k- models are
investigated. The turbulence kinetic energy (k), dissipation rate (g) and turbulence
frequency (o) equations for these models are given between Equation (14) and
Equation (17).

e Kk-¢ turbulence model;

d(pk
% + div(pkU) = div[py grad(k)] + 2p,S;;. Si; — pe (14)
d(pe) He € g2
—~ i = div =~ — .G — — 15
— + div(pel) = div [ - grad(s)] L4208y S5 — 1.92p (15)

e k-m turbulence model;

d(pk) : Y He
—c + div(pkU) = div [(u + ?) grad(k)] + Py — 0.09pkw "

37 0%

2y,
where Pk = ZutSU Sl] - _pk_81]
]
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d(pw)
ot

+ div(pwU) = div [(u + %) grad(w)] + P, — 0.075pw?

29U
30(1) aX] 1

(17
where Pu) = 0.553 (2951151] -

After the flow properties such as pressure and heat transfer parameters over the
structural body are calculated, the body must be investigated in detail by using the
finite element technique. In this technique, whole body is modeled by the small
pieces of structure called the finite element shown in Figure 5. The basic equations of
solid mechanics are written for each piece of structure then they are solved
numerically. The deformed body shape under the aerodynamic loads could be
defined by three displacement components in three directions. Each of the
displacement components is a function of coordinates. The strain generated in the
body could be expressed in terms of the displacement components. The strain-
displacement relations for three-dimensional problems are defined as in Equation
(18).
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Figure 5. Stresses on a finite element
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For linear isotropic 3D solids, the stress-strain relations called Hooke’s law are given

in Equation (19).

r1—v

\Y
Oy v
Oy
o, | _ E 0
Ty [ (1+v)(1—2v)
Tyz 0

)
0

v 0
Y 0
1—v 0
0 1(1 —2v)
2
0 0
0 0
{o} = [E){e}

o o oo

Yxy
Yyz
YZX

(19)

According the conservation of momentum, the body must be in equilibrium. The

equilibrium means that the externally applied loads on the body and the internal

stresses developed by the loads must be in balance. The equations of equilibrium are

given in Equation (20).

i 0 0 i 0 i Oy
0x dy 0z| | o
0 L9 20 OJaZl EX—O dT b} = {0 20
ay Ix 0z ‘[xy by - {8] [ ] {G} { }_{ } ( )
d a 0 lTJ/ZJ z
0 a 0 a—y a_X Tyx

In order to obtain the solution of structural part, the number of governing equations
and unknowns should be satisfied. It is seen between Equation (19) and Equation

(21) that there are fifteen equations and fifteen unknowns (u,v,w, &x, €y ,&z, Yxy, Vyz,
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Yzx, Ox, Oy, Oz, Txy, Tyzand T z), SO the problem is solvable. The deformed shape of
the body could be obtained from the displacements in the solution of these equations.
2.2. Procedure of the Method

In order to obtain the effect of deformation on the aerodynamic performance, the
methodology given in Figure 6 is used. The methodology is based on a series of
conjugate CFD simulations and thermo-mechanic FE simulations.

In the CFD simulations, Ansys Fluent that uses the fully implicit finite volume
method is used to solve the conservation equations. On the other hand, Abaqus
Standard is used for simulating the load cases to obtain the structural deformation by
using the finite element technique.

The interaction between the CFD and the FE simulations are done manually. The
aerodynamic loads are exported from the flow simulations and they are applied to the
finite element model as boundary conditions. After solving the structural simulations,
the deformation is obtained and flow simulations are repeated with the revised flow
domain that includes the deformed body.

The procedure of the method includes four main steps;

e In the first step, the steady flow simulations are carried out for the certain
flow condition (constant Mach number, altitude and «). The aerodynamic
loads, such as pressure and thermal loads are calculated by using the finite
volume technique. In the flow simulations, the grid is also generated inside
the solid region for the conjugate solution. Thus, the transferred heat through
the solid region could be calculated. By solving the flow problem, the
aerodynamic forces are also calculated and these are used for obtaining the
aerodynamic coefficients. In order to get correct solution of the flow problem,
these coefficients must be compared to the experimental data conducted for
the same flow conditions. The flow simulations in the first step are continued
until the valid result is obtained. After obtaining the similar result with the
experimental data, the aerodynamic loads generated on the wetted areas are

transferred to the finite element model as a boundary condition.
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In the second step, the thermal loads, such as heat transfer coefficient and
sink temperature distributions calculated at the wetted surfaces are applied to
the thermal FE model to obtain the body temperatures. In the thermal FE
simulations, all surfaces except the wetted surfaces are assumed to be
adiabatic; so, no heat transfer calculation is made at these surfaces. Second
step of the procedure could be skipped by using the body temperatures
exported from the CFD simulations directly. Because of the huge mapping
time and the possibility of making mistakes during mapping process, this
option is not selected.

In the third step, the grid generated for the thermal FE simulations are used
by changing element type to the 3D stress element. The deformation is
calculated by using the temperature distribution obtained from the second
step in addition to the pressure distribution obtained from the CFD
simulations. In the structural FE model, the combined effect of the
aerodynamic pressure and the thermal stress due to the temperature
distribution over the body on the deformation is obtained.

In the fourth and last step, the flow domain is revised with the deformed body
obtained from the previous step. The boundary layer is recreated in
accordance with the deformed body while exterior dimensions of the flow
domain remain the same. The change in the aerodynamic coefficients for the
deformed and the undeformed body shows the effect of deformation on the

aerodynamic performance.

The detailed information about elements and fluid properties in the simulations is

given in the following chapters.
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Solve the flow problem in order to obtain the thermal loads, pressure
distribution and Cp-C; values

Change the boundary layer mesh
and control v+ values

Are Cp-Cp values
validated with the
test result?

Yes

!

Apply thermal loads on the structural model and obtain the temperature
distribution

Obtain the wing deformation by using temperature distribution
in addition to pressure distribution

Figure 6. Procedure of the method
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CHAPTER 4

VALIDATION STUDIES

The validation case study for the grid refinement and the turbulence model selection
are discussed in this chapter.

3.1. Simulation Models

A symmetrical wing based on 245mm chord with NACA65-009 airfoil is selected as
a validation case. Coordinates of the NACA65-009 airfoil surface are obtained from
Abbott (1945) and the chapter is shown in Figure 7.

The aerodynamic coefficients obtained from the flight test conducted by Alexander
(1947) are compared with the flow simulations in this thesis study. In the
experimental study of Alexander (1947), a missile model equipped with a NACA65-
009 fin/wing is tested at the supersonic speed from Mach 0.85 to Mach 1.22. Inside
of the missile model; there is no frame and plate to enhance the stiffness of the
system. Thus, the missile body is modelled as a hollow cylinder in the simulations.
The altitude and Reynolds level at the flight test is not stated in the test report.
Therefore, the flow properties are taken at the sea level conditions for all flow

simulations. Figure 8 demonstrates the flight test model.
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Figure 7. NACA 65-009 airfoil
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Figure 8. Flight test model by the Langley Laboratory, by Alexander (1947)

Two- and three-dimensional numerical simulations are categorized into three main
groups in which the two-dimensional simulations are carried out in order to validate
the method and three-dimensional simulations are carried out for investigating the

effect of deformation

1. NACA airfoil configuration (2D)
2. NACA clean wing configuration (3D)
3. Missile body equipped with NACA wing configuration (3D)
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3.1.1. CFD Simulation Models
The two- and three-dimensional flow domains given in Figure 9 and Figure 10 are
used for the CFD simulations. It is shown in these figures that the inlet section of the
domain is defined as the pressure far field boundary condition and the pressure outlet

Is used at the outlet region. The exterior surface of the airfoil and the fin is defined as
the two-sided wall boundary conditions.
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Figure 9. Two-dimensional flow domain and boundary conditions
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Figure 10. Three-dimensional flow domain and boundary conditions
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The boundary conditions defined are summarized as follows;

Pressure far field condition: The pressure far field boundary condition is a

non-reflecting boundary condition based on the Riemann invariants given in
Equation (21) and Equation (22). By using these invariants, the normal
velocity and the sound speed applied on the boundary given in Equation (23)
and Equation (24) could be calculated. Using these values velocity,

temperature and pressure at the boundary face could be calculated.

szlhm-zaw (21)
' Ye— 1

Rizunr—Jﬁi— (22)
Ty —1

Uy = %(Ri +Ro) 23)

a:wllmr4%) (24)

Pressure outlet condition: The boundary condition pressure is used as the

static pressure of the fluid at the outlet plane and it is extrapolated all other
conditions from the interior of the domain.
2. 0.5(P. + P,)A¢

Pr=0.5(P. + Po) + [P. — A

(25)

Symmetry condition: A zero flux of all quantities no convective flux across a

symmetry boundary is assumed. Therefore, the normal velocity component at

the symmetry plane is zero.

U, = 0 atthe symmetry boundary (26)
d¥
b 0 atthe symmetry boundary (27)

Two-sided wall condition: The wall zone is assumed to have a fluid or solid

region on each side. The shear stress and the velocity magnitude at the wall is

zero because of the no slip conditions. The law of the wall for temperature
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derived from the analogy between the heat and the momentum transfer is
used for calculating the heat transfer coefficient. The detail information about

the analogy could be found in the documentation of Ansys Fluent ri5.

T, = 0and U = 0 at the wall (28)

QW = hW(Tf - Tw) (29)

In the flow simulations, the pressure-based segregated algorithm in which the
pressure equation is derived from the continuity and the momentum equations and
these equations are solved sequentially. The fluid is assumed to be the ideal gas, so
the fluid density is calculated from the ideal gas law for compressible flows that is
given in Equation 30. Another physical property of the fluid is the viscosity that is
obtained from the kinetic theory by Sutherland (1893) and given in Equation 31.
B Pop + Py

30
oot (30)
T \Z 38367
2
) By : (31)
h=1716x10 (273.11) T +110.56

Isentropic relations in Anderson (2017) are used to calculate the total/static
temperatures and pressures for a certain free stream velocity. The altitude of the
flight test data was not available, so, the flow properties are taken at sea level
conditions and 0=0°. The transferred heat from the fluid region to the solid region is
calculated by performing conjugate solution. Simulations have been stopped until all
of the residuals have reached a value below 107.

3.1.2. FE Simulation Models

The FE simulations are carried out only for the three-dimensional model because the
deformation is investigated only for the three-dimensional simulations. The structural
deformation is calculated by using FE models demonstrated in Figure 11 and Figure
12.
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Figure 11. FE simulation of the clean wing configuration

- Aerodynamic Loads
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Figure 12. FE simulation of the full model configuration
As shown in Figure 11 and Figure 12, the FE model is constrained only in the
symmetry plane. No translational and rotational motions are allowed in the normal
direction to that plane. In order to simulate the flight condition, the fixed constraint
boundary condition except the symmetry condition could not be modelled. The FE
simulations are performed by the inertia relief technique that involves balancing

externally applied forces on a free or partially constrained body with the loads
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derived from constant rigid body acceleration. The inertia forces of the body are
included in the structural simulation that balances the aerodynamic loading. The
detail information about the inertia relief simulations could be found in the theory
manual of the Abaqus r6.13 from DS Simulia (2013).

The FE model is a section of the flight test model in the study of Alexander (1947).
The missile body and the wing are both deformable and made by aluminum 2000
series and the material properties are given in Table 2. The reduction on the elasticity
of aluminum material is modelled in the FE simulations to get correct deformations.
In order to obtain the percent reduction of the elasticity of the aluminum 2000 series,
the material characterization tests are performed at the Atilim University Metal
Forming Center of Excellence. The detailed information about these tests is given in

Appendix A.

Table 2. Mechanical and thermal properties of aluminum 2000 series

Property Value
Density (kg/m?) 2770
Young Modulus (MPa) 72814*
Poisson Ratio 0.33
Expansion (1/°C) 2.2x10°
Conductivity (W/m.K) 120
Specific Heat (J/kg.K) 900
* Nominal value; it is defined by changing with the

temperature

3.2. Grid Refinement Study

In this section, the detail of the grid refinement studies of the CFD and the FE

simulations are discussed separately.

3.2.1. Grid Refinement for the CFD Simulations

For the grid refinement study for the CFD simulations, the two- and three-

dimensional flow domain given in Figure 9 and Figure 10 are used. In the three-

dimensional flow domain, the grid generated inside the boundary layer is composed

of the structured elements and the unstructured elements are generated outside of the

boundary layer. For the two-dimensional flow simulations, the quadrilateral grid
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structure is used in every section in the domain. The grid element types used in the

CFD simulations are shown in Figure 13.
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Figure 13. Element types used in the CFD simulations

The grid is also generated inside of the airfoil for the two-dimensional simulations
and fin body for the three-dimensional simulations to perform the conjugate solution.
The y+ values inside the boundary layer are about 1 for all meshes for two- and
three-dimensional flow simulations. The grid generated for all mesh levels are shown
in Figure 14 and Figure 15. The numbers of elements generated for the grid
refinement study are presented in Table 3

Table 3. Grid refinement study for the CFD simulations

Mesh Level # of Elements
Coarse mesh (2D) 746 936
Medium mesh (2D) 1685 730
Fine mesh (2D) 2 326 766
Wing Coarse Mesh (3D) 7 475 146
Wing Medium Mesh (3D) 11197 318
Wing Fine Mesh (3D) 15 586 768

28



Figure 14. Grid levels for the 2D flow simulations
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Figure 15. Grid levels for 3D flow simulations
In order to make comparisons with the flight test data, the two- and three-
dimensional grid refinement studies are performed only for M=1.19. The comparison
of the total drag coefficients for different grid levels is shown in Figure 16 and
Figure 18, respectively. The total drag coefficient is the summation of the pressure
drag and the viscous drag coefficients shown in Figure 17 and Figure 19. The results
showed that the solutions for medium and fine meshes of two- and three-dimensional
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simulations are very close to each other. So, all of the simulations are performed with

medium meshes.
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Figure 16. Total drag coefficient of airfoil for different meshes
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Figure 17. Pressure and viscous drag coefficient of airfoil for different meshes
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Figure 18. Total drag coefficient of wing for different meshes

0.066 0.0061

+3D-Cd_p m3D-Cd_v

0.0058
0.064
0.0055
0.062 -
*
0.0052
Cy
p
006 o . Cav
0.0049
0.058
* . 0.0046
0.056
0.0043
0.054 0.004
Coarse Mesh (2D) Medium Mesh (2D) Fine Mesh (2D)

Mesh Level

Figure 19. Pressure and viscous drag coefficient of wing for different meshes
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3.2.2. Grid Refinement for the FE Simulations

The grid refinement study of FE simulations are carried out with the three-
dimensional models shown in Figure 11 and Figure 12. In the FE grids generated,
both 8-node hexahedral and 4-node tetrahedral stress elements given in Figure 20 are
used to construct the structural models.
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------ face 4 face 3
5 st 6 face 4 face 2
A
N 3
1 - 2 1 g
8 - node element 4 - node element

Figure 20. 3D stress elements for FE simulations
To obtain the correct grid level for the FE simulations, three different grids shown in
Figure 21 and Figure 22 are generated. Table 4 demonstrates the number of elements

for the corresponding grid level.
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Figure 21. Grid levels for the FE simulations of the clean wing configuration
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Figure 22. Grid levels for the FE simulations of the full model configuration

Table 4. Grid refinement study for the FE simulations

Mesh Level # of Elements
Coarse mesh (Case-1) 30496
Medium mesh (Case-1) 73032
Fine mesh (Case-1) 234232
Coarse mesh (Case-2) 284789
Medium mesh (Case-2) 692039
Fine mesh (Case-2) 1743938

The sufficiency of the refinement of FE grid is controlled by making comparison of
the resultant forces in the FE model with those in the CFD model. Table 5 shows the
resultant force comparisons of CFD and FE simulations. According to Table 5, the
resultant forces obtained for the fine and the medium grid levels are very similar.

Therefore, the remaining study is carried out with the medium grid.
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Table 5. Grid refinement study for FE simulations

Mesh CFD Resultant FE Resultant  Difference

Conf. Level Force (N) Force (N) %
Clean Wing  Coarse mesh 1038.4 963.7 7.2
Clean Wing  Medium mesh 965.6 933.7 3.3
Clean Wing Fine mesh 959.4 9354 2.5
Full Model =~ Coarse Mesh 1023.7 959.2 6.3
Full Model Medium Mesh 951.8 929.0 2.4
Full Model Fine Mesh 945.7 925.9 2.1

3.3. Turbulence Models

The effect of the turbulence model on the flow characteristics is simulated in four
different turbulence models; Standard/Realizable k-¢ model and Standard/SST k-
model. In this section, the flow simulations are solved only for the two-dimensional
airfoil at Mach 1.19 and o=0°. It is assumed that the results are applicable for the
three-dimensional simulations. Each of the models is used in the same flow condition
and the detail of the boundary conditions are given in Chapter 3.1.

The effect of the turbulence method on the aerodynamic performance or the total
drag coefficient is given in Figure 23. According to the Figure 23, the result for SST
k-o turbulence model is more suitable result for the flight test data.

Turbulence models are also investigated in many numerical studies in literature. In
the study of Martinat et al. (2008), comparisons made between k- SST, k-¢ Chien
and k-¢ OES turbulence model to investigate the effect of turbulence modelling
performance. It was obtained that k- SST model gives the most accurate results
with a good prediction of the aerodynamic coefficients during the motion. D. C.
Eleni et al. (2012) investigated the behavior of the airfoil at different conditions and
to establish a verified solution method in their study. It was obtained that the most
accurate model is k-o SST model, second come the Spalart - Allmaras and latest in
precision is the Realizable k-¢.

In the PhD thesis of Lillard (2011), the turbulence modelling for the shock wave and

the turbulent boundary layer interactions is investigated. According to the results, it
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Is stated that the Spalart — Allmaras and the k- SST models predict the pressure
peak in the shock wave very well.
In the view of such information, the SST k-o turbulence model is used in the

remaining study.
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Figure 23. Total drag coefficient of airfoil for different turbulence model (M=1.19)
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CHAPTER 5

RESULTS OF THE NUMERICAL SIMULATIONS

In this chapter, the results of two and three-dimensional simulations are presented.
The 2D simulations are carried out for the method validation in order to investigate
how the flow properties, such as heat loads and pressure, are affected by the change
of the free stream velocity. Thus, the deformation is not calculated in the 2D
simulations. The effect of the fin deformation is taken into account in the flow
problem in the 3D simulations that are divided into two main groups. In the first
group, the flow over a 3D NACA 65-009 wing body is modelled. The effect of the
missile body is included in the flow simulations in the second group of the 3D
simulations.

4.1. Simulations for the 2D NACA 65-009 Airfoil

In the two-dimensional simulations of NACA 65-009 airfoil, the solution method
defined is aimed to be validated. The quasi-steady simulations are carried out for the
Mach number of 1.19, 2 and 2.5 at a=0° and Reynolds number of 10°. The 2D
medium level mesh given in Figure 14 is used in the 2D flow simulations.

The contours of the flow properties that are the static pressure, the static temperature
and the velocity distribution over the flow domain are demonstrated between Figure
24 and Figure 32. Also the external loads (static pressure, static temperature and heat
transfer coefficient) exerted on the wing surfaces are calculated from the leading
edge to the trailing edge and they are demonstrated from Figure 33 to Figure 35.

It is seen that the static temperature and the static pressure decrease along the wing
surface. Approximately 80% of the thermal loading acts on the wing surfaces are
placed near leading edge. Therefore, it is expected that the temperature difference
between the leading edge and the other sections on the airfoil is considerably high
and this difference could cause the thermal stress that is investigated in the 3D

simulations.
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An increase in the flow speed at a point on airfoil surface causes an increase in the
external loads calculated at the same point but the heat transfer coefficient has a
random behavior near the leading and the trailing edge. The main reason of the
oscillation on that location is due to the instability of the flow speed. Because of the
relation between the heat transfer coefficient and the flow speed, the thermal loads
oscillate at that location.

Static Presure [Pa] Mach 1.19

Figure 24. Static pressure contours for Mach 1.19 (2D-Airfoil conf.)
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Static Presure [Pa] Mach 2

Figure 25. Static pressure contours for Mach 2 (2D-Airfoil conf.)

Static Presure [Pa] Mach 2.5

Figure 26. Static pressure contours for Mach 2.5 (2D-Airfoil conf.)
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Static Temperature [K] Mach 1.18

Figure 27. Static temperature contours for Mach 1.19 (2D-Airfoil conf.)

Static Temperature [K] Mach 2

Figure 28. Static temperature contours for Mach 2 (2D-Airfoil conf.)
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Static Temperature [K] Mach 2.5

Figure 29. Static temperature contours for Mach 2.5 (2D-Airfoil conf.)

Velocity [Mach] Mach 1.19

Figure 30. Mach number contours for Mach 1.19 (2D-Airfoil conf.)
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Velocity [Mach] Mach 2

Figure 31. Mach number contours for Mach 2 (2D-Airfoil conf.)

Velocity [Mach] Mach 2.5

Figure 32. Mach number contours for Mach 2.5 (2D-Airfoil conf.)
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Figure 33. Static pressure distribution over the airfoil surface
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Figure 34. Heat transfer coefficient distribution over the airfoil surface
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Figure 35. Static temperature distribution over the airfoil surface
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Figure 36. Drag coefficients for different Mach numbers
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Figure 37. Pressure coefficients for different Mach numbers

The change of the drag coefficient and the pressure coefficient with the flow speed is
presented in Figure 36 and Figure 37, respectively. The effect of the missile body
and the three-dimensional flow effect at the wing tip and the wing root sections could

not be modelled in the two-dimensional simulations. This is the main reason of the
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difference that is about 8.5% in drag coefficients given in Figure 36 between the
flight test and the two-dimensional flow simulations. According to Figure 37, the
pressure coefficient distribution at upper and lower surface of the wing is almost the
same for all free stream velocities. As a result of that, the lift coefficient of the wing
becomes zero.

4.2. Simulations for the 3D NACA 65-009 Wing

In the two-dimensional simulation, the effect of the wing tip and the three-
dimensional behavior of the fluid on the wing could not be simulated. Therefore, the
three-dimensional simulations of the NACA 65-009 wing are carried out to solve the
flow problem more realistic.

This section covers the numerical simulations that include flow simulations and FE
simulations. In the first part three-dimensional NACA 65-009 wing simulations, the
flow problem has been solved for three different Mach numbers at o=0° and
Reynolds number of 108 as given in Chapter 3.1. The flow domain used for the flow

simulations in this section is shown in Figure 38.

Figure 38. Flow domain used for the simulations of the 3D NACA 65-009 wing
The contour plots of the flow properties of the three-dimensional flow domain given
from Figure 39 to Figure 47 are compared for different free stream velocities. The
upper and the lower fin surfaces are demonstrated separately in these figures.
According to the results, it is seen that an increase in flow speeds causes an increase
in the amount of energy transformation from the kinetic energy to the heat energy.

Also a smaller shock wave distance at the leading edge is formed by increasing the
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flow speed. Therefore, the values of temperature near the leading edge are increased
more than the other part of the wing. These values become important when the free

stream velocity is reached Mach 2.

Static Pressure [Pa] Mach 1.19
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Figure 39. Static pressure contours for Mach 1.19 (3D-Clean wing conf.)
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Figure 40. Static pressure contours for Mach 2 (3D-Clean wing conf.)

Static Pressure [Pa] Mach 2.5

Figure 41. Static pressure contours for Mach 2.5 (3D-Clean wing conf.)

46



Static Temperature [K] Mach 1.19

Figure 42. Static temperature contours for Mach 1.19 (3D-Clean wing conf.)

Static Temperature [K] Mach 2

Figure 43. Static temperature contours for Mach 2 (3D-Clean wing conf.)

Static Temperature [K] Mach 2.5

Figure 44. Static temperature contours for Mach 2.5 (3D-Clean wing conf.)
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Velocity [Mach] Mach 1.19

Figure 45. Mach number contours for Mach 1.19 (3D-Clean wing conf.)

Velocity [Mach] Mach 2

Figure 46. Mach number contours for Mach 2 (3D-Clean wing conf.)

Velocity [Mach] Mach 2.5

Figure 47. Mach number contours for Mach 2.5 (3D-Clean wing conf.)
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The pressure distribution around the wing body is localized by increasing the free
stream velocity. Due to the compression of the high speed flow, the pressure values
get changed rapidly.

The variations of the total drag coefficient with the free stream velocities are
presented in Figure 48. It is clearly seen in the figure that the drag coefficient is
decreasing with the free stream velocity. By modelling the fin in three-dimensional
form, the difference between the numerical simulation and the test data is decreased
from 8.5% to 6.4%. In Figure 49 and Figure 50, the pressure coefficient distributions
along chord at 33% and 67% span are shown. The values of the pressure coefficient
decreases by increasing the free stream velocity. The pressure distribution is similar
at upper and lower wing surfaces for the both sections at 33% and 67% span.

Figure 51 shows that the maximum wall temperature and static pressure on the fin
varies with the free stream velocity. The maximum temperature and pressure values

for all free stream velocities are placed on the leading edge.
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Figure 48. Drag coefficients for different free stream velocities (3D-Clean wing

conf.)
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Figure 49. Cp distribution at 33% wing span (3D-Clean wing conf.)
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Figure 50. Cp distribution at 67% wing span(3D-Clean wing conf.)
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Figure 51. Variation of the maximum temperature and pressure on the wing surface

In order to solve the structural deformation, the external loads from the flow
simulation are transferred to the FE model given in Figure 52. In the FE simulation
of this configuration, the external loads are mapped to only the wetted surface on the

wing as shown in Figure 53.

Solid Model
AR=2.67

@127

*All dimensions are given inmm

Finite Element Model

Figure 52. The FE model used to obtain the structural deformation
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Aerodynamic
Loads

Figure 53. External loads applied on the FE model

The maximum wing displacement changes with the flow speed and it is shown in
Table 6. According to the Table 6, the deformation on the fin/body configuration
calculated by using the external loads obtained from the free stream Mach 1.19 and 2
are relatively small and considered to be negligible. Therefore, the deformation is
modelled only for the case for the free stream Mach 2.5. Figure 54 shows the

deformations for the free stream Mach 2.5.

Table 6. Deformations on wing body for different Mach number

Free Stream Velocity = Max. Deformation on Wing Tip

(Mach) (mm)
1.19 0.34
2 1.22
2.5 3.85
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U, Magnitude
3.85

<

Figure 54. Deformation contours on wing body for Mach 2.5 (mm)

In order to investigate the effect of deformation, the flow simulation is repeated with
the deformed wing model obtained from the FE simulation. In Abaqus r6.13, the
deformed grid could be exported as the orphan mesh that includes only the grid
information without any geometrical data. The deformed model is used for
reproducing the flow domain.

Figure 55 shows the comparison of the flow domain of the deformed and the
undeformed model for the free stream Mach 2.5. After modelling the flow domain
with the deformed wing, the CFD simulation is conducted with the same solution
setup used for the undeformed simulation.
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Figure 55. Deformed and undeformed wing CFD model for Mach 2.5

The effect of the deformation on the drag coefficient is demonstrated in Table 7. As
shown in Table 7, the wing drag coefficient is increased with deformation by 5.1%.
The pressure coefficient distribution is presented at 33% span and 67% span in
Figure 56. According to this figure, the pressure coefficient along the chord obtained
for the deformed body is more than that obtained for the undeformed wing body.
This difference explains the increasing in the aerodynamic coefficients.

From the solution of the deformed CFD simulations, the aerodynamic coefficients
are calculated to compare the effect of the deformation on the aerodynamic
performance. The flow properties of the deformed and the undeformed wings are
compared between Figure 57 and Figure 59 are compared to the results of
undeformed wing. According to these figures, temperature and Mach number
distributions around the leading edge has a small difference because of the wing

deformation.
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Table 7. Wing drag coefficient (Cp) for deformed and undeformed wing

Undeformed Deformed Percent
Wing Wing Change [%]
Co 0.059 0.062 5.1

-2.00
180 —Undeformed-33% span
- —— Undeformed-67% span
-1.60 Deformed-33% span
_LE70,
4.40 1 Deformed-67% span
-1.20 -
Cp 1.00
-0.80 |
-0.60 -
040 |
0.20 ——%ﬁ_
0.00 T
0.00 005 010 015 020 025
X (m)

Figure 56. Cp distribution for undeformed wing at 33% and 67% span

Static Pressure [Pa] Undeformed | Static Pressure [Pa] Deformed

Figure 57. Static pressure contours of undeformed and deformed wings (M=2.5)
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Static Temperature [K] Deformed

Undeformed |Static Temperature [K]

Velocity [Mach] Undeformed | Velocity [Mach] Deformed

Figure 59. Mach number contours of undeformed and deformed wings(M=2.5)

4.3. Simulations for the Missile Equipped with 3D NACA65-009 Wing

The two and three-dimensional flow problems are investigated in Chapter 4.1 and
Chapter 4.2. According to these simulations, the behavior of the flow on the wing
surface is predictable. By the way, the model used includes only the wing section, so
these results are only valid for the flow properties around the wing section.

In this chapter, the effect of the missile body and the body-wing interaction on the
flow characteristics is incorporated into the flow problem. The same procedure given
in Figure 6 is followed in order to obtain the effect of deformation.

In the CFD simulations discussed in this chapter, the missile and the wing bodies are
modelled in detail. In order to solve the flow problem, the flow domain given in
Figure 60 is used. The medium level mesh for the missile and the wing bodies
demonstrated in Chapter 3.2.1 is used. The boundary layer is modelled in all fluid-
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solid interaction surfaces. The solid region is also meshed in order to perform the
conjugate heat transfer problem.

R=5¢ —\ I i
i
e
\_ Rese — =
X -

Figure 60. Flow domain for the missile equipped with NACA65-009 wing

The CFD simulations are carried out for the three different free stream velocities.
The solver setup remains the same as those in the simulations given in Chapter 4.2.
The contours of the flow properties are shown between Figure 61 and Figure 69.
According to the results, the solution of the flow problem around the wing is similar
to the solution given in Chapter 4.2 except the wing root region. In this region, there
are local sections that the wall temperature is hot due to the stagnation of the flow.

Static Pressure [Pa] Mach 1.19

Figure 61. Static pressure contours for Mach 1.19 (3D-Full model conf.)
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Static Pressure [Pa] Mach 2

Figure 62. Static pressure contours for Mach 2 (3D-Full model conf.)

Static Pressure [Pa] Mach 2.5

Figure 63. Static pressure contours for Mach 2.5 (3D-Full model conf.)

Static Temperature [K] Mach 1.19

Figure 64. Static temperature contours for Mach 1.19 (3D-Full model conf.)
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Static Temperature [K]

Mach 2

Figure 65. Static temperature contours for Mach 2 (3D-Full model conf.)

Static Temperature [K]

Mach 2.5

Figure 66. Static temperature contours for Mach 2.5 (3D-Full model conf.)
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Figure 67. Mach number contours for Mach 1.19 (3D-Full model conf.)

59



Velocity [Mach] Mach 2

Figure 68. Mach number contours for Mach 2 (3D-Full model conf.)

Velocity [Mach] Mach 2.5

Figure 69. Mach number contours for Mach 2.5 (3D-Full model conf.)

The wing drag coefficient is calculated at each free stream velocities and the
variation is plotted in Figure 70. Figure 70 shows that the missile body is affected to
the wing drag coefficient because the difference between the wing drag coefficient
obtained from the numerical simulation and that obtained from the flight test is
decreased to 1.7%. Thus, more realistic solution is obtained for the flow problem.

In Figure 71 and Figure 72, pressure coefficient distributions along chord at 33% and
67% span are shown. The pressure coefficient is distributed similarly at upper and
lower wing surface; therefore, no lift is obtained on the wing body. It is seen in
Figure 71 and Figure 72 that small oscillations could be occurred because of the

increase in the instability at the region behind the shock wave.
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Figure 70. Drag coefficients for different free stream velocities (3D-Missile&Wing

Conf.)
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Figure 71. Cp distribution at 33% wing span (3D-Missile&Wing Conf.)
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Figure 72. Cp distribution at 67% wing span (3D-Missile&Wing Conf.)

The maximum wall temperature on the wing is obtained on the leading edge at the
wing root section. The change of maximum wall temperature and pressure with
different free stream velocities are demonstrates in Figure 73. The missile body has a
small effect on the maximum wall temperature of the leading edge. Because the
values of wall temperature and pressure values given in Figure 73 is quite similar to

those values given in Figure 51.
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Figure 73. Variation of maximum temperature and pressure on the wing surface

62



The external loads obtained from the solution of the CFD simulations are transferred
to the FE simulations. The FE simulations are conducted by the FE model given in
Figure 74. In the FE model, the external loads are applied to the missile body in
addition to the wing surfaces. Figure 75 demonstrates the boundary conditions
applied. In Chapter 3.1.2, the simulation technique and the solver setup used in

Abaqus Standard are given in detail.

Solid Model

g

/ I ‘b
Finite Element Model

Figure 74. Finite element model of the missile with NACA wing

Aerodynamic
Loads

Figure 75. External loads applied on the FE model of the missile with NACA wing
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Table 8. Deformations on the wing body for different Mach number

Free Stream Velocity Max. Deformation on the Wing Tip
(Mach) (mm)
1.19 0.62
2 2.03
2.5 3.96

U, Magnitude

6.46
5.95
5.44
4.92
4.41
3.90
3.38
2.87
2.36
1.84
1.33
0.82
0.31
3.96
3.65
3.35
3.04
2.74
2.44
2.13
1.83
1.52
1.22
0.91
0.61
0.31

Figure 76. Deformations of deformed body at free stream Mach number of 2.5

The results of the FE simulations given in Table 8 show that the maximum
deformation on the FE model is placed on the missile nose and the wing tip and the
maximum wing displacement changes with the free stream velocity.
According to the results, the wing tip deformation for the free stream Mach 1.19 and
2 are relatively small; so, it is neglected. For the case of the free stream Mach 2.5, the
maximum wing tip deformation is used for investigating the effect of the
deformation. Figure 76 shows the deformations on the missile body and wing at the
free stream Mach 2.5.
The deformed model that includes the deformed wing and the deformed missile body
is modelled in order to recreate the flow domain. The deformation modelling process
is the same as that given in Chapter 4.2; so, the detail of the deformation modelling is
not given in that section.
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After solving the flow problem with the deformed body, the flow properties are
calculated for the same region as that in the simulation of the deformed model. The
comparisons of the flow properties around the wing body for the deformed and
undeformed simulations are made between Figure 77 and Figure 79. According to
these figures that there is a little difference on the shock wave on the static pressure
and static temperature contours, so this difference cause that the aerodynamic loads
on the deformed wing differ from the loads on the undeformed wing., The
aerodynamic performance of the wing is changed due to this difference. Table 9
shows that the aerodynamic performance of the wing is changed 8.6% by

deformation.

Table 9. Wing drag coefficient (Cp) for deformed and undeformed wing - 2

Undeformed Deformed Percent
Wing Wing Change [%]
Co 0.058 0.063 8.6

Static Pressure [Pa] Undeformed | Static Pressure [Pa] Deformed

Figure 77. Static pressure contours of undeformed and deformed wings (M=2.5)
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Static Temperature [K] Undeformed | Static Temperature [K] Deformed

Velocity [Mach] Undeformed | Velocity [Mach] Deformed

Figure 79. Mach number contours of undeformed and deformed wings (M=2.5)

The pressure coefficient distribution is presented at 33% span and 67% span in
Figure 80. It is seen in Figure 80 that, the difference in the pressure coefficient
variations of deformed and undeformed wing is increased relative to the difference
given in Figure 56. The main reason of the change in the aerodynamic performance
is this difference.
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Figure 80. Cp distribution for undeformed wing at 33% and 67% span
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CHAPTER 6

CONCLUSION

In order to obtain to the effect of the wing deformation due to the aerothermal
loading on the aerodynamic performance, the methodology given in Chapter 2.2 is
used. Two and three-dimensional simulations are performed for the method
validations and the real case applications. A missile equipped with NACA-65-009
wings from the study of Alexander (1947) is considered to be the validation model of
the simulations.

The flow characteristics around the airfoil are aimed to be obtained from two-
dimensional simulations of this study. The change in the aerodynamic loads for three
different free stream velocities is obtained.

In order to simulate the three-dimensional effect, the flow domain is modelled in
three-dimensional. The results of these simulations are shown that the wing tip is
deformed more than the other sections of the wing and the deformation on the wing
become important when the free stream velocity reaches to Mach number of 2.5. The
difference in the aerodynamic performance between the deformed and the
undeformed wing is about 5.1%.

In the second part of three-dimensional simulations, a missile equipped with NACA
65-009 wings from the study of Alexander (1947) is modelled. It is aimed that the
effect of the missile body on the flow characteristics are obtained. The deformations
obtained for the missile body and the wing are demonstrated in the Chapter 4. The
aerodynamic performance of the deformed wing changes by 8.6% compared to that
for the undeformed wing.

The studies carried out by using the method demonstrated in this thesis study are
presented in three different conferences. In the preliminary phase of this study, it is
aimed to construct the structure of the method. NACAQO012 airfoil is selected as the

validation case. The results of these simulations are compared with the wind tunnel
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test data of NACAO0012 airfoil and the outcomes are presented in two different
studies of Ozkokdemir et al. (2016). The studies for NACA0012 airfoil are excluded
the scope of this thesis in order to ensure that the integrity of the subject is not
impaired. The method used is applied to the study of Alexander (1947) that is a flight
test of a missile equipped with NACA 65-009 wings with experiences obtained from
the preliminary phase of this study. The results are presented in another study of
Ozkokdemir et al. (2017). Consequently, the method used is verified by various tests
from the wind tunnel to the flight.

As a future work, the method used could be applied to other experimental studies. It
could be investigated how the flow conditions changed with the deformation affect
the mechanical integrity of the wing. Also the method could be improved by

modelling the body deformation in fully-coupled simulations
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APPENDIX A

MATERIAL CHARACTERIZATION TESTS

The temperature difference affects the thermal and the mechanical properties of
many materials. Elasticity is one of these properties and it is inversely proportional to
the temperature and it decreases with increasing temperature. It is also dependent to
the material type and the exposure time to the high temperature. The body
deformation is related to the material elasticity. Therefore, the change in the
elasticity must be determined before the simulations.

In the flight test conducted by the Langley Research Center, test sample was made of
aluminum 2000 series. Thus, the change in the elasticity of aluminum 2000 series is
needed in the finite element simulations carried out in this thesis work.

For aluminum 2000 series, the percent changes of the elastic properties are
demonstrated in Figure 81 that shows that the exposure time is restricted by 1/2, 10,
100, 1000 and 10000 hours. These values are outside the time limit for many missile
systems. There is no data set for the short exposure time; therefore, the high
temperature tensile tests for the short exposure time (1 min) are conducted at the

Atilim University Metal Forming Center of Excellence.
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Figure 81. The percent change in elastic properties of Aluminum 2000 series
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Tests are conducted with the tension/compression module (DIL805T) attached to the
TA/Béahr DIL805A/D simulation system. This device is the module that has a heat
and mechanic closed loop controller. The test setup and the test sample used in these
test are demonstrated in Figure 82 and Figure 83.

During the test, the sample is heated only in the middle section (@3x5mm) by an
induction coil and the temperature at that location is controlled with an S-type
thermocouple. The heating process is performed under the vacuum environment
(P=5x10"* mbar) in order to prevent the sample from being affected by the high

temperatures.

Figure 83. Test sample
In order to obtain the temperature dependent properties, tests are performed with four
different temperature levels (25°C, 200°C, 250°C, 300°C). The stress-strain relations
for these temperature levels are obtained and given from Figure 84 to Figure 87. The
summary of these results are shown in Figure 88. According to the results, the
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tensile strength of the material decreases by 30% for exposing to 300°C for 1 minute
and the yield strength decreases more slowly than the tensile strength with increasing

temperature.
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Figure 84. Stress-strain relation for 25°C
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Figure 85. Stress-strain relation for 200°C
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Figure 88. The change in the yield and the tensile strength with temperature

In order to obtain the elastic and the plastic data for each temperature level, the
engineering stress and the engineering strain values given in figures converted to the
true stress and the true strain values by using Equation 32 and Equation 33 from
Callister (2007).

or = 0g(1 + €g) (32)
er = In(1 + €g) (33)

For each temperature levels, the elastic modulus could be obtained from the stress-
strain graphs. The percent reduction of the elastic modulus with the exposed

temperature is given in Figure 89.
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Figure 89. The percent reduction of elastic modulus with exposed temperature
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