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ABSTRACT

ADAPTATION OF A CONTROL SYSTEM
TO
VARYING MISSILE CONFIGURATIONS

Ekinci, Ozgiir
M.S. Department of Aerospace Engineering
Supervisor : Assist. Prof. Dr. ilkay Yavrucuk

December 2009, 90 pages

Varying missile configurations may create uncertainty for a missile control
algorithm developed with linear control theory, for instance the control system
performance requirements may not be satisfied anymore. Missile configuration may
change during the missile design period due to variations in subsystem locations,
subsystem weights and missile geometry. Likewise, burning propellant, deployment
of aerodynamic surfaces and wings with varying sweep angle can be considered as
in-flight missile configuration changes. This thesis study addresses development
and analysis of an adaptive missile control algorithm to account for the uncertain
effects caused by varying missile configuration.

Control algorithms, designed using pole placement, are augmented with adaptive
neural networks. The resulting controller is a type of model reference adaptive
controller. Adaptation characteristics of the augmented control algorithms are
investigated to changing center of pressure location and missile geometry. Analyses

are performed for three different missile configurations using simulation.

Keywords: Missile, Neural Networks, Adaptive Augmentation,
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DEGISEN FUZE KONFiIGURASYONLARINA
KONTROL SiSTEMi ADAPTASYONU

Ekinci, Ozgiir
Yiiksek Lisans, Havacilik ve Uzay Miihendisligi Bolimii
Tez Yoneticisi : Yar. Dog. Dr. Ilkay Yavrucuk

Aralik 2009, 90 sayfa

Degisen fiize konfigiirasyonlari, lineer kontrol teorisi ile gelistirilen fiize kontrol
algoritmalar1 i¢in, kontrol sistemi performans gereksinimlerinin karsilanamayacagi
sekilde belirsizlik yaratabilmektedir. Fiize konfigiirasyonu, tasarim siireci sirasinda
alt sistem yerlesiminin, alt sistem agirliklarinin ve fiize geometrisinin farklilasmasi
sebebi ile degisebilir. Ayrica, yanan yakit, acilan aerodinamik yiizeyler ve degisen
kontrol yiizeyi siliplirme agisi, ugus sirasi fiize konfigiirasyon degisiklikleri olarak
degerlendirilebilir. Bu tez calismasi, degisen fiize konfigiirasyonlarinin neden
oldugu belirsiz etkilerin telafi edilmesi amaci ile adaptif fiize kontrol
algoritmalarinin gelistirilmesi ve analizini gdsterir.

Kok yerlestirme ile tasarlanan kontrol algoritmalari, adatif sinir aglari ile
gelistirilmistir. Ortaya c¢ikan kontrolcli, bir c¢esit model referans adaptif
kontrolciidiir. Gelistirilmis kontrol algoritmalarinin, degisen agirlik merkezi ve fiize
geometrisine  adaptasyon  karakteristigi  incelenmistir. Ug  degisik  fiize

konfigiirasyonu i¢in benzetim araci kullanilarak analizler yapilmistir.

Anahtar Kelimeler: Fiize, Sinir Ag1, Adaptif Gelistirme
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CHAPTER 1

INTRODUCTION

1.1 Problem Statement

The overall performance of a missile is a strong function of the control system
performance. Missile control algorithms developed with linear methods are often
subject to model uncertainties originated by varying missile configuration,
unmodeled dynamics, low fidelity aerodynamic models, and actuator failures etc.
Uncertain effects may cause degradation in performance of a missile control
system. Within the scope of this thesis, changes in configuration of a missile system
are studied. Missile configuration may change during missile design period due to
variations in subsystem locations, subsystem weights and missile geometry. Also,
missile configuration may change during the flight because of the burning
propellant, deployment of aerodynamic surfaces and wings with varying sweep
angle.

This thesis research applies an adaptive control algorithm to account for the effects
caused by varying configuration, such that the system satisfies the performance
requirements. Therefore, existing control algorithms are augmented with neural
networks. Performance of the augmented control algorithms are analyzed for
changing center of gravity location and changing missile geometry using
simulations for three different missile configurations. First missile configuration is
selected to be the baseline configuration and the second and third missile
configurations are modified by varying the center of gravity location and shape of

the missile aerodynamic surfaces respectively.



1.2 Literature Survey

Most missile control systems are designed using classical control methods which
are based on well known PID and three loop control architectures. PID algorithms
have shown to be suitable and perform adequately for missile acceleration control
[1]. Likewise, acceleration control systems based on three loop control is a common
control technique including the rate stabilization loop, synthetic stabilization loop
and acceleration loop [2]. With three loop control method acceleration response of
missiles is found out to be quite well [3]. For both PID and three loop architectures,
measurable outputs like acceleration (with accelerometers) and angular rates (with
gyroscopes) are used as feedback [3]. This is an important property since it
alleviates the need for observers to estimate unmeasured states. Implementations of
both control methods require gain scheduling to maintain flight stability and control
[1] & [3].

Another common approach to control missile acceleration is pole placement.
Theory of this technique is based on assigning the closed loop poles to desired
locations. To find the desired pole locations, dominant poles are placed as the
desired response is satisfied and the remaining poles are placed such that their effect
on closed loop dynamics are small [4]. Alternatively, LQR like methods based on
optimum control theory is used to determine desired pole locations. Unfortunately,
state feedback designs require knowledge of full state parameters. However,
common problem for designers is that these parameters are often unmeasured and
have to be estimated. There exists an output feedback theory presented in [4] for the
state observer based extension of the previous approaches. Alternatively, Kalman
estimator extension of LQR architecture known as LQG is a solution to full state
feedback problem. LQG method is designed considering a Gaussian measurement
noise and it is feasible to implement this architecture on a control system with noisy
measurements. Pole placement methods usually satisfy the desired performance for
missile acceleration control if designed well as is shown in this thesis and [4].

In order to analyze the problem defined in the previous section, adaptive control

methods are investigated. Some application of adaptive control theory to missile



systems are based on adaptive dynamic inversion control, L1 adaptive control and
reference model following adaptive control approaches.

Dynamic inversion control is a technique using the approximate model inverse to
create control signals and compensate the modeling error by adding an adapting
control signal. One way to calculate adaptive control signal is using neural networks
as in this study. Also, angle of attack and side slip angle control of bank to turn
missiles are presented in [5] and [6]. Simulation results in these references have
shown that achieving both rapid learning and robustness is difficult. Also,
introductory study on lateral acceleration control system for a skid to turn missile
based on adaptive dynamic inversion is presented in [7].

Methods for neural network augmentation of existing control systems implement a
reference model defining the desired dynamics and an adaptive structure to
compensate for errors caused by modeling and linearization. There are several
application examples of this method as adaptation of control gains directly or
augmentation of an existing state/output feedback controller with neural networks.
Some applications of this method to augment an existing controller is given in [8]
[9] and [10]. An augmentation of a simple PI controller for a nonlinear system is
presented in [8]. Simulation results indicate that reference model tracking for a
simple system is acceptable. Similar approach as in [8] is applied to JDAM guided
bomb for angle of attack control and tracking of the reference model is achieved
with a time delay. Also [10] presents simulation results of an arbitrary open loop
and closed loop reference model following architectures developed with the
observer based output feedback extension. Simulation results in this study showed
significant improvements by means of control system performance with
applications to guided projectile, micro adaptive flow control actuators and several
numerical examples.

Adaptive control technique called L1 is developed to filter unwanted high
frequency signals on the adaptive control signal observed at some model referenced
adaptive control approaches [11]. Removal of high frequency adaptive control
signals that disturb the system let the designer to increase learning rates for the

adaptive structures. An application of this method for unmanned combat air vehicle

3



X-45A is presented in [12] and it’s shown that results obtained with this method are

superior to ones obtained with a model reference adaptive control approach.

1.3 Motivation and Contribution of this Thesis
Motivation of this thesis is to augment the existing control system of an agile
missile system to adapt to configuration changes such that the performance
requirements are still satisfied.
Contributions of this thesis are,
e Effect of change in missile center of gravity location on control system is
analyzed.
e Effect of change in external missile geometry on control system is analyzed.
e Adaptive neural network augmentation of existing pole placement control
algorithm of an agile missile system is performed using model reference
adaptive control approach.
e Different adaptation characteristics with the augmented control algorithms

are shown.

1.4 Thesis Outline

Chapter 1 introduces the problem and gives references about the theory and
applications.

Chapter 2 presents theoretical background on used control system design methods,
formulations and control architectures.

Chapter 3 explains the design approaches, models and simulation related studies to
be used in the analysis of the control systems.

Chapter 4 includes autopilot performance requirements, design approaches and
autopilot design parameters on some design conditions.

Chapter 5 presents analysis results for several design conditions.

Chapter 6 discusses analysis results and presents the conclusions.



CHAPTER 2

PRELIMINARIES

2.1 Pole Placement Method [4]

To design control systems with the pole placement method, different approaches
depending on the plant type are used. To design type 1 closed loop systems with
this method, two different approaches are used depending on whether the plant
itself is type 1 or type O [4]. Type of a system is determined by the order of “s”
multiplier in the characteristic equation in other words with the number of
integrating actions. In control engineering, type of a closed loop system is important
to interpret the steady state error characteristics depending on the reference input.

A type 1 closed loop system design method is presented in Figure 2.1.

Figure 2.1 Pole Placement Method for a Type 1 Plant



Open loop system model is given in (2.1).

X =4 %.,+B, u

nxn”"nx1

e 2.1)

Ixn""nx1
For the following input signal u, closed loop system dynamics are found as in (2.2)

u=-K_x,  +Kr

Ixn""nx1

xﬂXl = (Anxn - anllen )xnxl + anlKlr (22)
y = Clxn'xnxl
Where,
le” :[K] K2 Kn]

Feedback gain vector K is calculated with Ackerman’s Formula such that poles of
the closed loop system are assigned to desired locations on s plane.

Next architecture which is pole placement approach for type 0 plants is presented in
Figure 2.2 [4]. This method adds an integrating action in order to increase the order
of the closed loop system such that it is type 1. This property is desired since

response of type 1 systems is better compared to type 0 systems in terms of steady

state error.
r S 9 u X .
—@—» I K, —@—» B .[ > C >
A
K ¢

Figure 2.2 Pole Placement Method for a Type 0 System Model



Open loop system model is given in (2.3).

xnxl = Anxnxnxl + anlu
(2.3)
y=C,x

Ixn""nx1

For the following input signal u, closed loop system dynamics are found as (2.4).

A

u=-K X

(1) X (n+1)x1

A A

Xiniyt = Aty Xnspa T B(n+l)><lu

(2.4)

A

y = Clx(n+1)x(n+1)><1

Or in open form,

xnxl — (Anxn _anl 'len) anl ’ K[ xnxl + Onxl r
é _Clxn O é 1
'xnx
y:[clxn O]|: §1j|

A

le(n+1) = [K

Where,
_ KI ]

Ixn
Feedback gain vector K is calculated with Ackerman’s Formula using the closed

loop system matrices Aand Bsuch that poles of the closed loop system are

assigned to desired locations on s plane as in the previous case.



2.2 Existing Control System Augmentation [10]
Arbitrary reference model following adaptive control approach presented in Figure
2.3 is used to augment the existing pole placement control system as presented in

[9] and [10].

Y. Existing ..
Controller Missile Y N
u
‘7
Adaptive y
‘7
Structure
e
Reference Yr
Model

Figure 2.3 Closed Loop Augmentation Architecture

To explain the errors cancelled with adaptive structure, error dynamics is
formulated. Missile dynamics can be considered as an observable and stabilizable

nonlinear SISO system in normal form [13] as given in (2.5).

= flzx)

X =X,

. (2.5)
X =X

r—1 r

X =h(z,x,u)
y=x



Where z € R"" are states of internal dynamics, x =[x, --- x,]eR" are states of
output dynamics, u,y€R are control and measurement variables, f and % are

sufficiently smooth partially known functions, and r is the relative degree of the
system.
As a reference model r'™ order linear stable system with full relative degree in (2.6)

is selected.

me = xm,. (26)
xm =Cx,+D.y
Vi = X

Or,
x,=A,x, +b,y.

oy 2.7)
Vi = CuX

Defining tracking error as e=y, —y, the error dynamics can be expressed from

(2.5) and (2.7) as,
E=A4 E+b ~A(x,2,V,,
m i m(uAD ( < yc MAD)) (28)
v=e=c,E
Where
E = [e e cee er_l]

AX,2Y5t45) = D] ( (2, %00y X, 1) = C, X, ) = Y, H iy
Control goal with this approach is to design an adaptive control input such that it
cancels modeling errors defined by A.
For the adaptive structure presented in Figure 2.3, neural networks is selected.
There are various neural network architectures such as Radial Basis Function
Neural Networks and Single Hidden Layer Neural Networks [9] that are used to

augment the control systems.



Single Hidden Layer Neural Network, a nonlinear in the parameters feed forward
neural network structure, is used as an adaptive element. Details of the formulation

of SHLNN are given in references [8], [9] and [14].

& o0)
e S ao)
)

Output
Layer

el
o

Input
Layer

Figure 2.4 SHL Neural Network Structure

Existing control system augmentation with neural networks is done as,

U=Upe —Uyp (2.9)

U, = ch((ﬂu) (2.10)



Sigmoid activation function o is defined as given in (2.11).

1
l+e

o(6) = 2.11)

—a-0

Also the input - hidden layer and hidden - output layer weights V and W are

defined as,

Vii V2 Vi
NN : S
V= (2.12)
vm,l Vm,Z Vm,n
Vor  Vi2 Vin
W
NN
W= (2.13)
w"[
Wy

Xl
mE (2.14)
bv
o(6)
c(0) 2 o0) (2.15)
b

w

Derivation of adaptation laws required to adapt neural networks weights W and V
in (2.10) includes the following steps.

1. Define the error dynamics.

2. Define a Lyapunov energy like function V(e,V,W)

3. Perform Lyapunov stability analysis finding the V (e, Vv, W)

4. Conditions satisfying stability requirement (V(e,V,W) <0) gives the
adaptation laws that guarantee stable error dynamics outside a compact set

in the error state space also implying that all the parameters are bounded.
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Performing these steps, adaptation laws [8] in (2.16) are found.

V =T, (W (V) + [ V) (2.16)

A

W=-T, (6(V )&’ (V' IV )5+ A[g| W)
WhereI',, I',, represents learning rates, A represent e-modification gain and {

defined as,

{=¢'PB

Alsoo’ is the Jacobian of ¢ and defined as,

[do(6) 0
de,

'(0)2 ) 2.17

o19) . do(0),) @17

o,
.0 0 0 |
Where,
do(6)

a-c(0)-(1-0(0) i=1.n

To show the boundedness of the signals in the closed loop control algorithms the

following assumptions are made.

Assumption 2.1: The true plant given in (2.5) is minimum phase, i.e. internal

dynamics z = f{(z,x) with x =0 are asymtotically stable.

Assumption 2.2: The existing controller is bounded input — bounded output stable.
Adaptive control signal introduced in (2.9) is computed with the neural network as

follows.

12



Then, Theorem 2.1 guarantees the boundednes of the signals in the control system.

Theorem 2.1: Consider the system (2.5) under the control of existing control
algorithm and neural network augmenting controller. Let Assumption 2.1 and
Assumption 2.2 hold. Then all the signals in the augmented missile system are

uniformly ultimately bounded [10].

One design restriction is that parameters and errors may grow outside the allowable
bounds in the compact set discussed above (derivative of Lyapunov function is
positive in that set). So the neural network parameters should be tuned such that the
size of the compact set is allowable. However, finding the optimum parameters for

the augmentation scheme may require many simulations.

13



2.3 Frames of Reference and Coordinate Axes

Right handed coordinate axes are used as a convention. Since the missile to be used
in analysis is a short range missile, non-rotating, non-accelerating and flat earth is
assumed. Hence, any reference frame defined on the earth is assumed to be an

inertial frame of reference relative to which Newton’s laws of motion are valid.

2.3.1 Earth Fixed Reference Frame Fg (Axes, OgXgYgZg)

Earth-fixed reference frame is defined on the ground plane as shown in Figure 2.5.
Origin of the earth-fixed reference frame is defined at a point on the ground from
which the initial position vector to missile is perpendicular to the ground plane.
OeXg axis is defined in any convenient direction. OgY§ axis is also on the ground

plane to the right of OgXg direction and OgZg axis is downwards.

Target o/
E oS
Launch Missile LT e
Platform ;l: X A
Ground Plane
XE .
0]
E ?]E
Z

Figure 2.5 Earth Axes
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2.3.2 Missile Body Fixed Reference Frame Fg (Axes, OpXgYpZg)

Missile body-fixed reference frame is attached to center of gravity of the missile as
shown in Figure 2.6. OgXp axis is longitudinal axis pointing forward direction of
the missile. OgYp axis is lateral axis to the right and OgZp axis is vertical axis to the

down, at the missile back view.

Figure 2.6 Missile Body Axes

2.3.3 Thrust Reference Frame Fr (Axes, OpXrYrZr)

Origin of thrust reference frame is attached to the nozzle as presented in Figure 2.7.
OpXp axis is aligned to thrust vector. OpYy axis is always in XgYp plane
perpendicular and to the right of OpXp. OpZr axis is defined such that it’s

orthogonal to X¢YF plane completing a right handed coordinate axes.

2.3.4 Wind Reference Frame F, (Axes, OaXAYaZ,)

Origin of wind reference frame is center of gravity of the missile and coincides with
Og as shown in Figure 2.8. OaXy axis is always aligned with wind vector. OaZa
axis is defined such that it is always in XgZp plane so called symmetry plane of the
missile. OoY 4 axis is defined such that it is completing an orthogonal right handed

coordinate axes.

15



Figure 2.7 Thrust Vector Axes

Figure 2.8 Wind Axes
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2.4 Coordinate Axes Transformations
Orientation of coordinate axes with respect to another can be defined in different
ways. One of them is as three rotation angles called Euler angles. One other method
is using a magnitude of rotation and an axis of rotation called Euler axis or Eigen
axis.
Based on these methods to relate coordinate axes, formulations used in aerospace
literature for coordinate axes transformation of vector components are as follows
[13];

1. Euler angles formulation

2. Direction cosine matrix formulation

3. Euler-Rodrigues quaternion formulation

West v North West North

South South

Figure 2.9 Body Axes Orientations [13]

Coordinate axes transformations are used to define quantities and solve equations of
motion in a simpler way. As an example, for a missile moving in inertial space, it is

more convenient to express equations of motion on body coordinate axes since the

17



moment equations include inertia terms which are constant with respect to body
coordinate axes.

For the case where one of the coordinate axes is not stationary, as body-fixed
coordinate axes in the missile, transformation matrix is a function of time. Thus
transformation matrix and its parameters have to be calculated instantaneously
using rate of change of those parameters (Euler angle rates, direction cosine rates,
quaternion rates).

Formulations listed before is given in between missile body-fixed reference frame
and earth-fixed reference frame in the following sections and is adapted for any

coordinate system transformation needed in simulation.

2.4.1 Euler Angles Formulation
Euler angles defining the orientation of Fg with respect to F is given as,
¢

Pyre = 0
%

Transformation matrices for individual rotations on OgXg, OgYE and OgZg axis is

defined as,
1 0 0 c, 0 =S, ¢, S,
L,(=|0 C, S§,| L,@®=0 1 0 L,w)=-S, C, 0
0 -5, C, S, 0 C, 0 0 1
Where,
S =sin(x)
C. =cos(x)

Although it is possible to use twelve [13] different rotation sequences to calculate
Euler angle transformation matrices, aerospace engineering convention is “321”
rotations or “Yaw-Pitch-Roll” rotations. 321 rotations can be visualized as a

rotation of magnitudey on yawing axis OgZg, then a rotation of magnitude 6 on
the rotated pitching axis OgY ' and lastly a rotation of ¢ on twice rotated rolling

axis OEX”E.
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Transformation matrix from Fg to Fg for 321 rotations is then;
Ly =L, (¢)-L,(0)-L;(w)

c,-C, C,-S, -,
Ly =|S,S, -C,~C,-S, S,-S,-S,+C,-C, §,-C, (2.18)
c,-S,-C,+S,-S, C,-S,-S,-S,-C, C,-C,

Also for the rotation in (2.18), Euler angle rates ¢,, , is given with angular velocity

of the missile @, , are presented with (2.19) and the derivation is given in [13] and

[16].
L 8,-S, C,-S,
¢ CG CH
pur=|01]=|0 C, =S, || g (2.19)
W 0 & C, r
L Ce Ce

It should be noted that Euler angle formulation has a singularity called “Gimbal
Lock” since Euler angle rates are undefined for +7/2. Although the formulation is

easy to understand and interpret it should be used for applications in which attitude
change is not close to singular points. This problem is solved with other

formulations explained in the following sections.

2.4.2 Direction Cosine Matrix Formulation

Elements of a direction cosine matrix are called the direction cosines and they
represent orientation of Fg with respect to Fg. Direction cosines are defined as the
angles in between for all possible combinations of axis couples. Direction cosine

matrix for the transformation is expressed as,

Cll CIZ C13
L, =DCM=|C, C, C, (2.20)
C31 C32 C33
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Since for any formulation, transformation of a vector between same coordinate axes
should result the same vector components, all Euler angle transformation matrices
based on different sequences are equal to the one in (2.20).

Rate of change of DCM is given by the following formula known as Poisson’s

kinematic equations derived in [13] and [17].

Cl 1 Clz C13 0 -r g¢q ¢, C, C;
LBE = CZl sz C23 == r 0 -p| C21 sz C23
G, G, G -9 p 0 G, G, G

LBE = _(I)M,B ‘Ligg (2.21)

Also rate for reverse transformation [17] is given as (2.22).

LEB = LEB '&M,B (2.22)

Time rate of change of DCM expressed in (2.21) has no singularity problem. But
note that the degree of freedom for describing the orientation is three which means
that six of the nine equations given in (2.21) are redundant. Numerical integration
of these redundant equations may cause orthogonality problems with time. Also this
formulation needs high computational power compared to other transformation

formulations which is no longer a problem for today’s processor technology.

2.4.3 Euler-Rodrigues Quaternion Formulation

Transformation matrix formed using Euler-Rodrigues quaternion formulation is a
method which doesn’t suffer from a singularity problem and has the highest
computational efficiency.

This formulation is based on Euler Axis formulation and it overcomes the
singularity problem which Euler Axis formulation also suffers.

Quaternion parameters are defined as [13],

€ Copa
E.-S
Q=| & |=| “x Ve (2.23)
e, E, S
e, E,-Se),
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E is the Euler axis as given below and © is the magnitude of rotation along Euler
axis.
EX
E=|E,
E

zZ
Quaternion also can be calculated from Euler angles as in (2.24) with the following
formulation which is used in the simulation for calculating initial conditions for

quaternion integrations.

€ C¢/2'C9/z C +S¢/2 Sp- S 2

Q= x| S¢/2'C6/2 Cy//2 C /2 So/z Sy//z (2‘24)
e, C¢/2'S¢9/2 ny/z"'S PR Sy//Z
€, C¢/2 Cypr Sw/z S S Cy//z

Transformation matrix derived from quaternion parameters is given in (2.25).
e +e; —ei —e> 2-(e, e, —e.-¢) 2-(ee.te ¢)
Lge =|2-(e, e, +e.¢) ei +tel—e —é’ 2:(e,-e.—e,-¢) (2.25)
2-(e, e, —e, -€,) 2~(ey e, +e -¢) ez2 +e§ —ei —ei
Above expression of quaternion parameters is also equal to the DCM found in
(2.18) and (2.20).

Quaternion rates for the integration of quaternion parameters are given as,

€ 0 -p —q -r|e
. e 0 r —qlle
o= |=|7 7 (2.26)
e, g -r 0 ple
e, r q —-p 0 |le
Or alternatively,
é, —e, —e, -—e,
. p
- e e —e e
Q= |- g (2.27)
é, e, e —e
i r
é. —e, e ¢
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CHAPTER 3

CONFIGURATION SELECTION AND MATHEMATICAL MODELING

3.1 Missile Configuration Selection

Configuration selection of the missile is performed such that the missile
characteristics and configuration which affect the missile performance is as desired.
For this purpose, desired properties are defined, alternative baseline configurations

are searched and geometry of baseline and varying configurations are selected.

3.1.1 Desired Missile Properties

In order to observe the effects of varying configurations on the control system,
neutrally stable dynamics for most of the flight regime is desired. For neutral
stability, center of pressure should be around the center of gravity.

STT maneuvering is desired in which missile is non-rolling and pitching and
yawing motion is possible at any instant [18]. For STT maneuvering agility and
maneuverability is higher then other strategies. Moreover, aerodynamic analysis
with this maneuvering type is simpler due to no rolling motion and aerodynamic
couplings.

A canard-controlled missile is desired, since tail controlled systems have unstable
zero dynamics (non-minimum phase systems) for lateral and transverse
acceleration. This property complicates the problem and creates a challenge for
some of nonlinear autopilot design approaches that are beyond the purpose of this
thesis.

Four control surfaces and four lifting surfaces (Table 3.1) that are aligned in-line
(Table 3.2) are desired since four panel configurations have symmetric

aerodynamics [18].
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Table 3.1 Aerodynamic Surface Arrangements

8 Surface

X%

6 Surface

XX

Table 3.2 Aerodynamic Surface Alignments

4 Surface

&

3 Surface

o

2 Surface

O

In-Line < % -ﬂ'l‘r-
Alignment '
Interdigitated c=———== ¥
Alignment

For the cruciform aerodynamic surface arrangements, aerodynamic surface
orientation can be a plus or cross orientation. It is desired to orient the aerodynamic
surfaces in a cross configuration since they have statically stable roll characteristics.
Also aerodynamic effectiveness in pitching and yawing planes is higher than plus
orientations for the same aerodynamic surface area. For plus and cross
configurations control forces needed to maneuver a missile achieving steady

trimmed flight are given in Table 3.3.

Table 3.3 Plus and Cross Orientation Control Forces

Pitch Maneuver | Yaw Maneuver | Roll Maneuver
(Nose Up) (Nose Left) (CCW)
Plus A A D “A A
Orientation D
(Canard C.) < >
Cross o p ¥ p b
Orientation v H 4 * n n v
(Canard C.) s L
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3.1.2 Missile Baseline Configuration Alternatives
For the desired properties defined, short range agile missile systems are searched to
establish a baseline configuration. Potential baseline missile configurations that

seem reasonable to perform the analysis of control systems are given in Table 3.4.

Table 3.4 Alternative Missiles [19]

=00 400
=

200
I

100

I !

= USA Russia Russia Russia
(@) AIM 9D SA-15 AA-3 SA -8
Gauntlet Anab Gecko

As a baseline configuration, AIM 9D missile is selected since its known

characteristics are as desired.

Figure 3.1 Baseline Configuration AIM 9D (Modeled in SolidWorks)
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3.1.3 Varying Missile Configurations

In this section various configurations from the baseline configuration is obtained
such that the aerodynamic characteristics are different from each other.
Aerodynamic differences on configurations are considered as an uncertainty for the
control system of baseline configuration. Then control systems are augmented using
the adaptive augmentation strategy explained in Section 2.2.

Baseline configuration called “C1” is obtained from AIM 9D. Approximate
dimensions are derived from distributed specifications and digitizing images from

the internet as presented with Figure 3.2.

A

Figure 3.2 Configuration C1 — Baseline Configuration

Center of gravity location is assigned to a location along the longitudinal axis
considering the desired stability characteristics. For this purpose, center of pressure
locations are estimated using the tool explained in section 3.2 which automates
missile DATCOM. Then, a proper center of gravity location is selected accordingly

such that the desired stability characteristics are met.
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Next configuration called “C2” is obtained by varying center of gravity location of
the baseline configuration as in Figure 3.3. Purpose of such a variation is to
simulate the effects of burning propellant and change in subsystem locations or

weights on the control system.

/‘4}7 —]

N

Figure 3.3 Configuration C2 — Variation 1

Third configuration called “C3” is obtained by changing the shape of fixed
aerodynamic surfaces as given in Figure 3.4. For a missile system, such a variation
often occurs during the development phase. Also it is possible to have such an
effect with aerodynamic surfaces extracting from the missile body during the flight.
It is also possible see applications that have wings with changing sweep angle
during the flight which would also affect the control system in a similar manner.

In order to keep the change in maneuverability of configuration C3 minimal, wing
loading is kept constant. Then, dimensions for the new tail surface are found with
the following approach.

Wing loading formula for C1 and C3 is,
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/4 2-w

WL ——— 3.1)
“ Sl,tail (cl,tip + cl,mot) ’ bl
WL, = W__ 2 W (3.2)
S3,tail (c3,tip + c3,root ) ’ b3
Then, equating (3.1) to (3.2),
_ (Cl,tip + Cl,raot) 'bl (3 3)

c3,tip - b3 - c3,r00t
Finally, C3 tail dimensions are found as,
Cryp =40 cm b, =40 cm

cl,root = 67 cm

b =2515cm

cS,root = 37 cm = c3,tip = 302756‘]’]’[

=1 -
BN :

Figure 3.4 Configuration C3 — Variation 2
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3.2 Missile Aerodynamics

To simulate and establish a mathematical model of a missile, aerodynamic forces
and moments have to be determined.

Missile DATCOM is used for aerodynamic analysis considering the ease of use and
availability. User manual [20] gives detailed instructions about the configuration of
the program.

To create the aerodynamic database, an automated database generation tool is
developed in MATLAB which configures the input file, run executable and read
output file included in missile DATCOM. The aerodynamics database generation

process with this tool is given with Figure 3.5.

User Inputs <«

v

Calculate and Plot
CP Locations

L

Yes
v
Calculate Aerodynamic
Coefticients

v

Generate Aerodynamic
Database

Figure 3.5 Flow Diagram for Aerodynamic Database Generation

Necessary aerodynamic parameters to simulate missile motion are selected and

output from Missile DATCOM. In order to have a small size database, aerodynamic
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coefficients’ dependence on some parameters as presented in Table 3.5 is assumed

to be small and neglected. Also, missile DATCOM accepts actual control surface

deflections 6,,0,,0, and o,as input. A convenient way to express the aerodynamic

coefficients dependence is using virtual control deflectionsd,,d,,d, defined on

rolling, pitching and yawing axes respectively.

Table 3.5 Aerodynamic Database Coefficients

Coeff. Dependence Description
M| a | B [0a|Oe|Or
C, o o e |o e Axial Force Coefficient
C, o |o e |Side Force Coefficient
C, o0 e | |Normal Force Coefficient
C, oloo|0 Rolling Moment Coefficient
C, oo e | |Pitching Moment Coefficient
Cy o |o e [Yawing Moment Coefficient
CLP ° Rolling moment coefficient derivative with roll rate
Cuy ° Pitching moment coefficient derivative with pitch rate
Cy, ° Yawing moment coefficient derivative with yaw rate
Pitching moment derivative with rate of change of]
CMd i
angle of attack
C . Yawing moment derivative with rate of change of side
NB slip

Virtual control surface deflection mapping explained in [21] is applied as in (3.4).

The same mapping is also used in order to convert the autopilot commands

calculated as virtual deflection commands to actual CAS deflection commands.
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= 16 (3.4)

S & S S
[S—
|
|
[

Also inverse mapping which is given in (3.5) is used to convert real CAS

deflections to virtual deflections in simulation.

)

5] [025 025 025 025 5‘
5, |=1025 025 -025 -0.25]| 52 (3.5)

5 1025 025 -025 0.25 53

4

Aerodynamic forces and moments are determined from database coefficients in

Table 3.5 with (3.6).

X C,
FAero,B =Y |= Q Sref : Cy
Z C,
(3.6)
L C, p-C,
MAC””B: M :Q.Sref.lréff' CM +#. q.CMq +#' d'CMd
N Cy Mg, B Cup

Aerodynamic coefficients in (3.6) are functions of M,a, f,6,,0,,6, (Table 3.5).

Aerodynamic database is generated for discrete values of these parameters and 1D,
2D, 3D or 4D linear interpolation algorithms are implemented in order to calculate

aerodynamics of the missile in between.
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3.2.1 Aerodynamics of Configurations C1, C2 and C3

Aerodynamics of Cl, C2 and C3 are calculated as discussed in the preceding
section. Roll aerodynamics for C2 and C3 are assumed to be the same with C1 since
problem defined in this thesis mainly affect pitch and yaw dynamics.

Also due to the symmetry, missile aerodynamics in pitch and yaw planes are found
to be the same. For this reason only the pitch aerodynamics is presented in this part
since the yaw aerodynamics is also the same in magnitude.

Change of center of pressure for the whole Mach interval and an angle of attack

interval is given in Figure 3.2, Figure 3.3 and Figure 3.4. This is shown for fixed

control surfaces (6, =0°, i=1,...,4).

C.P. Locations for 0 < o < 18

~
T

)
\

Mach Number
S O = = =N

—
——
——

W 00—
\

1 1 1
100 150 200 250 300

50

éC.G.

Lateral Axis (cm)
(e}

1 1 E 1 1
100 150 200 250 300
Longitudinal Axis (cm)

=50

Figure 3.6 Configuration C1 Center of Pressure Locations
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Mach Number

Lateral Axis (cm)

Mach Number

Lateral Axis (cm)

C.P. Locations for 0 < o < 18

245 -

1.8+ -

147 —

1.1r e

0.8+ _—

0.3+ —_—
| i | | | | |
0 50 100 150 200 250 300

50

0 ®C.G.

-50 Cu : I I I I I

0 50 100 150 200 250 300
Longitudinal Axis (cm)
Figure 3.7 Configuration C2 Center of Pressure Locations
C.P. Locations for 0 < o, < 18

2.4r -

1.8F -

1.4r -

1.1r —_

0.8+ -

0.3r -
L L L - L L L
0 50 100 150 200 250 300

50+
0 ®C.G.

-50 L1 I I [ I I I

0 50 100 150 200 250 300

Longitudinal Axis (cm)

Figure 3.8 Configuration C3 Center of Pressure Locations
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Previous figures show that C1 is “nearly” neutrally stable whereas C2 and C3 are
stable while the controls surfaces are fixed. These stability characteristics also
observed from Figure 3.9. Since the geometry for C1 and C2 are the same, normal

force coefficients Cz coincide in Figure 3.9.

Cy Vs a C,vsa
500, . 60
40
.~ 20
~~\~...
\~ N
UZ 0 S U 0
R 20
40
-500 SR S S 60 ‘ ‘ ‘
40 20 0 20 40 40 20 0 20 40
a (%) a (%)

Figure 3.9 Cy; and Cz versus Alpha at 1.8 Mach for 0° Delta

Cwum and Cz are given in 3 dimensions (see Table 3.5 for dependencies) in Figure

3.10 and Figure 3.11 for C1.
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5, ()

Figure 3.10 Cy, Coefficient at Mach 1.8 for C1

Figure 3.11 C; Coefficient at Mach 1.8 for C1
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3.2.2 Non-Linear Parameters in Missile Aerodynamics

Aerodynamic non-linearity is one of the issues that make linearization process
necessary. Nonlinearity may occur on any dimension of aerodynamic coefficient
data depending on the missile configuration. To illustrate, in Figure 3.9, Cy and C;

coefficients of C1 is nonlinear for varying alpha as shown below,
Crra(|a| <15°) = C,,, (|| 215°)
Similarly, aerodynamic coefficients are nonlinear with Mach number variation as

explained in Figure 3.12. Normal force coefficients for C1 and C2 again coincide

since the external geometry is the same.

CM vs Mach CZ vs Mach
50 0
—Cl
O _Jx -5 ---------- C2
S R R C3
2 - ----\_\_’ ‘—-” N -
G 50 Y -10 z
U4
/,,
100 cereneet e 150 oo Fe
O s -~ \ I;
.
-150 : : : -20 :
0 1 2 3 0 1 2 3
Mach Mach

Figure 3.12 Cy; and Cy versus Mach at 10° Alpha
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3.3 Missile Dynamics
In order to derive the governing equations of motion for a missile, Newton’s laws of
motion are used as given in reference [17].
Following is assumed while deriving equations of motion for a missile.
1. Constant mass is assumed.
2. Origin of Fy is at center of gravity, CG of the missile.
3. Rigid body is assumed.
4. Missile is symmetric n XgYp and XgZp planes.
For all vectors, subscript defines the reference frame in which the components are

given.

Figure 3.13 Axes and Vectors Used to Derive the Equations of Motion.
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Translational equations of motion are derived for a missile starting from particles

and applying Newton’s second and third law with the assumptions above.
Newton’s second law is applied to a particle in inertial space as,

d

dF; =—(dL;)
Linear momentum of a particle is,
dL; =V, ;-dm
Then linear momentum of the missile is,
[dL, =]V, dm

In order to formulate velocity of a particle P in terms of velocities defined,

I,

pE — L

M,E +rE

Taking the time derivative of the above equation gives,
l"P,E = I;M,E +1;
Noting that in (3.11) ¥y, , =Vy , and £, ; =V, ,,
VP,E = VME,E +1y
Then the linear momentum expression in (3.9) is,

[dL, =Vyg, [ dm+[t, dm

I r, dm =0 1n (3.13) since second assumption states that Og is the mass center,

IdLE = IVP,E dm=Vyg ;-m

(3.7)

(3.8)

(3.9)

(3.10)

(3.11)

(3.12)

(3.13)

(3.14)

The integration of (3.7) gives the Newton’s second law applied to the missile as,

F d

E~ E(VME,E m)

Following remarks are valid for (3.15):

1. (3.15) is not valid when the first assumption does not hold.

(3.15)

2. F, is summation of external forces only since the internal forces that the

particles apply to each other cancel each other obeying Newton’s third law.

3. This equation is valid even though the third assumption does not hold.
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In order to express (3.15) in Fp, coordinate system transformation has to be

performed.
d
L - Fy :m.E(LEB.VME,B) (3.16)
Ly - Fy = m'(LEB Vs + Ligs 'VME,B) (3.17)

Also derivative of a coordinate transformation matrix is given in (3.18) as;

Lig =Lyg @y (3.18)
Where,
(:)M’B:[p q r]T (3.19)
0 —-r ¢
Oyz;=lr 0 -p (3.20)
-4 p 0
Substituting (3.18) into (3.17),
Ly Fy =m- (Lyg @y 5 Vaug s + Ly - Vige ) (3.21)
Fy=m- (Ve +@y 5 Vo) (3.22)

Rearranging terms in (3.22) give the translational equation of motion as,
- 1 -
VME,B :;'(FB)_(DM,B 'VME,B (3.23)

In a case where wind exists, (3.26) has to be used with (3.23),

VME,E = VMA,E + VW,E (3.24)
Lyg 'VME,B =Ly 'VMA,B +VW,E (3.25)
VME,B = VMA,B + L_EIB 'VW,E (3.26)

Note that transformation matrices satisfy the “orthogonality condition” and the

following formulas are valid for any transformation matrices.
Ly, Ly =1 (3.27)
LTEB :L;B =L (3.28)

Hence (3.26) can also be written as,
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VME,B = VMA,B + LTEB 'Vw,E (3.29)

Where,
VansJu v w]'. (3.30)
VME,B:[uE Ve wE]T (3.31)
Voo dw, wow, ] (3.32)

Rotational dynamics of a missile is also derived in a similar manner to translational
dynamics. Moment of forces acting on a particle is integrated for the whole missile.

Moment of momentum of dm with respect to Oy is,

dH, =t, -V, . -dm (3.33)
Taking the time derivative,
%(dHE)=f~E V. dm +F, -V, -dm (3.34)
Also from (3.12),
t, =V~ Vs (3.35)

Also moment of dF, acting on the particle with respect to Oy is,
dM, =1, -dF, (3.36)
Substituting (3.7) and (3.8) in (3.36),
dM, =F, -V, . -dm (3.37)

Then using (3.35) and (3.37) in (3.34) and arranging terms,
d ~ ~
dME :E(dHE)_(VP,E _VME,E)'VP,E -dm (3-38)
Since —VP’E Vpp =0, (3.38) reduces to,
d ~
dMEza(dHE)+VME7E-VP’E-dm (3.39)
Integration of (3.39) give,
deE=i(jdHE)+\7MEE-IVPEdm (3.40)
dt ’ ’
Substituting (3.14) for the last integral in (3.40),
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d .
ME:E(HE)_i_VME,E'VME,E'm (3.41)

Noting thatVME’E-VME,E =0, (3.41) reduces to moment equation defining the

rotational dynamics of a missile,
d
M, :E(HE) (3.42)

Following remarks are valid for (3.42):

1. (3.42) is not valid when the first assumption does not hold.

2. M, is summation of external moments only since the moments of internal

forces cancel each other obeying Newton’s third law.
3. This equation is valid even though the third assumption does not hold.
In order to express the moment equation (3.42) governing the rotational dynamics

in Fp, coordinate system transformation has to be performed.
d
Lgg M, =—(Lg -Hy) (3.43)
dt
Taking the time derivative of the right hand side,
d . .
E(LEB ‘Hy)=Lgy -Hy + Ly, -Hy (3.44)
Substituting (3.18) in (3.44) and dividing by L,

M,=H,+®, ,-H, (3.45)

In order to calculate the angular momentum of the missile with respect CG in Fp,

angular momentum of particles in it have to be integrated for the whole missile as,

H, = [F-V,, dn (3.46)

In (3.10), position of the particle with respect to CG is written in Fp as,
Yo r=Tve +Lgg 1 (3.47)
Time derivative of (3.47) gives,

R L, 1, +L, ¥, (3.48)
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Note that ry , =Vy, and for a rigid missiler, =0. Also substituting (3.18) in
(3.48),

Ver =Lig Vyg s t Lig @y 51y (3.49)
Then (3.46) is written relative to Fy using (3.49) as,

H, =Ly -H, = .[LBE 'f'E '(LEB 'VME,B + L 'OBM,B 'rB) dm (3.50)

Using the rule following rule of matrix transformation derived in [17]
=Ly T Ly (3.51)
Rearranging terms in (3.50) yields,

H, =(jfB dm)~VME,B +[By @y oxy dm (3.52)

The first integral in (3.52) is zero since 1% assumption holds.

When the last integral in (3.52) is expanded the following is found,

H, =1, o, (3.53)
Where,
IXX _]XY ]XZ
I,=\-1, I, -1, (3.54)
]ZX _IZY ]zz
Ly =[(+2")dm Ly =1y = [(x-y) dm
Ly = [ (> +2%) dm Ly =1 =[(x-2)dm (3.55)
]ZZ:I(X2+y2)dm [YZ:IZY:I(y'Z)dm

Noting that missile is symmetric relative to XgYp and XpZp, off-diagonal terms of
the inertia tensor, so called products of inertia are,

l,,=1,=1,=0 (3.56)
Because of the above condition, body-fixed coordinate axes are also the principal
axes of rotation. In other words, for angular velocity of a missile in any of the body-

fixed axis, the angular momentum vector is also on that axis.
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Substituting the angular momentum expression given in (3.53) into rotational

dynamics equation (3.45),

d -
MB :E(IB 'O)M,B)+mM,B 'IB Oy (3-57)
Carrying time derivation on,
M,=1,-0,,+I,0,,+0,,1,-0,, (3.58)

Since third assumption yields I 5 =0, (3.58) reduces to,

M,=1,6,+®y, 1,0 (3.59)

M,B ] M,B
Expanding (3.59) and arranging the terms if I, is non-singular, give rotational
equation of motion as,

By =(L,) " - (My =@y, 1,0y ) (3.60)

Total forces and moment used in translational and rotational equations are defined

as follows.
FX
FB = FY = FAero,B + FThrust,B + FGravity,B (361)
FZ
Where,
X T, T 0
FAero,B = Y FThrust,B = TY = LBF ’ 0 FGravity,B = LEB ’ 0
VA T, 0 m-g

As stated before M, term in (3.60) is the sum of all external moments and is given

as (3.62).
M,
M, =| M, |=M, ., + My, (3.62)
M,
Where
L —Xy
M ieros =| M Moz = s Frivuses g =
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3.4 Thrust Model
A jet engine like varying thrust engine model is developed to maintain the missile
velocity as constant as possible during the analysis in simulation. For this purpose
following assumptions are made.
1. Mass is constant, as always in this thesis,
2. Wind velocity is negligibly small compared to the missile air velocity and
Vid =V
3. Air velocity vector magnitude is approximately equal to its component on
OpXp axis (a=0,f=0)and uz=V,,,,
4. Thrust misalignment is negligible and thrust is aligned with OgXp axis,
5. Gravity vector component on OpXp axis is negligible compared to the
missile axial acceleration.
Translational dynamics of a missile is given in Section 3.3. Considering the given

assumptions, translational equation along OpXp axis reduces to (3.63).

ZF)(’BET+X§m-dZ% (3.63)

Variable thrust engine model for missile velocity control is implemented using
reduced equations above.
While designing a velocity hold control algorithm, following assumptions are made,
1. Drag force changes linearly with speed,
2. It’s assumed that engine is commanded with thrust input.

Architecture used to control the missile velocity is given in Figure 3.14.

V com Tcom T V
Y MA.com,, © C(s) > Ge(s) >  Gm(s) W

Figure 3.14 Variable Thrust Engine Model
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In order to determine missile transfer function G, defining translational dynamics,
drag force is formulated in terms of velocity.

X=K,V, (3.64)
Substituting (3.64) into (3.63),

av,,

I'+K,-V,, =m- %

(3.65)

Taking the Laplace transformation of (3.65),

T(s)+K, -V, (s)y=m-V,, (s)s (3.66)
Then Gy, is found to be as,
G,(s)= Vi = ! (3.67)
r m-s—K,

To find engine transfer function G, time constant of the engine from idle to full
throttle is defined as follows,
7,=05s

First order model for the engine is given in (3.68),

T wl’l e
G,(s)=—=—"— (3.68)
]:’am s+ Wn,e
Where,
w,,= i =2s"
R 5

e

3.5 Control Actuation System (CAS) Model
For CAS model, non-linear model included in MATLAB Simulink Aerospace
Blockset is referred. This model is based on a regular second order actuator as
presented in (3.69) plus the following extensions,
e Position integral saturation modeling mechanical limit,
e Actuator input saturation in terms of velocity, modeling the limited input
(voltage for electro-mechanical systems, oil and gas pressure for hydraulic

and pneumatic systems).
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A P (3.69)
Oc s? +2-Coys Ocys 'S"'wéAs

Response of this model for 20° fin deflection command for different velocity limits

is presented in Figure 3.15.

Actuator Response vs Time

2 20}t
b= Rty
.c
b5} i ..
é 10 — 500°/s Limit
é) .......... IOOO/S Lil’l’lit
0 | | | I I I
0 0.2 0.25 0.3 035 04 0.45 0.5
600
~~
@
& 400 .
2
RS
S 200 .
q) lllllllllllllllllllllllllllllllllllllll
> )c )

0 0.05 01 0.15 02 025 03 035 04 045 05
Time (s)

Figure 3.15 Non-linear Actuator Model Response to Step Input

In the simulation, following CAS performance parameters are used.
.5 =30Hz 0,,, =22°
Cors =08 8, =500°/s
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CHAPTER 4

AUTOPILOT DESIGN

4.1 Control Requirements

Closed loop system performance requirements have to be defined before designing
control systems. Requirements are defined at different design points in time domain
considering the limits of aerodynamics and CAS dynamics

Some of the time domain transient-response specifications in Figure 4.1 are used to

define control requirements [4].

y (t) A Tolerance
M, 2 % (%2 or %5)
/\ -

t

s

Figure 4.1 Definitions of Transient-Response Spesifications
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Requirements are defined considering the open loop missile characteristics and
CAS characteristics. Using the definitions above performance requirements are

found as in Table 4.1. A similar approach is also proposed in [9].

Table 4.1 Transient Response Performance Requirements

Pitch & Yaw Channel Roll Channel
Mach t: (s) M.P. (%) t: (s) M.P. (%)
0.3 <1.50 <20 <0.40 <20
0.8 <1.21 <20 <0.33 <20
1.1 <1.04 <20 <0.29 <20
1.4 <0.87 <20 <0.24 <20
1.8 <0.64 <20 <0.19 <20
2.4 <0.30 <20 <0.10 <20

For any design condition in between Mach 0.3 and 2.4, performance requirements
are assumed to change in a linear manner and can be interpolated with Mach

number.
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4.2 Linear Missile Models
Linear missile model is derived for pitch, yaw and roll channel respectively using
the non-linear equations of motion and Euler angle rates given in section 3.3, and
2.4.1 respectively. While deriving the linear models, CAS dynamics are neglected.
Effects of CAS on missile dynamics are compensated by re-arranging the closed
loop pole locations if missile response is not as desired.
Equations of motion in all three axes are given as below,
Fy=m-tiy +m-(q-wy—r-vg)
Fo=m-v.+m-(r-u,—p-w,) 4.1)
Fy=m-Vop +m-(p-vp —q-uy)
My =Ly =y =) a1 =Ly (@ =)= L -G+ p-@) =Ly - (G =7p)
My=1y-G=L,~1y)r-p=L (" =p)=1Ly-(p+q-r)=1, (F=p-q) (4.2)
My =1, =Ly ~1y) p-q=Ly (P =q") =1y, (§+r-p) =1 -(p—q-r)
For the case that thrust vector is along the OgXg axis (7, =7, =0), forces and

moments in (4.1) and (4.2) are,
F,=X+T,-m-g-sin0 M,=L
F,=Y+m-g-cos@-sing M,=M
F,=Z+m-g-cos@-cos¢ M,=N
The Euler angle rates are,
$=p+q-sing-tan@+rsing-tan
O=q-cosg—r-sing 4.3)
W =q-sing-secl+r-cos@-sect
In order to derive a linear model of missile dynamics, assumption called “short
period approximation” is used (see [22] and [23]). This approach is commonly used
in missile autopilot design process and simply states that rate of change of missile
velocity is negligible compared to rates of change of velocities along other axes
(u=0). With this approximation, simple linear models as explained in the
following sections are derived to define short period missile dynamics to be used in

autopilot design.
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4.2.1 Linear Missile Model for Pitching Motion
Equations defining 3 degree of freedom pitch plane motion is extracted from (4.1),
(4.2) and (4.3) with the assumptions and conditions below,

1. Thrust vector is along OpXp axis,

2. For only pitching motion, v=p=r=Y=L=N=¢=y¢ =0

3. Atmosphere is stationary, Vy; = V.

Z+m-g-cos@=m-w-m-(q-u) (4.4)
M=1,-q 4.5)
O=q (4.6)

Also as a convention, pitch dynamics are based on « instead of w using the

following definitions for small angles and short period approximation above,

a=tan = 4.7)
U, MA

& =tan— = (4.8)
u, MA

Since the missile is an air to air missile, it has to have higher acceleration capability
compared to target whose lateral acceleration is limited 10-15 g’s considering the
blackout problem of the pilot. In order to provide a precision hit capability missile
lateral acceleration limit is about 2-3 times higher than the targets’, i.e. around 30-

50 g’s. Then non-linear gravitational force term m-g-cos@ in (4.4) is neglected

compared to the Z aerodynamic force in body z-axis.
Lastly before formulating the linear model, aerodynamic forces and moments have
to be expressed with a linear combination of dominant database parameters.

2=0-S,,Cp-a+Q-S, -Cu -0y (4.9)

ref

Q.Sre lizec
zf_Vf g +0-8,, 1, Cyy -8, (4.10)
MA

M=0-S,, 1, Cyp-a+

Re-arranging with preceding equations through (4.4) to (4.10), remaining linear

equations defining missile pitching motion are given as follows.
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S -C S -C
=L Co Z“-a+q+—Q LT, (4.11)
m-Viy m-Viy
.S .1 ..C .S P .C .S .1 ..C
q.:Q ref " bref Ma.a_i_Q ref " tref M‘I.q_+_Q ref ref M5E.5E (4.12)
1, l,-2-V,, 1,
For simplicity,
7 éQ.Sref.CZa 7. iQ'Sref.Czﬁbv
“ m-V,, % m-V,,
2
M éQ.Srqf.lre_‘f.CMa M éQ'Sref.quf'CMq M éQ'Sref.lref.CMEE
« I, ‘ 1,2V, % I,

Lateral acceleration needed as an output for autopilot design is defined as,

azzngMA-Za-aJrVMA-ZgE-é‘E (4.13)
m

Equations (4.11) and (4.12) are the state equations and given in a matrix form as,

al_| 2 Lla) ) Zo s 4.14
= + :
q Ma Mq q M§E EC"OM ( )
- ——o=— - -
X A X B
az VMA'Za 0 MA O
(04
al=l 1 0 [q} 0 |Srcon (4.15)
—
q 0 1 |[=—== 0 u
— X - -
y C D
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4.2.2 Linear Missile Model for Yawing Motion
Equations defining 3 degree of freedom yaw plane motion are extracted in a similar
manner to pitching equations using assumptions and conditions below,

1. Thrust vector is along the OgXp axis, 7, =7, =0
2. For only yawing motion, w=p=gq=Z=L=M =0=¢=0

3. Atmosphere is stationary, V,, =V,

MA

Y=mv+m-(r-u)

N=1, -7 (4.16)
y=r
If same methodology is applied as in pitch plane, state space linear yaw model is
found as,
/? Yﬂ -\ B Y5R
= + 0, 4.17
|: I" Nﬂ Nr r N5 RCOM ( )
—— [ —A %,R_J u
X A X B

And the output equation is,

y /8 S

sl<| 17 o { } 0 o (4.18)
, o 124 o |

o —.
y C D

Where,
Y é Q‘Sref‘CYﬂ Y é Q.Srg/".CY()
B Or
m-V,, m-V,,

Nﬂ a Q‘Srgf ‘lrgf ‘CN/} N a Q'Sref 'lrzef 'CNr

Q.Sref .lre_‘ .CNé'R
]ZZ IZZ'Z'VMA ! 1

/4
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4.2.3 Linear Missile Model for Rolling Motion
Equations of motion defining rolling motion are found with a similar approach as in
pitching and yawing planes.
1. For only rolling motion, v=w=q=r=Y=Z=M=N=0=y =0
2. Atmosphere is stationary, V. =V,
L=1,-p
$=p

For the roll model, rolling moment has to be expressed in a linear composition of

(4.19)

state parameters as,

2
=25 by Cy
2V,

p+0-8,, 1, -Cpy -6, (4.20)

After some substitution, roll equations are found as,

$=p
2
p= Q- S,y by " Cuyp D+ QS ly .CL5A -9, (4.21)
1 xx ° 2 VMA 1 xXx
For simplicity,
L éQ'Sref'lrzef'CLp I éQ'Sref"lref'CL&A
é‘A
! I pod -2 VMA 1 XX
Then the state and output equations are defined as,
gl |0 1][g 0
= + 3 4.22
|:p 0 Lp p L(;A ACOM ( )
= o= =
X A X D
And the output equation is,
¢ 1 0l ¢ 0
= + |0 4.23
L? 0 1||p| [0]£2% (4.23)
At el M
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4.3 Missile Acceleration Response Characteristics
In order to examine the missile acceleration response characteristics, the open loop
transfer function from elevator deflection to normal acceleration is found using
(4.14) and (4.15) as in (4.24).
a9 _, Z, (Mg -M,Z)s+(M,y -Z,-M,-Z; )
S.(s) M sP =M, +Z,)s+(M,-Z,-M,)

(4.24)

Root Locus
1500

1000 -

500 -

Imaginary Axis
)

-500 -

-1000 -

-1500 ‘ ‘ ‘
-500 -400 -300 -200

Real Axis

|
-100
Figure 4.2 Configuration C1 Acceleration Transfer Function Root Locus

The acceleration transfer function of configuration C1 is found using the

aerodynamic derivatives calculated at Mach number 1.8 and is given with (4.25).

a,(s) —206.4-s° +8182s+3977000
0,(s) s> +400-5s+1677

(4.25)
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The root locus plot in Figure 4.2 shows that the open loop acceleration response to
elevator deflection is minimum phase. Therefore, the Assumption 2.1 for

boundedness of the augmented system is verified.

4.4 Full-State Feedback Autopilot Design Using Pole Placement

Full state feedback autopilot algorithms are designed using the data for
configuration C1. Then effects of changing the configurations specified with C2 and
C3 are analyzed using the autopilot designed for C1.

Nonlinearities in aerodynamics are handled with gain scheduling during the design.
Gain scheduling stands for determining some design points for flight parameters
and designing linear controllers at the design points. Between consecutive design
points (if design points selected properly), changes in aerodynamics are assumed to
be small and linear.

For systems like missiles, gain scheduling is necessary to compensate changes in
dynamic pressure and schedule linear controllers to the conditions at that instant.
The controllers in this thesis are scheduled for Mach number only. Normally
scheduling is done for dynamic pressure or both Mach number and altitude.

For missile systems of this kind, lateral and transverse acceleration transfer
functions, which can be easily derived from state space representations given in
(4.14), (4.15), (4.17) and (4.18), are type 0 and proper transfer functions. On the
other hand, bank angle transfer function that can be derived from (4.22) and (4.23)
is type 1 and strictly proper. Using a suitable method presented in Section 2.1
autopilots are designed in a decoupled manner.

The pitch, yaw and roll autopilot architectures are presented in Figure 4.3, Figure

4.4 and Figure 4.5 respectively.
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Pitch Autopilot Missile Pitch Model

a

X=A-x+B-u y=C-x 9z,
\_’
q
Figure 4.3 Pitch Autopilot Architecture with Pole Placement Approach
Yaw Autopilot Missile Yaw Model
P a
X=A-x+B-u y=C-x "
M
r
Figure 4.4 Yaw Autopilot Architecture with Pole Placement Approach
Roll Autopilot Roll Missile Model
. 9

P ¢) ¢ ) % X=A-x+B-u y=C-x y
p

Figure 4.5 Roll Autopilot Architecture with Pole Placement Approach
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Poles of closed loop systems are placed to proper locations using the approach
explained in section 2.1. Dominant poles are placed to the desired locations on the
s-plane. Remaining poles of the closed loop system are placed to other locations
where interference with dominant dynamics is negligible. However as stated in
section 4.2, CAS model is not included in linear missile models. Interferences to the
missile dynamics due to CAS is compensated by re-arranging closed loop pole
locations if necessary. Missile response with CAS dynamics for different pole
locations is analyzed in simulation until the desired response is achieved.

Pitch, yaw and roll open-loop poles for all configurations are presented in Table 4.2

and Table 4.3.

Table 4.2 Open Loop Poles for Pitch and Yaw Autopilots

Open Loop Poles (Pitch & Yaw)
Configuration C1 Configuration C2 Configuration C3
Mach Pole 1 Pole 2 Pole 1 Pole 2 Pole 1 Pole 2
0.3 -0.6 -75.7 -1.1 -87.9 -1.1 -110.0
0.8 -14 -189.1 -3.0 -213.2 -3.3 -285.9
1.1 -2.0 -305.1 -4.4 -310.1 -4.7 -480.4
14 -2.7 -3459 -5.6 -3514 -5.3 -506.8
1.8 -4.2 -395.7 -7.8 -392.4 -6.4 -580.2
2.4 -52 -410.3 -9.6 -440.1 -7.1 -560.9

Table 4.3 Open Loop Poles for Roll Autopilot

Open Loop Poles (Roll)
Configuration C1 Configuration C2 Configuration C3
Mach Pole 1 Pole 2 Pole 1 Pole 2 Pole 1 Pole 2
0.3 0.0 -221.7 0.0 -221.7 0.0 -221.7
0.8 0.0 -524.9 0.0 -524.9 0.0 -524.9
1.1 0.0 -320.1 0.0 -320.1 0.0 -320.1
1.4 0.0 -868.9 0.0 -868.9 0.0 -868.9
1.8 0.0 -1595.0 0.0 -1595.0 0.0 -1595.0
2.4 0.0 -2419.0 0.0 -2419.0 0.0 -2419.0
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The gains calculated using C1 aerodynamic models are presented in Table 4.4.
Using the gains given in Table 4.4, the closed loop poles for pitch and yaw
autopilots using linear models for C1, C2 and C3 are presented in Table 4.5 and

Table 4.6.

Table 4.4 Pitch, Yaw and Roll Autopilot Gains for Calculated for C1

Feedback Gains (Pitch & Yaw) Feedback Gains (Roll)

Mach K1 K2 -KI K1 K2
0.3 5.795 -0.752 0.271 -2.463 -0.042
0.8 1.178 -0.355 0.009 -0.466 0.023
1.1 0.727 -0.264 0.003 -0.271 -0.003
14 0.642 -0.215 0.002 -0.272 0.015
1.8 0.666 -0.178 0.003 -0.352 0.028
2.4 2.833 -0.100 0.015 -0.864 0.026

Table 4.5 Closed Loop Poles for Pitch and Yaw Autopilots (using Gains for C1)

Closed Loop Poles (Pitch & Yaw)
Configuration C1 Configuration C2 Configuration C3

Mach Pole 1 Pole 2 Pole 3 Pole 1 Pole 2 Pole 3 Pole 1 Pole 2 Pole 3
0.3 -5.7+1.81 | -5.7-1.81 -22.9 -1.0+1.31 | -1.0-1.3i -71.9 -3.1+3.01 | -3.1-3.0i -58.4
0.8 -7.0+2.31 | -7.0-2.31 -28.3 -33 -0.8 -160 -5.5 -4 -108
1.1 -8.2+42.71 | -8.2-2.71 -32.9 -5.5 -0.7 -207.4 -8.8 -2.5 -169.7
1.4 -9.8+43.21 | -9.8-3.2i -39.4 -6.8 -0.9 -238.7 -8.9 -3.2 -185.2
1.8 |-13.3+43i| -13.3-4.3i -53.4 -9.4 -1.4 -268.8 -6.4+0.91 | -6.4-0.91 -251.4
24 |-28.6+9.4i | -28.6 -9.41 -114.5 -7.8+4.81 | -7.8 -4.8i -349.4  |-12.9+11.6i| -12.9-11.6i -308.4

Table 4.6 Closed Loop Poles for Roll Autopilot (using Gains for C1)

Closed Loop Poles (Roll)
Configuration C1 Configuration C2 Configuration C3
Mach Pole 1 Pole 2 Pole 1 Pole 2 Pole 1 Pole 2
0.3 -10.7 -257.7 -10.7 -257.7 -10.7 -257.7
0.8 -13.0 -313.7 -13.0 -313.7 -13.0 -313.7
1.1 -15.0 -360.8 -15.0 -360.8 -15.0 -360.8
1.4 -17.6 -424.5 -17.6 -424.5 -17.6 -424.5
1.8 -23.1 -555.1 -23.1 -555.1 -23.1 -555.1
2.4 -42.9 -1031.0 -42.9 -1031.0 -42.9 -1031.0
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For the nonlinear CAS model presented in section 3.5, closed loop poles for small

signals for which the system behaves linearly is given in Table 4.7.

Table 4.7 Linear CAS Model Closed Loop Poles

Pole 1 Pole 2
-150.8 + 113.1i -150.8 - 113.1i

For the pitch and yaw autopilots, CAS dynamics is at least 6 times faster than the
closed loop missile dynamics. However for the roll autopilot, interference from
CAS to missile dynamics is significant since the roll channel closed loop poles is at
least 2 times faster. Response of the roll autopilots with the desired pole locations is
found to be more oscillatory than expected due to the CAS. This oscillatory
response is compensated by placing the closed loop poles of the roll autopilot on the
real axis of s-plane as presented in Table 4.6 such that the desired performance
requirements in Table 4.1 is satisfied.

Closed loop dynamics of the configurations presented in Table 4.5 and Table 4.6
show that the rise time of the missile configurations for pitch and yaw channels are
increasing for C1, C3 and C2 respectively which will also be analyzed in the next

chapter with simulation.

4.5 Adaptive Augmentation of Existing Autopilots

Existing pole placement control system is augmented with neural network in pitch
and yaw channel according to the theory presented in section 2.2.

For varying configurations, response of the missile changes due to the varying
aerodynamics which causes the existing autopilots designed for C1 do not produce
the necessary control input. Neural network augmentation is used to produce the
missing control input portion to satisfy the requirements defined with reference

model.
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For pitch and yaw autopilots augmentation architectures are given in Figure 4.6 and

Figure 4.7.
Neural Network Augmentation
| Reference Az reF
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e, ¥
Nk
5 SHL
EAD L Neural +——6,
Networks «—a,
Xl
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. a
) ) ’
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Figure 4.6 Architecture for Adaptive Augmentation of Pitch Autopilot
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Figure 4.7 Architecture for Adaptive Augmentation of Yaw Autopilot

To find convenient values for the neural network parameters as number of neurons,
input scaling, and learning rates simulation is used. Finding specific parameters that
satisfy adequate performance for the augmented autopilots is not easy to achieve

since the method includes trial and error design approach.
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CHAPTER S

RESULTS AND DISCUSSION

As explained in the previous chapter, the autopilots are designed using the base
configuration C1. Then the same autopilots are also used for varying configurations
C2 and C3 which have different pitch and yaw aerodynamics creating an
uncertainty for the pitch and yaw autopilots. The decrease in performance is
compensated for by augmenting existing autopilots with adaptive networks.

Five different time domain analysis case are set up to show the source of
uncertainty for existing autopilots, the performance of existing autopilots and the
performance improvement with augmented pitch and yaw autopilots as presented in
Table 5.1.

The analysis results in cases 1, 3, 4 and 5 are only presented in pitch plane since the
pitch and yaw aerodynamics, autopilot architectures and the desired performance
are same.

In the first case, source of uncertainty on autopilots caused by varying
configurations are explicitly shown and discussed using simulation results for the
pitch autopilot. Then in the second case, performance of unaugmented autopilots for
the base and varying configurations is analyzed considering the performance
requirements defined in Table 4.1. Lastly, with the remaining three cases,
performance of augmented pitch autopilot is presented for configurations C1, C2

and C3 respectively.
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Table 5.1 Description of Analyses Cases

Analysis| Config. Description
1 C1-C2—-C3 |Pitch plane open loop missile response analysis
2 C1-C2—-C3 |Pitch/Yaw/Roll autopilot time domain performance analysis
3 C1 Pitch autopilot performance analysis with/without NN
4 C2 Pitch autopilot performance analysis with/without NN
5 C3 Pitch autopilot performance analysis with/without NN

62




5.1 Analysis 1
Open loop missile dynamics are analyzed for the case defined in Table 5.2 to show
why the variations on missile configuration degrade the performance of the

controlled missile.

Table 5.2 Parameters for Analysis 1

Property Symbol Value
Missile Configuration C1-C2-C3
Mach No M 1.8

The cause of performance degradation for missile autopilots is the change in control
effectiveness for various configurations. For varying configurations, missile
aerodynamic moments are different causing change in control effectiveness. Control
effectiveness is defined as the ratio of angle of attack to control input. For the same
control input (control force), angle of attack at trim condition are different. This
condition is so, since the body + wing aerodynamic moments with respect to center
of gravity are different.

For all the configurations, 2 degrees elevator deflections as presented in Figure 5.1
are used. Then control effectiveness for configurations can be calculated using the
angle of attack responses in Figure 5.2 for the commands in Figure 5.1.

Control effectiveness is decreasing as C1, C3 and C2 as observed in Figure 5.1,
Figure 5.2 and Figure 5.3. Then physical interpretation is that the gains calculated
for configuration C1 whose controls are more effective, cannot create the necessary
control authority for configurations C2 and C3 resulting an increase in autopilot rise

time.
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5.2 Analysis 2
Designed un-augmented pitch, yaw and roll autopilots are analyzed for the case
defined in Table 5.3 to show whether the requirements defined in Table 4.1 are

satisfied for the alternative configurations.

Table 5.3 Parameters for Analysis 2

Property Symbol Value
Missile Configuration C1-C2-C3
Mach No M 03—-...-24

Results show that performance for pitch and yaw autopilots for any configuration
are found to be the same since the pitch and aerodynamics are the same. Also, as
explained in section 3.2, the roll aerodynamics is assumed to be the same for all
configurations which caused the performance analysis for roll autopilots to be the
same.

As seen from Figure 5.4 and Figure 5.5, pitch and yaw autopilot rise time
performance for C1 is as required. However, C2 and C3 cannot satisfy the rise time
requirements for most of the flight region. The roll autopilot rise time performance
is as required for all configurations which are presented in Figure 5.6.

For all the configurations, maximum percent overshoot requirements are satisfied as

in Figure 5.7, Figure 5.8 and Figure 5.9.
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Figure 5.5 Analysis 2 — Yaw A/P Rise Time with Mach
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5.3 Analysis 3

The effect of adaptive augmentation on missile pitch and yaw autopilots is analyzed
for the case in Table 5.4. The purpose of this analysis is to show that if the
modeling error caused by linearization is small, interference of adaptive

augmentation on the existing controller is small.

Table 5.4 Parameters for Analysis 3

Property Symbol Value
Missile Configuration Cl
Mach No M 1.8
Number of Neurons N 5
Input - Hidden Layer Weights Ty 1
Learning Rate
%lgi(;ﬁs L(gzg?r:gLIiZf; Tw 0.001
e-modification Coefficient A 0.001
Activation Potential a 0.1—...—1
Total Simulation Time S 10

Results of this case show that the response of augmented pitch autopilot not much
altered by neural networks. This result can be observed from transverse acceleration
presented with Figure 5.10 and Figure 5.11, pitch rate given in Figure 5.12 and
control inputs Figure 5.13. In Figure 5.13, it is observed that the order of magnitude
of neural network control input is very low compared to the existing autopilot
control input. Also weight histories in Figure 5.14 and Figure 5.15 show that
instantaneous adaptation for this configuration is observed which means that the

neural network weights did not converge.
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Figure 5.11 Analysis 3 — Pitch Acceleration Response (Ss — 6s)
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Figure 5.13 Analysis 3 — Elevator Control Inputs
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5.4 Analysis 4

The effect of adaptive augmentation on missile pitch and yaw autopilots is analyzed
for the case in Table 5.5. The purpose of this analysis is to show that adaptive
augmentation of existing controller can compensate for the modeling error

originated from changing center of gravity location.

Table 5.5 Parameters for Analysis 4

Property Symbol Value
Missile Configuration C2
Mach No M 1.8
Number of Neurons N 5
Input - Hidden Layer Weights Ty 1
Learning Rate
%lgi(;ﬁs L(gzg?r:gLIiZf; Tw 0.001
e-modification Coefficient A 0.001
Activation Potential a 0.1—...—1
Total Simulation Time S 70

Results of this case show that the response of augmented pitch autopilot for this
configuration is improved by neural networks. This result can be observed from
transverse acceleration presented with Figure 5.16, Figure 5.17 and Figure 5.18,
pitch rate given in Figure 5.19 and control inputs Figure 5.20. Figures show that
augmented autopilot response satisfies the requirements defined using reference
model with time. In Figure 5.20, it is shown that order of magnitude of neural
network control input is comparable to existing autopilot control input. Also, weight
histories in Figure 5.21 and Figure 5.22 show that adaptation for this configuration
is observed which means neural network weights converge and learn this

configuration.
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Figure 5.17 Analysis 4 — Pitch Acceleration Response (Ss — 6s)
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5.5 Analysis 5

The effect of adaptive augmentation on missile pitch and yaw autopilots is analyzed
for the case in Table 5.6. The purpose of this analysis is to show that adaptive
augmentation of existing controller can compensate for the modeling error

originated from the varying aerodynamics due to the changing tail geometry.

Table 5.6 Parameters for Analysis 5

Property Symbol Value

Missile Configuration C3
Mach No M 1.8
Number of Neurons N 5
Input — Hidden Layer Weights r 1
Learning Rate v
Hidden — Output Layer

. ) I'w 0.1
Weights Learning Rate
e-modification Coefficient A 0.001
Activation Potential a 0.1—...—1
Total Simulation Time S 20

Results of this case show that the response of augmented pitch autopilot for this
configuration is also improved by neural networks. This result can be seen in
transverse acceleration presented with Figure 5.23 and Figure 5.24, pitch rate given
in Figure 5.25 and control inputs Figure 5.26. Figures show that augmented
autopilot response satisfies the requirements defined using reference model very
fast. Also it is observed in Figure 5.24 that perfect tracking of the reference model
is achieved with the neural network augmented autopilots. In Figure 5.26, it is
shown that order of magnitude of neural network control input is also comparable to
existing autopilot control input as the previous case analysis 4. Also, weight
histories in Figure 5.27 and Figure 5.28 show that instantaneous adaptation for this
configuration is observed meaning that neural network weights did not converge as

in the case analysis 3.

79



Z-Acceleration ws Tine

150

100

50

a_ (m/s")

S50

-100 ';

-150F

|
a 5 10 15 20
Titne (5}

Figure 5.23 Analysis 5 — Pitch Acceleration Response

Z-foceleration v Tine

150
100

50

a_ (m/s")

-50

-100

-150

15 b 27 25 20 3
Time (5}
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CHAPTER 6

CONCLUSIONS

With this thesis, an automated aerodynamic analysis tool is developed and used to
create different configurations with different aerodynamics, such that the
performance of the control system designed for the base configuration decreases.
After modeling the missile dynamics, six degree of freedom simulation is developed
and used to simulate different missile configurations and analyze control system
performance during the analysis. Afterwards, control systems are designed with the
derivation of linear missile models considering time domain performance
requirements. Then, control systems are augmented using existing control system
augmentation approach. Lastly the performance of un-augmented and augmented
existing controllers are analyzed and discussed.

Analysis 1 presented in previous chapter showed that the reason for autopilot
performance decrease for varying configurations is the change in control
effectiveness. Control effectiveness for configurations is shown to reduce with the
order C1, C3 and C2. Control system performance for different configurations is
also shown to decrease in the same manner as explained in analysis 2. With the
adaptation of existing autopilot designed for Cl, augmented pitch and yaw
autopilots satisfy the required performance for base configuration C1 and varying
configurations C2 and C3 as presented with analysis 3 to 5. Augmented autopilots
for C2 in analysis 4 are shown to have global (convergent) adaptation and neural
networks learned the system. For this analysis, augmented autopilots took some
time to achieve adaptation to the uncertain aerodynamics of C2. On the other hand,
augmented autopilots for C3 in analysis 5 achieve local adaptation in which the
neural network weights did not converge. But the adaptation of augmented

autopilots in analysis 5 is found to be instantaneous.
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During the analysis, some restrictions of adaptation method for this kind of
problems are discovered. With this method response characteristics depend on the
flight velocity, command and amplitude of the command. This in turn required
tuning process to be performed at some design points for different commands and
learning rate scheduling. Furthermore, increasing the learning rates of the neural
networks may cause unwanted high frequency dynamics in missile response for
certain conditions.

To summarize, overall assessment of adaptive augmentation architecture presented
herein work well. For an agile missile control problem, in which lateral
accelerations are usually controlled, application may not increase the performance
much because of the restrictions of the method. The analysis cases show that
instantaneous adaptation with this method is better than the convergent adaptation

which requires more time to satisfy the performance defined with requirements.
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APPENDIX A

AERODYNAMIC ANALYSIS

A.1 Missile DATCOM

Missile DATCOM is a FORTRAN based executable analysis code which includes
different empirical formulas, charts as well as theories and formulas depending on
the flight region and geometry. It includes text files with ‘.dat’ extension that are
used for input and output. Files used during the aerodynamic analysis in this thesis
and their descriptions are listed in the following table and function of other files in

the program is explained in Ref. [20].

Table A.1 Input and Output Files for DATCOM

Unit |Name Usage

4 for004.dat  |Program output file for user specified parameters
5 for005.dat  |User input file
6 for006.dat  [Program output file

Missile DATCOM is configured using the commands called ‘Control Cards’ and
physical properties of the geometry input are defined with subroutines called
‘Namelist’. Inputs are defined using file ‘for005.dat’ and see Ref [20] for a
complete list of control cards and namelists. Basic parameters used to define a
missile are expressed in [20] and missile DATCOM input file configured for

AIMO9D aerodynamic analysis is presented below.
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Table A.2 DATCOM Input Parameters

Namelist |Parameter |Description
LREF Reference length
REFQ SREF Reference area
XCG Center of graviy
BETA Sideslip angle
NALPHA angle of alpha vector length
FLTCON ALPHA angle of alpha vector
NMACH Mach vector length
MACH Mach vector
ALT Altitude vector
TNOSE Nose shape selection
LNOSE Nose length
DNOSE Nose diameter
LCENTR Center body length
AXIBOD DCENTR Center body diameter
LAFT Aft body length
DAFT Aft body diameter at the front
DEXIT Aft body diameter at the back
BNOSE Nose bluntness radius
ZUPPER Ega;:;;iz .Vector for thickness to chord ratio of upper
L MAXU Spaq-wise vector fgr fractipn of chord from section
leading edge to maximum thickness of upper surface.
LAy S yeer for oo of chord of comn
FINSETn |SSPAN Span-wise vector of semi-span locations
CHORD Span-wise vector of chord length
XLE Span-wise vector of nose to leading edge distance
STA Place of sweep angle (leading/trailing edge)
SWEEP Sweepback angle at each span station.
NPANEL Number of panels
PHIF Angle of the fins to vertical axis at back view
DEFLCT DELTAn Vector of fin set n deflection angles for each panel
XHINGE Vector of fin set hinge line locations relative to nose
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A complete aerodynamic database has to include most of the coefficients needed to
estimate aerodynamic forces and moments at any flight condition. An aerodynamic
flight condition is defined by Mach number, altitude, alpha, beta and control surface
deflections. However, Missile DATCOM gives aerodynamic coefficients for a
vector of angles of attack at certain Mach number, altitude, beta and control surface
deflection angles. So that the user has to change the parameters except the angles of
attack defined in order to sweep all possible flight conditions. This procedure is
done autonomously with aerodynamic database creation code developed in
MATLAB. This code forms ‘for005.dat’ file according to the user inputs, run
executable analysis code and save the aerodynamic analysis results read from
‘for004.dat’ to a file. Also the code generates a plot of the input geometry and
potential center of pressure locations before the analysis to be able to decide on the

stability characteristics of the missile.
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