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In this thesis, a surface-to-surface missile model with laminated composite fins is 

examined with respect to one-way static aeroelastic response under constant 

supersonic flight conditions. Two different modified double wedge fins or control 

surfaces using for control actuation system of a missile are investigated and 

compared in terms of aerodynamic and linear structural characteristics in order to 

minimize tip deflection.  A serial set of steady-state supersonic Computational Fluid 

Dynamics (CFD) analyses at different angles of attack are conducted in order to 

obtain pressure distribution causing the structural deflection or failure on fins having 

modified double-wedge cross-sections. Grid refinement study is also performed for 

CFD analysis part. Control surface models are manufactured and tested in supersonic 

wind tunnel at a certain angle of attack and Mach number in order to observe shock 

waves on control surfaces during the flight.  
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By using aerodynamic loads due to pressure distribution on fins, linear structural 

analyses with an algorithm written in Matlab® are executed in Nastran®. This 

algorithm examines the different stacking sequence of the laminated composite 

control surfaces in order to reduce tip deflection by considering four different failure 

criteria. Three structures with different stacking sequences not failing under 

maximum aerodynamic loads in structural analyses are manufactured and tested for 

both control surface models in order to compare and verify the maximum tip 

deflection results of Finite Element Method.  

 

 

Keywords: Computational Fluid Dynamics, Stacking Sequence, Tip Deflection, 

Laminated Composite Fin, Failure Criteria, Finite Element Method, 
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KATMANLI KOMPOZİT YAPIDAKİ FÜZE KANATLARININ STATİK 

AEROELASTİK MODELLEMESİ VE PARAMETRİK SERİM AÇISI 
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Bu tezde, katmanlı kompozit yapıdaki kontrol yüzeylerine sahip bir karadan-karaya 

füze modelinin, sabit süpersonik uçuş koşulundaki tek yönlü statik aeroelastik tepkisi 

incelenmiştir. Uç kısmındaki sehim miktarını en aza indirgemek için, değiştirilmiş 

çift kama kesit alanına sahip iki farklı kontrol yüzeyi, aerodinamik ve lineer yapısal 

karakteristikleri bakımından incelenmiş ve karşılaştırılmıştır. Farklı hücum 

açılarında, kontrol yüzeylerine etki eden, yapısal sehime ya da kırılmaya sebep olan 

basınç dağılımını elde edebilmek için bir dizi durağan durumdaki hesaplamalı 

akışkanlar dinamiği analizi (HAD) gerçekleştirilmiştir. Ayrıca HAD analizleri için 

çözüm ağı iyileştirme çalışması yapılmıştır. Şok açılarını gözlemlemek için, kontrol 

yüzeyi modellerinin üretimi gerçekleştirilmiş olup, bu modellerin belli bir hücum 

açısında ve Mach sayısında süpersonik rüzgar tüneli testleri gerçekleştirilmiştir.  
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Kontrol yüzeylerine etki eden basınç dağılımından kaynaklanan aerodinamik yükler 

kullanılarak, Matlab® programında yazılmış olan algoritma aracılığıyla, Nastran® 

programında lineer yapısal analizler gerçekleştirilmiştir. Katmanlı kompozit yapıya 

sahip kontrol yüzeylerinin farklı katman oryantasyonları, dört farklı hata kriterini göz 

önüne alarak, sehim miktarını azaltmak için bu algoritma tarafından incelenmiştir. 

Hasara uğramamış katman dizilimine sahip 3 farklı model, her iki kontrol yüzeyi için 

de üretilmiş olup, sonlu elemanlar metodu ile elde edilen en yüksek uç sehimini 

doğrulamak ve kıyaslamak için test edilmiştir. 

 

 

Anahtar Kelimeler: Hesaplamalı Akışkanlar Dinamiği, Serim Açısı, Uç Sehimi, 

Katmanlı Kompozit Kanat, Hasar Kriteri, Sonlu Elemanlar Metodu. 
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CHAPTER 1 

1. INTRODUCTION 

1.1 Definition of Missiles 

Missiles are self-propelled guided systems including detectors such as image, heat 

and inertial detectors in order to reach a target. They have high acceleration, range of 

speed and maneuverability in comparison to conventional air vehicles. Also, higher 

loading due to dynamic pressure occurs on missiles. Due to these differences, some 

aerodynamic design constraints may come to existence. For example, excessive 

aerodynamic heating, high pressure exerted on missile components and extreme 

gravitational force due to high acceleration may result in some structural problems.  

 

Missiles are categorized in terms of warhead, propulsion systems, launch mode, 

range, and guidance system. On the other hand, launch mode is mostly used 

classification way. Missile types with respect to launch mode are shown in Table 1 

[1]. 

 

Table 1 Classification of missiles in terms of launch mode 

SAM Surface-to-air missile 

SSM Surface-to-surface missile 

AAM Air-to-air missile 

ASM Air-to-surface missile 

AUM Air-to-underwater missile 

UUM Underwater-to-underwater missile 
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Besides these classifications, missile with guidance system can be classified with 

respect to types of the flight control method. These are canard control, wing control, 

tail control, and unconventional flight control. In tail control alternative, control 

surfaces are located at tail. This type of systems, need to be integrated into a launch 

platform and they may also have fixed wings, strakes or canards. For canard and 

wing control systems, there are additional control surfaces to tail control surfaces. 

Finally, unconventional control alternative includes thrust vector control with jet 

interaction. In Figure 1, four main types of guided missiles are given in terms of the 

control methods [2]. 

 

Figure 1 Guided Missile Control Types [2] 

Missiles are typically five main sections including guidance system, warhead, 

propulsion system, autopilot, and control actuation system. The guidance system is a 

system that receives information from its launch controller and directs the missile to 

the target. This system also transmits all missile functions to its launch controller for 

monitoring the missile performance. The warhead is explosive section of missile 

containing destroying materials in order to destroy the target. The autopilot system 

provides some flight information such as missile location, direction, velocity and 

altitude in order to direct motion of missile via control surfaces. The propulsion 

system is a system that provides thrust throughout the flight. It includes a mixture of 

chemical fuels.  
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This system is also responsible for propelling the missile from its launcher. Finally, 

the control actuation system is a system that directs the missile via received 

information from the autopilot and guidance section. It has fins or control surfaces in 

order to change direction of missile during the flight. The main sections of missile 

are shown in Figure 2. 

 

Figure 2 Javelin Medium Anti-Armor Weapon System [3] 

 

Calculation of aerodynamic forces and moments is a significant issue for missile 

design process. To obtain an accurate solutions for aerodynamic coefficients and 

forces cause the cost reduction and saving on time. However, calculation of these is a 

difficult process for missile design due to some aerodynamic problems such as 

excessive aerodynamic heating, high range of flight velocity and high pressure 

distribution on missile body. Due to the various mission requirements, there are 

many missile designs in defense industry. In missile design, apart from designing 

conventional airplanes, different aerodynamic sign conventions are utilized so as to 

define aerodynamic forces and moments.  In a six degree of freedom coordinate 

system, these forces and moments acting on missile are shown in Figure 3. 

 



4 

 

 

Figure 3 Forces and moment coefficients in six D.O.F. systems [4] 

1.2 Aeroelasticity 

During the missile design processes, there are some constraints that restrict the 

designers such as aeroelasticity. Aeroelasticity is the interaction between 

aerodynamics and structural mechanics composed of static and dynamic 

aeroelasticity. While dynamic aeroelasticity deals with dynamic response of a 

structure, static aeroelasticity takes care of steady-state response of an elastic 

structure due to the fluid structure interaction. In Figure 4, Collar’s triangle of forces 

is shown in order to define relation between aerodynamic, elastic and inertial forces 

[5]. 

 

 

Figure 4 Collar’s Aeroelasticity Triangle [5] 
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Aerodynamic loads may cause structural fatigue and failure problems for an 

aerospace structure such as a missile exposed to coupled aerodynamic loads varying 

with the velocity profile.  

Static aeroelasticity is related with the interaction among aerodynamic and elastic 

forces. The main points of interest of this discipline are divergence, load distribution 

and control surface reversal. Divergence is a static instability condition of a lifting 

surface of an air vehicle during the flight. It occurs at a specific speed called the 

divergence speed. Load distribution is an influence of the pressure distribution over 

the structure. Control surface reversal is a condition which occurs  at control reversal 

speed. It is related with the effects of an elastic deformation on control surfaces such 

as aileron, rudder and elevator.  

On the other hand, dynamic aeroelasticity is a phenomenon including flutter, 

buffeting and dynamic response. Flutter is a dynamic instability occurring at a 

specific flight speed called flutter speed. Then, buffeting is transient vibration of an 

aircraft component due to the aerodynamic impulses. Finally, dynamic response is a 

transient response of a structure created by gust, landing, gun reactions etc. [5]. 

Fields of aeroelasticity is shown in Figure 5. 

 

Figure 5 Fields of Aeroelasticity 
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1.3 Composite Materials 

For missile structural design, composite materials are highly used in industry. 

Composite materials consist of two or more materials that have different chemical 

and physical properties. Recently, they are highly used in aerospace industry due to 

some design requirements such as high strength and minimum weight requirements. 

Composite laminates consist of layers of fibrous composite materials and the failure 

characteristics of these highly need to be considered in order to utilize strength of a 

composite structure.  The main advantage of composite structures is that they show 

the best properties of their constituents In other words, there are some properties of a 

design that can be developed by constituting a composite structure such as, strength, 

stiffness, corrosion resistance, weight, fatigue life and thermal insulation. There are 

four commonly accepted types of composites which are fibrous composites including 

matrix and fiber materials, laminated composite materials composed of layers of 

different materials, particulate composite materials and combination of these three 

kind of composites. Fibrous materials are materials that consist of fibers with high 

modulus and surrounding materials called matrix. Fibers are geometrically defined 

by their very high length-to-diameter ratio. Strengths of fiber elements are very high 

in comparison to common structural elements such as aluminum. However, it is not 

possible to compare fibers and common used structural materials because fibers have 

to be used with matrix materials in a structural member [6]. In Table 2, different fiber 

materials are compared with commonly used structural materials in terms of their 

densities, strengths and stiffness.  
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Table 2 Fiber and wire properties [7] 

Fiber or Wire 
Density 

[kN/m3] 

Tensile Strength 

[GN/m2] 

Tensile Stiffness, E 

[GN/m2] 

Aluminum 26.3 0.62 73 

Titanium 46.1 1.9 115 

Steel 76.6 4.1 207 

E-Glass 25.0 3.4 72 

S-Glass 24.4 4.8 86 

Carbon 13.8 1.7 190 

Graphite 13.8 1.7 250 

 

Fibers have limited usage without bonding with a structural element that holds them 

together which is called matrix. Matrix supports fibers and transfers the stresses 

between them. It is generally considered as the material with lower density, stiffness 

and strength. However, the combination of matrix and fibers has very high stiffness 

and strength. The structures of matrix materials can be polymers, ceramics, metals or 

carbon. Laminated composite materials are composed of at least two layers with 

different materials which are bonded together. Lamination is used to combine best 

properties of layers in a composite structure. These aspects can be stiffness, weight, 

corrosion resistance, thermal insulation etc. A laminated composite consisting of 4 

layers is shown in Figure 6. 

 

Figure 6 Laminated composite structure [8] 
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Particulate composite materials are composed of particles which can be metallic or 

non-metallic. These particles are used in a matrix material and the final product of 

matrix and particles has lower stiffness and strength in comparison to fibrous 

composite materials because load is mainly carried by the matrix material. However, 

in fibrous composites, matrix provides support and protection for fibers and helps for 

load distribution between fibers, so desirable strength and stiffness can be provided 

[8]. 

1.4 Aim of Thesis 

In this study, laminated composite missile fins are investigated in terms of strength 

varying with the aerodynamic profile. The main goal of this study is to examine 

whether the laminated composite control surfaces with modified-double wedge 

cross-sections fail or not under maximum aerodynamic loads by performing one-way 

static aeroelastic analyses. Another purpose of this study is to investigate different 

stacking sequences of control surfaces consisting of carbon/epoxy composite layers 

in order to minimize the maximum deflection and increase the carried load capacity. 

By considering the geometric constraints of missile body, two different cross-section 

of control surface are investigated in terms of their strengths and maximum 

deflection under maximum aerodynamic pressure. In order to obtain aerodynamic 

loads and moments, two missile models analyzed at different angles of attack and 

constant supersonic speed. After performing CFD analyses, less deformable ply 

orientations are obtained by using an algorithm written in Matlab®. All ply 

orientations are investigated by Tsai-Wu, Tsai-Hill, Maximum Stress and Hoffman 

failure criteria. Then, the three configurations of both control surface models are 

manufactured and tested to compare the tip deflections.  
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CHAPTER 2 

2. LITERATURE SURVEY 

In literature, there are many studies on static aeroelasticity of a missile and stacking 

sequence optimization of laminated composites. In this chapter, a review study on 

these topics is carried out. The most related studies which is utilized in this study are 

introduced. 

 

Yang [9] carried out an analysis on composite canards exposed to static aerodynamic 

loads. He modelled the canard as a symmetrically laminated structure formed by 

graphite/epoxy lamina. In this study, an iterative code was developed in order to 

examine the interaction between the aircraft canard and aerodynamic loads. The 

canard model with 2-D shell elements was also optimized in terms of the ply 

orientation of laminate. It was revealed that, transverse shear stresses are 

considerably larger than in-plane stresses. In CFD part of the study, panel method 

was preferred to describe the fluid and obtain the aerodynamic loads. Moreover, in 

structural part, GA (genetic algorithm), CONMIN (Constrained Function 

Minimization) and Hybrid optimizer were used in order to optimize the ply 

orientation and ply thickness of laminated composite canard. These optimizer 

algorithms, were compared with respect to accuracy, convergence criteria and 

computational costs.  

 

Kim et al. [10] investigated the optimal ply orientation of a laminated composite 

plate. To calculate the stresses classical lamination theory was used.  
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Tsai-Wu failure criterion was taken into consideration in the optimization procedure 

of stacking sequence of the structure.  Also, a sensitivity analysis was carried out by 

using finite difference (FDM) and adjoint variable method. Authors concluded that, 

adjoint variable method provided more accurate results than FDM.  

 

Lopez et al. [11] used a genetic algorithm to optimize the stacking sequence and 

weight of laminated composite plates exposed to in-plane loads. Different failure 

criteria which are Tsai-Wu, Maximum Stress and Puck were compared in order to 

decide weight reduction of the plate.   

 

Harrison and Johnson [12] developed a formulation to predict interlaminar stresses in 

thickness-tapered laminated composite plate. By using and modifying Pagano’s 

methodology, stress fields were determined for a tapered plate. Also, parametric 

studies were performed to analyze the ply-drop laminates under different loads. This 

shows that, the stiffness of the dropped plies has a significant influence on 

interlaminar stresses.  

 

Rajanish et al. [13] performed a study on different failure criteria of laminated 

composite plates. The experimental results were compared with the analysis results 

encompassing Tsai-Wu, Tsai-Hill, Hashin, Hashin-Rotem and Maximum Stress 

failure theories. It was noticed that, Tsai- Wu, Tsai-Hill and Hashin methods are 

more close to experimental results than others.  

 

In a review paper of Burk [14] in 1983, reviewing failure criteria usage in failure 

analyses, 80% of the people performing failure analysis on composite structures 

utilize Tsai-Wu, Tsai-Hill, Maximum Stress and Maximum Strain failure theories. 

The most commonly used one is Maximum Strain theory and its percentage of usage 

is 30%. Maximum Stress theory is ranked at the second with 22%. Tsai-Hill and 

Tsai-Wu usages are 17% and 12% respectively. 

 

 



11 

 

Sun et al. [15] evaluated the commonly used failure criteria for both a single lamina 

and under different loads in order to characterize and compare these criteria. Hashin,  

Hashin-Rotem, Tsai-Hill, Tsai-Wu, Maximum Stress and Strain failure theories was 

compared in this study. It was concluded that, at a single layer level, the criteria 

which distinguish the fiber and matrix failure modes are more precise. While Hashin-

Rotem, Maximum Stress and Maximum Strain failure criteria give more accurate 

results for fiber-dense laminates, Tsai-Wu, Tsai-Hill and Hashin methods are more 

reliable for matrix –dominated laminates. Also, it was recommended that, in order to 

foresee lamina matrix failure of a laminate, transverse and shear strengths should be 

utilized.  

 

Olcay [16] performed a study at progressive failure methodology for composite of 

shells. In this study, nonlinear finite element code for large deformations was 

developed. Maximum stress, Tsai-Wu and Hashin’s failure theories were compared 

in different cases. It was revealed that first ply failure loads were acquired in 

increasing order by Tsai-Wu, Hashin’s and Maximum Stress failure criteria. Also, a 

maximum stress criterion is the least conservative failure criterion for all cases in 

terms of first ply and ultimate failure loads. 

 

Celik [17] evaluated tapered laminates exposed to tensile loading in his study. In 

order to survey performance of tapered laminated composites, Hashin’s failure 

criteria with progressive failure analysis was utilized for in-plane failure modes and 

cohesive zone method was used for out-of –plane failure modes. 

 

Akbulut and Sonmez [18] studied at weight optimization of composite laminates. In 

this study, a laminated plate exposed to in-plane and out-of-plane loading was 

modelled in order to obtain an optimized ply orientation and number of ply of the 

structure. Tsai- Wu and maximum stress failure theories were utilized during the 

optimization part of the study. It was emphasized that in some cases, the optimization 

routine was failed when both theories were utilized individually.  

 



12 

 

In order to avoid this situation Tsai-Wu and maximum stress criteria were used 

together in the algorithm. 

 

Lee [19] performed a comparative study for supersonic exhaust jet-flows by using 

four base eddy viscosity turbulence models which are Spalart-Allmaras, Wray-

Agarwa, Standart k-ϵ, Shear Stress Transport k-ω models. The analyses results were 

compared with experimental results by modelling Putnam, Seiner and Eggers 

nozzles. Author concluded that, the accurate prediction of boundary layer profile is 

required at jet exit in order to obtain better performance of k-ϵ turbulence model with 

low Reynolds number. 

 

Sumer [20] developed a static aeroelastic model for complicated aircraft wing 

geometries.  In this study, an iterative solution as utilized in order to adapt mesh to 

the deformed wing body. Agard Wing 445.6 was modelled so as to contrast 

analytical results with test results. Distribution of pressure coefficients across the 

wing body and edge displacements are obtained by using computational aeroelastic 

model. It was deduced that deflection due to bending reduced the lift and its 

coefficient.  

 

Newman et al. [21] performed a study at high-fidelity static aeroelastic analysis. In 

this study, nonlinear Euler equations and finite element method were used to model 

aerodynamic loads. In order to identify the solution domain of fluid, unstructured 

tetra grids were utilized. The aeroelastic response of subsonic, transonic and 

supersonic flow regimes were obtained statically. According to this study, the case of 

transonic flow regime shows that there is a significant loss of lift force due to the 

large deflection of the wing. 

 

Inci [22] optimized the continuous path and discrete ply angle orientation of a 

composite structure. In this study, there are two methods which are gradient based 

method by a module of Nastran and genetic algorithm working with Nastran finite 

element solver in order to carry out the optimization.  
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It is revealed that genetic algorithm gives more accurate results than optimization 

module of Nastran. Also, it is stated that discrete fiber orientation optimization gives 

a better optimum result than continuous fiber path optimization because the each 

element is designated an angle of fiber orientation for discrete fiber orientation 

optimization. 

 

Dillinger [23] made an investigation about static aeroelastic optimization of 

laminated composites with variable stiffness. In this study, there are two basic parts 

which are stiffness optimization and design of the wing aeroelastic constraints. In the 

procedure of stiffness optimization part, a parametric model generator was set up to 

derive finite element, mass and doublet lattice models. Doublet lattice method is an 

aerodynamic computing method which calculates surface pressure of aerodynamic 

model. By using this method, a wing planform was modeled with flat trapezoidal 

panels in order to obtain aerodynamic pressure. Then, in the wing design part, a 

model to optimize was prepared and mass minimization study was performed.  

 

Ozkaya and Kayran [24] developed a nonlinear aeroelastic model for the composite 

missile fins with intralaminar and interlaminar damage. In this research, two-way 

fluid structure interaction analyses were performed in order to investigate failure 

modes of composite missile fins. For case verification, Agard wing 445.6 wing 

model was utilized at critical Mach number. Laminated composite missile fin was 

modeled by using the Ansys ACP tool. It is revealed that, delamination of leading or 

trailing edge is taken into consideration since it is more possible due to 

manufacturing processes. Moreover, interlaminar and intralaminar damages were 

examined together so as to simulate the worst case. It is concluded that, total 

coefficient of lift had been decreased dramatically in comparison to undamaged case. 

 

Kayabasi [4] performed a validation study for Modified Basic Finner (MBF) model 

with four fins. In this study, CFD results obtained from different turbulence models 

were compared with experimental data. During this study, Spalart-Allmaras, k-ϵ and 

k-ω turbulence models were examined.  
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Analytical results were compared with test data of free flight at varying velocity 

profile in terms of axial force coefficient, normal force coefficient slopes and the 

slopes of pitching moment coefficient. According to this study, for supersonic flow 

regimes closer results to the test data were acquired by using k- ϵ turbulence model. 

In Figure 7, axial force coefficient and normal force coefficient slope variations with 

Mach number are shown. 

 

 

a) Axial force coefficient 

 

 

b) Normal force coefficient slope 

Figure 7 Turbulence Models comparative study [25] 
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Aslan et al. [25] performed a study about static aeroelastic modeling of a laminated 

composite missile fin. In this study, missile fin with double wedge cross-section was 

modeled in order to minimize the tip deflection under aerodynamic loading. An 

optimization study was carried out in terms of ply orientation of the laminated 

composite fin by considering the Tsai-Wu failure criterion. This fin with 

unidirectional layers is also tested. Least deformable 5 ply orientations obtained from 

the optimization study are shown in Table 3. 

 

Table 3 Least deformable 5 orientations of optimization study [25] 

Stacking 

Sequence [°] 𝛔𝟏,𝐦𝐚𝐱 [MPa] 𝛔𝟐,𝐦𝐚𝐱 [MPa] 𝛔𝟏𝟐,𝐦𝐚𝐱 [MPa] 𝛅𝐦𝐚𝐱 [mm] 

[15/0/15/0/0]s 508.21 7.70 11.62 4.031 

[0/15/15/0/0]s 538.61 7.94 12.30 4.033 

[0/0/15/0/0]s 506.89 7.69 11.55 4.036 

[30/0/15/0/0]s 512.43 7.74 10.96 4.052 

[0/0/0/15/0]s 535.50 8.45 18.00 4.058 
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CHAPTER 3 

3. FAILURE THEORIES 

Failure theories are the field of foreseeing whether the solid material fails or not 

under the external loads. When the applied load is over the maximum load capacity 

carried by the solid material, the failure takes place. Since testing of a material in 

each state is not cost effective process in engineering, failure criteria are used to 

predict defects in structures. In composite materials, failure mechanism is 

investigated in micromechanical and macro-mechanical levels. While 

micromechanics of failure deal with fiber and matrix failure in a layer of composites, 

macro-mechanics of failure handles delamination of composite structures. 

 

In multilayered composites, evaluating failure theories is more difficult than single 

layer composites. The scope of failure analysis of laminated composites includes 

failure theory of a lamina for prediction of first ply failure, progression of failure in 

laminated structure after first ply failure, a criterion for maximum load or ultimate 

ply failure [26]. The composite failures occur when damage in fibers, crack in 

matrix, debonding in a layer or delamination are observed under external loads. In 

literature, there are some studies so as to examine intra-laminar failure in composites. 

For instance, Falzon and Appruzzese [27] performed an analytical analysis of 

interlaminar failure mechanism for composites by implementing a finite element 

model. In this study, a 3D model was developed for determining the interlaminar 

failure initiation, growth and ultimate failure loads by using a finite element program 

of Abaqus.  
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The non-linear stress and strain relations for a single-layered composite were taken 

into consideration under compressive transverse loads. The purpose of this study is to 

implement an implicit solution to the model. Daniel [26] investigated failure theories 

and its procedures to predict and analyze failure in composite structures. In this 

study, both laminate and lamina failures are examined. At the part of single layer 

failure, Tsai-Wu, Tsai-Hill, Hashin-Rotem, Maximum stress and strain failure 

theories were compared by means of failure envelopes for different materials and 

different stress states. Figure 8 shows the failure envelopes of UD Carbon/Epoxy 

lamina under normal and shear loading by using the different failure theories. 

According to the Figure 8.a, Tsai-Hill is most conservative than other failure theories 

used in this study when a single layer of composite is subjected to biaxial normal 

tension (σ1>0, σ2>0) and compression (σ1<0, σ2<0). On the other hand, as it is seen 

in Figure 8.b, Tsai-Hill is most conservative failure criterion for a lamina which is 

subjected to transverse shear and compression while Tsai-Wu is most conservative 

for a lamina under transverse shear and tension. 

 

              

    a) Under biaxial normal loading        b) Under transverse normal and shear loading 

Figure 8 Failure envelopes for UD carbon/epoxy (AS4/3501-6) lamina [27] 

 

In the light of this information, this study approaches the intra-laminar failure of 

composites under maximum aerodynamic loads at supersonic velocity profile.  
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In order to perform a parametric study for ply orientation and determine the least 

deflected composite missile fin, Maximum Stress, Tsai-Hill, Tsai-Wu and Hoffman 

failure criteria are utilized.  

 

3.1 Maximum Stress Failure Criterion 

Maximum Stress Failure Criterion evaluates whether the stresses on composite 

structures exceed the allowable stress or not. In other words, this criterion directly 

compares the stress components with specified critical stresses by assuming that 

there is no interaction between the stress components acting on lamina [28]. 

There are two different failure conditions shown in Eq. (1-5). 

 

Fiber Failure: 

 𝜎1 ≥ 𝑋𝑡 ( 1 ) 

 |𝜎1| ≥ 𝑋𝑐 ( 2 ) 

Matrix Failure: 

 𝜎2 ≥ 𝑌𝑡 ( 3 ) 

 |𝜎2| ≥ 𝑌𝑐 ( 4 ) 

 𝜎12 ≥ 𝑆 ( 5 ) 

 

Note that, in all failure equations presented in this study, “1” and “2” components of 

stress symbols symbolize fiber and transverse directions respectively. The material 

strength components which are tensile, compressive and shear strengths are denoted 

by “X”, “Y” and “S” respectively. Also, “t” and “c” represent the direction of tension 

and compression. 

 

3.2 Tsai- Hill Failure Criterion 

This criterion is extended version of yield criterion of distorsional energy called von-

Mises yield criterion, for anisotropic materials [29]. Hill performed an extension to 

von-Mises criterion for anisotropic materials, and Tsai applied this theory o to 

unidirectional lamina by assuming the compressive and tensile strength of composite 

materials are equal [30].  
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The governing equation of Tsai-Hill theory is given in Eq. (6). According to this 

theory, “FI” term called as failure index, must be less than one in order to say that the 

material does not fail. This equation does not consider a difference between tensile 

and compressive strength so, it is noted that the appropriate values of tensile and 

compressive strength of material in longitudinal and transverse direction which are 

“𝑋𝑡”, “𝑋𝑐”, “𝑌𝑡”, “𝑋𝑐”, have to be used depending on the sign of 𝜎1 and 𝜎2 [6]. 

 

 
𝐹𝐼 =  

𝜎1
2

𝑋2
−
𝜎1𝜎2
𝑋2

+
𝜎2
2

𝑌2
+
𝜎12
2

𝑆2
 ( 6 ) 

3.3 Tsai-Wu Failure Criterion 

Tsai-Wu failure criterion is commonly used in failure analysis of composite 

structures. This criterion is the extension of Tsai-Hill criterion by adding the number 

of terms in the failure index equation. [31] There is a basic assumption that a failure 

surface exists in the stress-domain in the scalar form shown in Eq. (7). According to 

this theory, failure index denoted as “FI” defined in Eq. (8) must be less than one. 

Otherwise, the composite structure fails. The strength parameters, F terms in 

equation, must be determined by experiment [32]. 

 

 𝐹𝑖 + 𝐹𝑖𝑗𝜎𝑖𝜎𝑗 = 1      𝑖, 𝑗 = 1,2, … ,6 ( 7 ) 

 

 𝐹𝐼 = 𝐹1𝜎1 + 𝐹11𝜎1
2 + 𝐹2𝜎2 + 𝐹22𝜎2

2 + 𝐹66𝜎12
2 + 𝐹12𝜎1𝜎2  ( 8 ) 

 

Where 

 
𝐹1 =

1

𝑋𝑡
−
1

𝑋𝑐
     𝐹11 =

1

𝑋𝑡𝑋𝑐
     𝐹2 =

1

𝑌𝑡
−
1

𝑌𝑐
     𝐹22 =

1

𝑌𝑡𝑌𝑐
     𝐹66 =

1

𝑆2
 ( 9 ) 

 

And the interaction coefficient is shown in Eq. (10). 

 

 
𝐹12 = −

1

2√𝑋𝑡𝑋𝑐𝑌𝑡𝑌𝑐
 ( 10 ) 
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3.4 Hoffman Failure Criterion 

Hoffman Failure theory is a form of Tsai-Hill failure criterion. In Tsai-Hill failure 

theory, strength parameters are acquired by neglecting difference between tension 

and compression. However, Hoffman added some linear terms so as to differentiate 

tension and compression strength components. For the plane stress, the governing 

equation of this theory is given in Eq. (11) [6]. 

 

 
𝐹𝐼 =  −

𝜎1
2

𝑋𝑐𝑋𝑡
+
𝜎1𝜎2
𝑋𝑐𝑋𝑡

−
𝜎2
2

𝑌𝑐𝑌𝑡
+
𝑋𝑐 + 𝑋𝑡
𝑋𝑐𝑋𝑡

𝜎1 +
𝑌𝑐 + 𝑌𝑡
𝑌𝑐𝑌𝑡

𝜎2 +
𝜎12
2

𝑆2
 ( 11 ) 

 

According to Hoffman theory, “FI” term called as failure index, have to be less than 

one in order to say that the material does not fail under exerted loads. Note that, for 

equal tensile and compressive strength terms, this theory turns into Tsai-Hill failure 

theory in Eq. (6). 
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CHAPTER 4 

4. CFD MODELING AND WIND TUNNEL TESTING 

4.1 Methodology and Geometry Description 

In this study, a surface-to-surface missile with laminated composite control surfaces 

is modeled with respect to static aeroelastic response. First of all, 3D CFD analyses 

at different angle of attack are performed in order to obtain maximum pressure 

distribution on control surfaces.  

The missile geometry used in this study, has four main parts which are nose, body, 

fixed wings, control surfaces. The nose contains seeker and the body consists of 

guidance-autopilot system, warhead and flight motor parts. In analyses part, two 

main missile models are used. The only difference between these is cross-sections of 

control surfaces. The control surfaces used in both cases, have same span lengths, 

thicknesses and chord lengths. However, they have different cross-sections although 

they are both modified double-wedged type control surfaces. In this way, both 

control surfaces are compared in terms of the aerodynamic and structural 

performances.  
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Figure 9 Parts of missile Model 

 

The general dimensions of missile are shown in Figure 10. The missile length is 1040 

mm, and body diameter is 80 mm. Fixed wings are swept wings with the angle of 

20°.  

 

 

Figure 10 Missile and fixed wing dimensions (mm) 
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4.1.1 Model 1 

In model 1, control surfaces have double wedges with %60 of the chord length and a 

flat surface with %40 length of chord. In this model, chord length of control surfaces 

is 30 mm, thickness is 3.6 mm wedge lengths are 9 mm and flat surface length is 12 

mm. The cross-section of Model-1 is shown in Figure 11. 

 

 

Figure 11 Control surface dimensions of missile model-1 

 

4.1.2 Model 2 

In model 2, control surfaces have double wedges with %80 of the chord length and a 

flat surface with %20 length of chord. In this model, chord length of control surfaces 

is 30 mm, thickness is 3.6 mm wedge lengths are 12 mm and flat surface length is 6 

mm. The cross-section of Model-1 is shown in Figure 12. 

 

  

Figure 12 Control surface dimensions of missile model-1 
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4.1.3 CFD Grid Generation 

In CFD analyses, unstructured elements are used in order to obtain a better model. 

First of all, boundary layers of missile and faces of outer domain are modeled with 

triangular surface elements in Gambit®. Face size functions are used in order to 

obtain low skewness and high element quality. In mesh generation part, mesh 

refinement study is performed. For better turbulence modeling, boundary layers are 

modeled by prism elements with TGrid®. In both coarse and fine mesh cases, 20 

layers are generated on missile surfaces. After forming surface meshes and boundary 

layers, volumetric tetrahedral elements are generated by using TGrid®. Number of 

elements, faces and nodes is shown in Table 4 for both coarse and fine meshes of 

Model-1 and Model-2. The number of wedge and tetrahedral elements is given in 

Table 5 for both control surface models. 

 

Table 4 Mesh Refinement Study 

  Grid 

Number of 

Element 

Number of 

Face Number of Node 

Model-1 
Fine 9513067 20667999 2668249 

Coarse 5263478 12567432 1496470 

Model-2 
Fine 8835488 19167609 2460812 

Coarse 4985231 11598741 1368723 

 

Table 5 Wedge and tetrahedral elements in missile models 

  Element Type 

Number of 

Elements 

Model-1 
Wedge 2848420 

Tetrahedral 5986568 

Model-2 
Wedge 3112400 

Tetrahedral 6400667 

 

The grid of the model-1 for fine mesh and its boundary layers for nose, fixed wing 

and control surface are shown in Figure 13. 
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Figure 13 Fine grid details 

4.2 Grid Quality Analysis 

The grid quality and number of elements affect the convergence and results of the 

CFD analyses. So as to obtain better solution, the grid quality has to be fine enough. 

For CFD analyses, two aspects of quality are mostly used which are skewness and 

aspect ratio. The aspect ratio of a cell is defined as the ratio of the longest edge 

length to shortest edge length. For an ideal cell, the aspect ratio should be close to 1. 

Then, skewness is a quality measurement whether an element is appropriate to ideal 

form [33]. In other words, skewness is a ratio of the difference between optimal cell 

size and cell size used in mesh model to the optimal cell size. Skewness ratio is given 

in Eq. 12.  

Skewness =  
Optimal Cell Size − Cell Size

Optimal Cell Size
 ( 12 ) 

 

According to skewness measurement method, 0 value of skewness is the ideal form, 

and 1 is the worst element quality. In Table 6, skewness ratio range with respect to 

grid quality is shown. 
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Table 6 Skewness ratio with respect to element quality [34] 

Value of Skewness Cell Quality 

1 Degenerate 

0.9-1 Bad 

0.75-0.9 Poor 

0.5-0.75 Fair 

0.25-0.5 Good 

0-0.25 Excellent 

0 Equilateral 

 

 

In CFD analyses part, skewness of all elements is examined for both model-1 and 

model-2. Skewness with the element distribution are given in Figure 14 an 15.  

 

 

Figure 14 Skewness ratio of Model-1 
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Figure 15 Skewness ratio of Model-2 

 

4.3 Boundary Layer Model 

Turbulent boundary layer is consists of some sub-layers. In order to obtain better 

turbulence model, y+ calculation is required. y+ is a non-dimensional distance to 

describe distance to the wall boundary condition. It is important in turbulence 

modeling to determine the proper size of the cells near domain walls. Turbulent 

region is divided into three main sublayers in terms of the y+ values namely viscous 

sublayer, buffer layer and fully-turbulent region. The outer region of turbulent 

boundary layer is called fully-turbulent region or log-law region. The layer near wall 

is called viscous sublayer. The layer between viscous sublayer and fully turbulent 

region is named buffer layer or blending region. In turbulent flow modeling, it is 

recommended that y+ values are equal or less than 1 for enhanced near-wall 

modeling [34]. y+ values of turbulent region are shown in Figure 16.  
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Figure 16 y+ values of turbulent layers [35] 

 

In CFD Analysis part, the operating conditions at sea level altitude is utilized [36]. 

The used conditions are shown in Table 7. 

Table 7 Operating Conditions [36] 

Altitude [m] 0 

Atmospheric Pressure [Pa] 101325 

Air Density [kg/m3] 1.225 

Dynamic Viscosity [N.s/m2] 1.79x10-5  

Temperature [ºK] 288.16 

Speed of Sound [m/s] 340.3 

 

The Reynolds number [37] is calculated in order to get y+ values lower than the 1. 

Thus, the first layer thickness of the turbulent boundary layer is determined in Eq. 

(13-17). At the first step to obtain desired first layer thickness of boundary layer, 

Reynolds number denoted by “Re” is calculated by Eq. 13. Then, coefficient of 

friction on wall boundary condition denoted by “Cf”, wall shear stress denoted by 

“τω”, and frictional velocity denoted by “Uτ” are calculated by using Eq. 14, 15, and 

16 respectively. Finally, desired first layer thickness denoted by “∆y1” is calculated 

by using Eq. 17. Note that, freestream velocity is 1.6 Mach and length of missile is 

1.04 m. 
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Re =  

ρ V L

μ
 

( 13) 

 

 Cf = 0.058 Re−0.2  (for external flow) 

 
( 14 ) 

 
τω =

1

2
 ρ V2 Cf 

 
( 15 ) 

 

Uτ = √
τω
ρ

 

 

( 16 ) 

 
∆y1 =

y+ μ

ρ Uτ
 

 

( 17 ) 

Then, the maximum first boundary layer thickness of missile model so that y+ is 

equal to 1 is calculated and shown in Table 8. Note that, these values are obtained for 

each part of missile by using the own length of the parts when calculating Reynolds 

numbers. 

Table 8 Maximum first boundary layer thickness of missile parts 

Parts Re Cf τω [Pa] 𝑈τ [m/s] ∆y1 [m] 

Nose 14904760 0.0021 387.11 17,78 8.22e-07 

Fixed Wings 1863095 0.0032 586.75 21,89 6.68e-07 

Body 37261899 0.0017 322.29 16,22 9.01e-07 

Control Surfaces 1117857 0.0035 649.86 23,03 6.34e-07 

 

According to Table 8 least first layer thicknesses are obtain for control surfaces when 

desired y+ value is 1. As a result of this, first layer thickness of the missile model 

should be less than 0.0006 mm to get enhanced near-wall solution. 

y+ values of missile parts for both model-1 and model-2 are shown in Figure 17 and 

18. Note that, in order to get low skewness, transition between the elements of 

boundary layer and interior part for solution domain has to be smooth.  
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In other words, the size of the elements near boundary layers has to be very close to 

each other. Otherwise, there may be a convergence problem. For this reason, to 

decrease size of the tetrahedral elements of solution domain, desired y+ values are 

chosen as 0.1 by reducing the first layer height of boundary layers.  

 

 

Figure 17 y+ values of missile model-1 

 

 

Figure 18 y+ values of missile model-2 

 

As it is seen in Figure 18 and Figure 18, solution domain of all missile parts have  

boundary layers with the values of wall y+ is less than 0.1 so all turbulent boundary 

layers shown in Figure 17,  can be examined on the surfaces of both missile models. 
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4.4 Solution Method and Boundary Conditions 

For both model-1 and model-2 steady-state CFD analyses with 3D solution domain 

are performed at different angle of attack respectively 0°, 3°, 6°, 9°, 12°, 15° by 

using the Fluent® solver. Missile surfaces are modeled as “wall” boundary 

conditions. Wall boundary conditions are used to connect fluid and solid regions. In 

the solution including viscous flow, no-slip boundary condition is enforced at wall 

surfaces [38]. In this study, no-slip boundary conditions are also utilized when 

modeling missile surfaces as “wall”.    

Outer surfaces of solution domain are modeled as “pressure far-field”. This boundary 

conditions help to model free-stream flow regime at infinite surface of the solution 

domain.  In this kind of boundary conditions, free-stream velocity is defined in terms 

of the Mach number. This boundary condition utilizes “Riemann Invariants” in order 

to define flow variables at the surface of boundaries. It is highly recommended that 

this boundary condition is practicable when the density is obtained from the Ideal-

Gas Law available in density-based solver [38]. Also, in order to obtain better 

turbulence modeling, k-ϵ turbulence model with enhanced wall treatment is used for 

turbulence modeling in CFD analyses. In this study, free-stream velocity defined in 

pressure far-filed boundary condition is constant and 1.6 Mach. 

In Figure 19 and 20, solution domain of CFD analyses and its dimensions are given. 

The domain is formed by a cylinder. The cylinder has 20 m diameter and 30 m 

height. Origin of the missile geometry is located at 10 meters away from inlet surface 

and at the center axis of the cylinder.  
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Figure 19 Dimensions of solution domain in m 

 

Figure 20 Solution domain of CFD 

 

All analyses in this study, are carried out at constant flow velocity which is 1.6 

Mach. Due to the supersonic flow regime, density based solution are utilized. For 

turbulence modeling, k-ϵ turbulence model with enhanced wall treatment are used. 

Ideal gas option and Sutherland’s law with three coefficient method are utilized in 

order to define air properties. Sutherland, in 1893, defined a correlation between the 

viscosity and absolute temperature for an ideal gas.  
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Sutherland’s law depends on kinetic theory of ideal gas and it is shown in Eq. 18 and 

19 [39].  

 
μ =

𝐶1𝑇
2

1 +
𝑆

𝑇

 ( 18 ) 

 

µ, T, and S refer to dynamic viscosity, absolute temperature and Sutherland 

temperature of an ideal gas respectively. Also, µref and Tref refer to reference dynamic 

viscosity and temperature of flow respectively. Then, C1 is a constant which can be 

written as: 

 

 𝐶1 =
μ𝑟𝑒𝑓

𝑇𝑟𝑒𝑓
3/2

(𝑇𝑟𝑒𝑓 + 𝑆) ( 19 ) 

Implicit formulation is used during the analyses, and at the beginning of the solution 

first order solutions are performed. At progressive stages of solution, second order 

solutions are used. Courant Number is increased by starting from 1 when residuals 

converge certain values or become horizontal. Courant-Friedrichs-Lewy (CFL) 

number is a condition while solving some hyperbolic partial differential equations 

with finite difference method. In density-based implicit formulation, the default CFL 

is 5 in Fluent®. It is probable to increase it depending upon the complication of 

problem [40]. For both models, solutions are converged between 2500 and 3000 

iterations.  

4.5 Results 

In this part of study, the main purpose is to obtain pressure distribution on the control 

surfaces. By this way, it will be used in structural part of the study to composite 

modeling. During the CFD analyses, 24 different analyses are carried out including 

mesh refinement study of two different models. These models are analyzed at 

supersonic velocity which is 1.6 Mach and 6 different angles of attack including 0°, 

3°, 6°, 9°, 12°, and 15°. Missile surfaces modeled as wall boundary conditions. 

However, each part of body are named by separately in order to get compare the 

results of each cases. These parts are shown in Figure 21. 
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Figure 21 Missile part notations 

 

The main purpose of CFD part is to get worst cases of aerodynamic loading which 

give maximum lift and drag forces on control surfaces. These cases are the cases of 

15° of angle of attack for both model-1 and model-2. Lift and drag coefficients for 

each part is obtained. They are obtained for both fine and coarse meshes are shown 

in Figures 21-26. According to these Figures, there are some key points in order to 

say that solution is converged. First of all, in the cases of fine and coarse meshes, lift 

and drag coefficients are very close to each other for each part. Secondly, for model-

1 and model-2 case, nose, body and fixed wing geometries are unique and it is 

expected that their lift and drag coefficients should be close to each other at a certain 

angle of attack. In other words, flow characteristics are the same until flow reaches 

the control surfaces having different cross-sections for model-1 and model-2 so, in 

both missile models, lift and drag coefficients of nose and fixed wings should be 

close to each other. This may be evaluated as another convergence criterion.  
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Figure 22 CL vs. α (°) graph of nose 

 

As it is seen in Figure 22, lift coefficients of nose are obtained for both model-1 and 

model-2 with the mesh refinement study. It is obvious that, coarse and fine mesh 

results are very close to each other for both missile models. The maximum 

percentage difference between coarse and fine mesh of model-1 is 3.8% 

approximately which occurs at 6° angle of attack analyses. This value is 3.7% for 

model-2 mesh refinement study. On the other hand, the maximum percentage 

difference between the cases of fine meshes of model-1 and model-2 is 4.3% 

occurring at 12° angle of attack analyses. The maximum lift coefficient values are 

0.14 for noses of missile model-1 and missile model-2.  
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Figure 23 CL vs. α (°) graph of body 

 

In Figure 23, lift coefficients of missile bodies are shown. It can be seen that, results 

of each cases are very close to each other. For missile body, the maximum 

percentage difference between coarse and fine mesh of model-1 is 4.8% 

approximately which occurs at 9° angle of attack analyses. This value is 5.3% for 

model-2 mesh refinement study. On the other hand, the maximum percentage 

difference between the cases of fine meshes of model-1 and model-2 is 2.7% 

occurring at 6° angle of attack analyses. The maximum lift coefficient values are 

0.11 for bodies of missile model-1 and missile model-2.  
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Figure 24 CL vs. α (°) graph of fixed wing-4 

 

In Figure 24, lift coefficients of fixed wings-4 are shown. For fixed wing, the 

maximum percentage difference between coarse and fine mesh of model-1 is 3.1% 

approximately which occurs at 12° angle of attack analyses. This value is 2.0% for 

model-2 mesh refinement study. On the other hand, the maximum percentage 

difference between the cases of fine meshes of model-1 and model-2 is 3.7% 

occurring at 12° angle of attack analyses. The maximum lift coefficient values are 

0.76 for fixed wings of missile model-1 and missile model-2. 
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Figure 25 CL vs. α (°) graph of control surface-4 

 

In Figure 25, lift coefficients of control surfaces-4 with respect to angle of attack are 

shown. For control surface, the maximum percentage difference between coarse and 

fine mesh of model-1 is 2.0% approximately which occurs at 9° angles of attack 

analyses. This value is 2.4% for model-2 mesh refinement study at 12° angles of 

attack analyses. The maximum lift coefficient value of model-1 is 0.79 while the 

maximum lift coefficient of model-2 is 0.77. 

 

 

Figure 26 CD vs. α (°) graph of nose 
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In Figure 26, drag coefficients of missile noses are shown. The maximum percentage 

difference between coarse and fine mesh of model-1 is 5.1% approximately which 

occurs at 6° angle of attack analyses. This value is 3.9% for model-2 mesh 

refinement study. On the other hand, the maximum percentage difference between 

the cases of fine meshes of model-1 and model-2 is 1.7% occurring at 6° angle of 

attack analyses. The maximum drag coefficient values are 1.46 for noses of missile 

model-1 and missile model-2.  

 

 

Figure 27 CD vs. α (°) graph of body 

 

In Figure 27, drag coefficients of missile bodies are shown. It can be seen that, 

results of each cases are very close to each other. For missile body, the maximum 

percentage difference between coarse and fine mesh of model-1 is 2.8% 

approximately which occurs at 3° angle of attack analyses. This value is 3.4% for 

model-2 mesh refinement study. On the other hand, the maximum percentage 

difference between the cases of fine meshes of model-1 and model-2 is 2.8% 

occurring at 6° angle of attack analyses. The maximum drag coefficients values are 

0.03 for bodies of missile model-1 and missile model-2.  
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Figure 28 CD vs. α (°) graph of fixed wing-4 

 

In Figure 28, drag coefficients of fixed wings-4 are shown. For fixed wing, the 

maximum percentage difference between coarse and fine mesh of model-1 is 2.1% 

approximately which occurs at 3° angle of attack analyses. This value is 2.0% for 

model-2 mesh refinement study. On the other hand, the maximum percentage 

difference between the cases of fine meshes of model-1 and model-2 is 2.7% 

occurring at 3° angle of attack analyses. The maximum drag coefficient values are 

0.22 for fixed wings of missile model-1 and missile model-2.  
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Figure 29 CD vs. α (°) graph of control surface-4 

 

In Figure 29, drag coefficients of control surfaces-4 with respect to angle of attack 

are shown. For control surface, the maximum percentage difference between coarse 

and fine mesh of model-1 is 1.6% approximately which occurs at 15° angles of attack 

analyses. This value is 1.8% for model-2 mesh refinement study at 15° angles of 

attack analyses. The maximum drag coefficient value of model-1 is 0.29 while 

maximum drag coefficient of model-2 is 0.27. 

 

Lift and drag coefficient variations are obtained for fine and coarse grid for both 

missile models in order to compare and discuss the results of mesh refinement study. 

Free-stream is the same for both missile models until it reaches the control surfaces 

with different cross-sections. As a result of this, CFD models of noses and fixed 

wings of both missile models have nearly same lift and drag coefficients at all angles 

of attack as expected. Moreover, as it is seen in fine and coarse mesh results of lift 

and drag variation figures of nose and fixed wings, drag and lift coefficients are very 

close to each other in each angle of attack analysis so CFD solutions can be 

considered as converged. Then, normal force and axial force variations with angle of 

attack is obtained during the study.  
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Since mesh refinement study is performed for only lift and drag coefficients, normal 

force, axial force and center of pressure variations are considered by using only fine 

grids of missile models. 

 

Figure 30 Normal Force (N) vs. α (°) graph of nose 

 

Normal force variations with angle of attack for nose parts of model-1 model-2 are 

given in Figure 30. According to the Figure, normal forces acting on the nose part 

increase with angle of attack as expected. It is seen that, force values are very close 

to each other due to the unique geometry of this part in both model. The maximum 

normal force occurs at 15° angle of attack for both cases. The maximum normal 

force value of model-1 is 230.7 N while this value is 234.6 N for model-2. Also, the 

maximum percent difference of normal forces between two models is %2.56 which is 

obtained by 9° angle of attack analyses. 
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Figure 31 Normal Force (N) vs. α (°) graph of body 

 

In Figure 31, normal forces varying with the angles of attack are shown for body 

parts of model-1 and model-2. In this Figure, it is obvious that, normal forces acting 

on the body parts increase with angle of attack as expected for both cases. Due to the 

same geometric dimensions of body parts of model-1 model-2, values of normal 

force are close to each other. The maximum normal force value is obtained from 15° 

angle of attack analyses for each model. This is 1595.6 N for model-1 and 1585.6 N 

for model-2. Moreover, the maximum percent difference of normal forces between 

two models is %5.26 which is obtained by 12° angle of attack analyses. 

 

 

Figure 32 Normal Force (N) vs. α (°) graph of fixed wing-4 
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Normal force variations with angle of attack for fixed wings of model-1 and model-2 

are given in Figure 32. According to the Figure, normal forces acting on the wings 

increase with angle of attack as expected. It is seen that, force values are very close 

to each other due to the unique geometry of fixed wings in both model. The 

maximum normal force occurs at 15° angle of attack for both cases. The maximum 

normal force value of model-1 is 290.4 N while this value is 286.79 N for model-2. 

Also, the maximum percent difference of normal forces between two models is 

%2.26 which is obtained by 12° angle of attack analyses.  

 

 

Figure 33 Normal Force (N) vs. α (°) graph of control surface 4 

 

Variation in normal forces of control surfaces of model-1 and model-2 with angle of 

attack is given in Figure 33. According to the Figure, normal forces acting on the 

wings increase with angle of attack as expected. The maximum normal force occurs 

at 15° angle of attack for both cases. The maximum normal force value of model-1 is 

366.34 N while this value is 356.17 N for model-2. 
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Figure 34 Axial Force (N) vs. α (°) graph of nose 

 

Axial force variations with angle of attack for nose parts of model-1 and model-2 are 

given in Figure 34. According to the Figure, axial forces acting on the nose part 

increase with angle of attack as expected. It is seen that, force values are very close 

to each other due to the unique geometry of this part in both model. The maximum 

axial force occurs at 15° angle of attack for both cases. The maximum axial force 

value of model-1 is 658.9 N while this value is 665.4 N for model-2. Also, the 

maximum percent difference of axial forces between two models is %1.6 which is 

obtained by 6° angle of attack analyses. 

 

 

Figure 35 Axial Force (N) vs. α (°) graph of body 
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Variation in axial forces of body of model-1 model-2 with angle of attack is given in 

Figure 35. According to the Figure, axial forces acting on the missile body increase 

with angle of attack as expected. The maximum axial force occurs at 15° angle of 

attack for both cases. The maximum axial force value of model-1 is 15.0 N while this 

value is 15.2 N for model-2. Also, the maximum percent difference of axial forces 

between two models is %4.8 which is obtained by 6° angle of attack analyses. 

 

 

Figure 36 Axial Force (N) vs. α (°) graph of fixed wing-4 

 

Axial force variations with angle of attack for fixed wings of model-1 model-2 are 

given in Figure 36. It is seen that, force values are very close to each other due to the 

unique geometry of fixed wings in both model. The maximum axial force occurs at 

6° angle of attack for both cases. The maximum axial force value of model-1 is 7.98 

N while this value is 8.01 N for model-2. Also, the maximum percent difference of 

axial forces between two models is %4.86 which is obtained by 15° angle of attack 

analyses.  
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Figure 37 Axial Force (N) vs. α (°) graph of control surface 4 

 

Variation in axial forces of control surfaces of model-1 model-2 with angle of attack 

is given in Figure 37. The maximum axial force occurs at 6° angle of attack for 

model-1 and 9° angle of attack for model-2. These values are very close to each other 

as it is seen. The maximum axial force value of model-1 is 37.13 N while this value 

is 29.90 N for model-2.  

 

Maximum normal force acting on missile model-1 is approximately 3139.4 N. 

Normal force acting on control surface-4 of model-1 is 11.68% of maximum normal 

force acting on missile model-1. Also, maximum normal force acting on missile 

model-2 is approximately 3106.1 N. Normal force acting on control surface-4 of 

model-2 is 11.45% of normal force acting on missile model-2.  

Maximum axial force acting on missile model-1 is approximately 833.5 N. Axial 

force acting on control surface-4 of model-1 is 4.45% of maximum axial force acting 

on missile model-1. Also, maximum axial force acting on missile model-2 is 

approximately 808.7 N. Axial force acting on control surface-4 of model-2 is 3.68% 

of maximum axial force acting on missile model-2.  
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The main goal of CFD part of this study is to obtain maximum resultant force acting 

on control surface-4 due to pressure distribution. In order to perform structural 

analyses, pressure center location of the flight condition at which the control surfaces 

are subjected to maximum aerodynamic loads is also needed. This condition occurs 

at 15° angle of attack for both missile models.  

 

 

Figure 38 Spanwise variation of C.P. location via α (°) 

 

In Figure 38, pressure center variations of control surfaces with angle of attack 

through the span are shown. For control surface of model-1 the pressure center is 

38.26 mm away from root of control surface at 15° angle of attack. This distance is 

38.57 mm for control surface of model-2. 
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Figure 39 Variation of C.P. location through the chord length via α (°) 

  

In Figure 39, pressure center variations of control surfaces with angle of attack 

through the chord are shown. For control surface of model-1 the pressure center is 

11.83 mm away from leading edge at 15° angle of attack. This distance is 11.27 mm 

for control surface of model-2. 
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Figure 40 Static pressure (MPa) distribution of model-1 at different α (°) 

 

 

 

Figure 41 Static pressure (MPa) distribution of model-2 at different α (°) 
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In Figure 41 and 42, static pressure distributions at different angles of attack for 

model-1 model-2 are shown. At the mid-plane of missiles, pressure distributions are 

obtained at 0°, 3°, 6°, 9°, 12°and 15° angles of attack respectively. According to 

these figures, maximum static pressure occurs at noses of model-1 and model-2 due 

to the curved bow shock waves. Also, the maximum static pressures of all flight 

conditions are very close to each other due to the shapes of noses. Since the noses 

have spherical shape, free-stream lines are always parallel to the surface normal of it 

regardless of angle of attack. Thus, the maximum static pressure acting on nose 

surfaces are 382 kPa approximately for all cases. 

 

 

Figure 42 Mach number distribution of model-1 at different α (°) 
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Figure 43 Mach number distribution of model-2 at different α (°) 

 

In Figure 42 and 43, Mach number distributions at different angles of attack for 

model-1 and model-2 are given. At the mid-plane of missile, Mach numbers are 

obtained at 0°, 3°, 6°, 9°, 12°and 15° angles of attack respectively. The maximum 

Mach number occurs at 15° angle of attack case, and it is 2.27 Mach. Expansion 

waves acting on the top of noses of both missile models cause an increase in Mach 

number for 15° angle of attack flight condition, and the maximum Mach numbers are 

seen in these regions for both missile model-1 and model-2. 
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Figure 44 Static pressure (MPa) distribution of control surface-4 of model-1 at 

different α (°) 

 

In Figure 44, static pressure distributions at different angles of attack for control 

surface-4 of model-1 are given. At the mid-plane of control surface, pressure 

distributions are obtained at 0°, 3°, 6°, 9°, 12°and 15° angles of attack respectively. 

The maximum pressure occurs at 15° angle of attack case, and it is 375000 Pa. For 

model-1, control surface wedge angle is approximately 11.31°. There are two 

symmetric oblique shock waves at the top and bottom of front wedge when angle of 

attack is 0°. However, when the angle of attack is increased to 3°, detached shock is 

observed at the bottom surface of the front wedge. This is also seen in 6°, 9°, 12° and 

15° angle of attack Figures. Moreover, these surfaces are the regions at which 

maximum pressure is observed for these angles of attacks. 
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Figure 45 Static pressure (MPa) distribution of control surface-4 of model-2 at 

different α (°) 

 

In Figure 45, static pressure distributions at different angles of attack for control 

surface-4 of model-2 are given. At the mid-plane of control surface, pressure 

distributions are obtained at 0°, 3°, 6°, 9°, 12°and 15° angles of attack respectively. 

The maximum pressure occurs at 15° angle of attack case, and it is 371000 Pa. For 

model-1, control surface wedge angle is approximately 8.53°. There are two 

symmetric oblique shock waves at the top and bottom surfaces of front wedge when 

angle of attack is 0°. At 3° angle of attack, two oblique shock waves are observed but 

shock waves are stronger at the bottom surfaces of front wedges. However, when the 

angle of attack is increased to 6°, detached shock occurs at the bottom surface of the 

front wedge. This is also seen from 6°, 9°, 12° and 15° angle of attack Mach number 

contours in Figure 46. Moreover, these regions are the regions at which maximum 

pressure is observed for these angles of attacks. 
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Figure 46 Mach number distribution of control surface-4 of model-1 at different α 

 

In Figure 46, Mach number distributions at different angles of attack for control 

surface-4 of model-1 are given. At the mid-plane of control surface, Mach numbers 

are obtained at 0°, 3°, 6°, 9°, 12°and 15° angles of attack respectively. The maximum 

Mach number occurs at 15° angle of attack case, and it is 2.58 Mach. An expansion 

wave acting on the top surface of back wedge causes increase in Mach number for 

15° angle of attack flight condition, and the maximum Mach number is seen in this 

region. Detached shock waves are seen at the bottom surface of front wedge in the 

Figure except 0° angle of attack case. In the Figure of 0° angle of attack, two 

symmetric oblique shock waves are obtained on the front wedge surfaces. These can 

be also seen in static pressure figure which is Figure 44. 
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Figure 47 Mach number distribution of control surface-4 of model-2 at different α 

 

In Figure 47, distributions of Mach number at different angles of attack for control 

surface-4 of model-2 are given. At the mid-plane of control surface, Mach numbers 

are obtained at 0°, 3°, 6°, 9°, 12°and 15° angles of attack respectively. The maximum 

Mach number occurs at 15° angle of attack case, and it is 2.35 Mach. An expansion 

wave acting on the top surface of back wedge causes increase in Mach number for 

15° angle of attack flight condition, and the maximum Mach number is seen in this 

region. Detached shock waves are seen at the bottom surface of front wedge in the 

Figure except the Figures of 0° and 3° angles of attack. In the Figure of 0° angle of 

attack, two symmetric oblique shock waves are obtained on the front wedge surfaces. 

Moreover, there are two oblique shock waves occurring at front wedge surfaces in 

the Figure of 3° angle of attack but the shock wave acting on the bottom surface is 

stronger than wave at top surface. These can be also seen in static pressure figure 

which is Figure 45. 
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Control surfaces which will be used in structural analyses were examined in terms of 

aerodynamic loads, pressure distributions on them and some aerodynamic 

coefficients. The most critical case is the case of 15° angle of attack for both control 

surface models since maximum resultant aerodynamic pressure and normal forces 

occurs at 15° angle of attack. In Table 9, a summary of results which will be used in 

structural analyses is listed for both control surface models. 

 

Table 9 CFD results Comparison between control surface models at α=15° 

 CL,max CD,max 

FN,α=15° 

(N) 

FA,α=15° 

(N) 

XC.P. 

(mm) 

YC.P. 

(mm) 

Control Surface 

of Model-1 
0.79 0.29 366.34 37.13 38.26 11.83 

Control Surface 

of Model-1 
0.77 0.27 356.17 29.90 38.57 11.27 

 

It is seen in Table 9 that, aerodynamic coefficients including lift and drag, 

aerodynamic forces including normal and axial forces and center of pressure 

locations are close to each other for both control surfaces of model-1 and model-2. 

Since they have same thickness, span and chord length, lift coefficients and normal 

forces are close to each other. However, due to their different cross-sections and 

wedge angles, there are significant differences between drag coefficients and axial 

forces of both control surfaces. Control surface of model-1 has higher drag 

coefficients and it is subjected to higher axial forces because its wedge angle is 

greater than the wedge angle of control surface of model-2. 

4.6 Wind Tunnel Testing 

In this section, small 3-D models of control surfaces are tested in supersonic wind 

tunnel. The goal of this section is to compare shock wave angles of control surface 

models at constant supersonic flight velocity and 0° angle of attack. Test specimens 

of both control surface models were tested at 1.6 Mach and 0° angle of attack. These 

specimens were manufactured from steel and they are shown in Figure 48 with their 
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chord lengths. As it is seen in Figure, specimens are manufactured with cylindrical 

bar in order to connect them with test setup. 

 

 

Figure 48 Test specimens and their chord lengths [mm] 

 

Supersonic wind tunnel GA-10 is test section with stored high pressurized dry air in 

air storage tank. This air is discharged through a test chamber with variable cross-

sectional areas and supersonic nozzle so supersonic flow occurs. Mach number is 

arranged in terms of test run pressure. Test setup is composed of six main parts 

which are high pressure tank, pressure control section, test settling chamber, 

supersonic nozzle, test section, exit throat and screens for monitoring the shock 

waves. Moreover, supersonic flow test can be performed at different angle of attack 

between -10° and +10°. The parts of test setup are shown in Figure 49. 

 

 

Figure 49 Supersonic wind tunnel 

Model-1 

Model-2 
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Tests were carried out at 0° angle of attack and constant stream velocity which is 1.6 

Mach for both control surface models. Due to the geometric limitation of wind 

tunnel, test specimens were manufactured with 10 mm span length. The chord length 

and thickness of specimen and control surface models are the same. The shock wave 

images of control surfaces are shown in Figure 50. 

 

             

a) Control Surface of Model-1               b) Control Surface of Model-2 

Figure 50 Shock waves at M=1.6 and α=0° 

 

Moreover, control surface models are examined by 2D oblique shock wave theory. A 

shock wave with an oblique angle in terms of upstream flow is called oblique shock 

waves. Oblique shock angle, β, and downstream Mach number, M2, can be 

calculated for a given Mach number of upstream flow, M1, and wedge deflection 

angle, θ, by oblique shock wave theory which is shown in Figure 51.   

 

 

Figure 51 Oblique Shock wave over a wedge [36] 

 

Oblique shock wave angle can be calculated by relation between θ, β and Mach 

number. By using the continuity equations and assuming that tangential velocity is 

the same across the shock, the trigonometric relation between Mach number, wedge 

deflection angle and shock angle is represented in Eq. 20. Note that, this equation is 

valid for perfect gas. [36] 
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𝑡𝑎𝑛𝜃 = 2cot (𝛽)

(𝑀1
2𝑠𝑖𝑛2𝛽) − 1

𝑀1
2(𝛾 + 𝑐𝑜𝑠2𝛽) + 2

 ( 20 ) 

 

Figure 52 [36] shows that oblique shock angle, β, is a function of wedge deflection 

angle, θ, for a constant Mach number. In this Figure, wedge angles of control 

surfaces and shock wave angles at M=1.6 are shown. 
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Figure 52 Shock Wave versus Deflection angle of wedge with control surface 2D 

theoretical results [36] 
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Then, shock wave angles obtained from test, 3D CFD analyses and 2D oblique shock 

wave theory are compared. The shock wave angles of test and CFD analyses of both 

control surface models are shown in Figure 53. 

 

    

     a) Control Surface of Model-1             b) Control Surface of Model-2 

    

 c) Control Surface of Model-1        d) Control Surface of Model-2 

Figure 53 Shock wave comparison of CFD and test data at M=1.6 and α=0° 

 

The shock wave angles at 1.6 Mach and 0° angle of attack acquired from test data, 

3D CFD results and 2D oblique shock wave theory are listed in Table 10. 

Table 10 Shock wave comparison Table 

 

Shock Wave Angle of 

Control Surface of Model-1 

[°] 

Shock Wave Angle of 

Control Surface of Model-2 

[°] 

Test Result (3D) 52.4 49.2 

CFD Result (3D) 54.3 48.3 

Shock Wave 

Theory (2D) 
53.2 48.7 



65 

 

According to Table 10, there are some difference between test, CFD and analytical 

results. It can be one of the reasons of difference between test data and analytical 

solution is manufacturing tolerances. The machining process of wedge-typed 

geometries is very difficult due to the sensitivity of wedge angle and the hardness of 

material. As a result of this difficulty, designer should form the technical drawing 

with larger tolerance intervals. These conditions cause some percentage difference 

between test data and 2D analytical solution.  
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CHAPTER 5 

5. STRUCTURAL ANALYSIS AND TESTS 

In this chapter, control surfaces of model-1 and model-2 are examined in terms of 

their strengths. Control surfaces with modified double wedge are modeled laminated 

composite structure and different stacking sequences including 0°, 30°, 45°, 60°, and 

90° unidirectional layers are investigated in order to decrease maximum tip 

deflection under the maximum aerodynamic loads. A set of static structural analyses 

are conducted by using the Nastran® 101 solver which is linear static analysis tool. 

Different ply orientations of the laminated control surfaces are examined by using an 

algorithm created in Matlab®. A verification study is carried out so as to verify the 

algorithm. During the verification study, a laminated composite plate subjected to 

bending moment is analyzed by using 2D shell elements. Also, the analytical 

solutions are performed in order to compare the analytical solutions with 2-D 

analysis results. At the parametric study stage, the algorithm changes the orientation 

angles of each lamina and runs the Nastran® in each step. The main goal of the 

algorithm is manipulate the input file of Nastran having “.bdf” extension and run the 

Nastran solver for every manipulated step. During the analyses, unidirectional 

carbon/epoxy layers are used. In order to obtain desired strength and tip deflection all 

configurations of laminated control surfaces are examined in terms of four different 

failure criteria which are Tsai-Wu, Maximum Stress, Tsai- Hill and Hoffman failure 

criteria. 
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5.1 Description of Material 

Laminated composites are composed of more than one single layer called lamina. 

Lamina consists of a matrix material and reinforcing fibers. For better understanding 

of the lamina macromechanics, the knowledge about mechanical properties of 

materials is required. The materials can be divided into five main categories 

depending on their anisotropic behavior. These are anisotropic, monoclinic, 

orthotropic, transversely isotropic and isotropic materials.  

Most general anisotropic materials have no plane of symmetry in terms of the 

material properties. In other words, they have different mechanical properties in 

different directions and these materials are directionally dependent. Stress-strain 

relationship in x1, x2 and x3 for an anisotropic material is given in Eq. 21 [41]. 
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Where, 

 𝐶𝑖𝑗 = 𝐶𝑗𝑖   &   𝑖, 𝑗 = 1,2, … ,6    ( 22 ) 

 

Note that “Cij” is the elements of stiffness matrix in x1, x2 and x3 directions. Due to 

the symmetry of stiffness matrix in x, y and z directions, 21 of 36 elements are 

independent in stiffness matrix.  

Monoclinic materials have single symmetry plane with respect to material properties. 

Different from most general anisotropic materials, stiffness matrices of monoclinic 

materials have some zero terms due to the plane of symmetry. Stress-strain 

relationship in x1, x2 and x3 for a monoclinic material is given in Eq. 23 [41]. 
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If the x-y plane is considered as plane of symmetry, shear stresses from the other 

planes which are y-z and z-x contributes only to the shear strains. Normal stresses do 

not contributes any shear strains. In addition to this, due to the symmetry of stiffness 

matrix in x, y and z directions, 13 of 36 elements are independent in stiffness matrix. 

Orthotropic materials have three mutually orthogonal symmetric planes of material 

properties. Composites with reinforcing fibers are generally categorized as 

orthotropic materials due to their three orthogonal plane of symmetry.  Stress-strain 

relationship in x1, x2 and x3 for an orthotropic material is given in Eq. 24.  
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The intersections of three plane of symmetry are called principal material directions. 

When the normal stresses are applied in this direction, the material called specially 

orthotropic material. These materials have 9 independent elastic constants in their 

stiffness matrix [41]. 

Transversely isotropic materials have three plane of symmetry like orthotropic 

materials but, the difference between them is that in transversely isotropic materials, 

one of the planes of symmetry shows the properties of isotropic materials. 

Composites reinforced with continuous fibers can be given as an example of such 
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materials. Stress-strain relationship in x1, x2 and x3 for a transversely isotropic 

material is given in Eq. 25. 
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Note that, there are 5 independent terms in stiffness matrix of transversely isotropic 

materials. 

Isotropic materials are the materials that properties of them are the same in all 

directions. Thus, these materials contain an infinite number of symmetry planes. 

Stress-strain relationship in x1, x2 and x3 for an isotropic material is given in Eq. 26 

[41]. 

 

 

{
 
 
 

 
 
 
𝜎1

𝜎2

𝜎3

𝜏23

𝜏13

𝜏12}
 
 
 

 
 
 

= 

[
 
 
 
 
 
 
 
 
 
𝐶11 𝐶12 𝐶12 0 0 0

𝐶12 𝐶11 𝐶12 0 0 0

𝐶12 𝐶12 𝐶11 0 0 0

0 0 0
𝐶11 − 𝐶12

2
0 0

0 0 0 0
𝐶11 − 𝐶12

2
0

0 0 0 0 0
𝐶11 − 𝐶12

2 ]
 
 
 
 
 
 
 
 
 

 

{
 
 
 

 
 
 
𝜖1

𝜖2

𝜖3

𝛾23

𝛾13

𝛾12}
 
 
 

 
 
 

 ( 26 ) 

 

Note that, there are 2 independent terms in stiffness matrix of transversely isotropic 

materials. In Table 11, number of non-zero and independent elastic constants is given 

for both two and three dimensional states. 
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Table 11 Elastic constants of Different Materials [42] 

Material 

2-D State 3-D State 

Number of 

Non-zero 

Constants 

Number of 

Independent 

Constants 

Number of 

Non-zero 

Constants 

Number of 

Independent 

Constants 

Anisotropic 9 6 36 21 

Generally 

Orthotropic 
9 4 36 9 

Specially 

Orthotropic 
5 4 12 9 

Transversely 

Isotropic 
5 4 12 5 

Isotropic 5 2 12 2 

 

In structural analysis and testing part, mechanical properties of CE 1007/310/37 

which is a carbon/epoxy type of prepreg are used. Also, thickness a single layer after 

curing operation is 0.3 mm. This material is a unidirectional prepreg and typically 

orthotropic material which is shown in Figure 54. Also, thickness a single layer after 

curing operation is 0.3 mm. 

 

 

Figure 54 Carbon/Epoxy CE 1007/310/37 Prepreg 
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The mechanical properties of CE 1007/310/37 are shown in Table 12.  

Table 12 Mechanical Properties of CE 1007/310/37 [43] 

Material Properties Value 

E1 130563 MPa 

E2 6873 MPa 

ν12 0.32 

G12  4953 MPa 

Xt  1968 MPa 

Xc  953 MPa 

Yt  29 MPa 

Yc  119 MPa 

S  51 MPa 

 

5.2 Initial structural Analysis 

In this chapter, laminated composite control surfaces with symmetric lay-up are 

analyzed in order to obtain ply orientations causing less tip deflection of both 

models. Before the parametrization, both control surfaces are modeled as 

unidirectional laminates. At this step, each layer is modeled as 0° in Patran®. 

Patran® is a pre and post-processing software providing modeling materials, 

simulating loads, meshing and analysis setup for a solver such as Nastran®, Marc® 

and Abaqus®. The reason why each layers modeled as 0° is to obtain an input file for 

Nastran® solver. This file has an extension of “.bdf”. After running the first analysis, 

the output file of Nastran with the extension of “.f06” is also obtained. Control 

surfaces are modeled in 2-D plane and meshed with shell elements in order to reduce 

computational cost. The first model of control surfaces is shown in Figure 55 and 56. 
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Figure 55 Shell mesh model of structural analyses 

 

 

a) Control Surface of Model-1 

 

b) Control Surface of Model-2 

Figure 56 Shell element thicknesses 

 

Due to the same chord and span length of control surfaces of model-1 and model-2, 

same mesh model are used. In this model, there are 9440 elements. The significant 

thing is to arrange the element thicknesses in order to model wedge slopes. The 

thickness of control surfaces is 3.6 mm and the lamina thickness is 0.3 mm, so there 

are 12 main layers in this model. In order to arrange slopes of the wedges, different 

thickness are assigned to the each shell. In Figure 57, shell element thicknesses are 

shown for both control surface models.  
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It is seen in Figure 57 that, different thicknesses are assigned to each elements 

through the span in order to model wedge angles of control surfaces.  

 

a) Elements of control surface of model-1 

 

b)  Elements of control surface of model-2 

Figure 57 Shell element thicknesses (given in meter) 

 

5.3 Boundary Conditions of Initial Analysis 

In order to get “.bdf” and “.f06” files for the parametrization part, all plies are 

aligned in the direction of x axis so unidirectional laminated composite is formed. 

The stacking sequence is [0°/0°/0°/0°/0°/0°]s.  
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First of all, material properties are assigned to each element of models. After that, 

boundary conditions are applied. Nodes at the root of the control surfaces are 

modeled as fixed support. Maximum pressure distributions obtained from CFD 

analyses are applied so as to simulate aerodynamic loading. To perform this step, the 

output file of Fluent® including the pressure distribution on the control surfaces is 

utilized as an input file of Patran®.  

 

 

Figure 58 Boundary conditions of control surfaces 

 

Boundary conditions of structural analysis part of the study are shown in Figure 58. 

Pressure values of each element are interpolated to the 2-D structural elements. 

Pressure distribution of the initial analyses of both control surface models are shown 

in Figure 59. 

 

 

a) Elements of control surface of model-1 
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b)  Elements of control surface of model-2 

Figure 59 Pressure distributions in Pa at α=15° 

5.4 Results of Initial Analysis 

Initial analyses are performed for both control surfaces of model-1 and model-2. The 

input file, “.bdf”, and output file “.f06” of Nastran® are obtained in order to use 

them in parametric study of stacking sequences. Moreover, stress distribution on the 

control surfaces and total deformation due to aerodynamic loading are shown in 

Figures 60 and 61.  

 

 

a) Elements of control surface of model-1 
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b)  Elements of control surface of model-2 

Figure 60 Total Deformation in mm 

 

 

a) Elements of control surface of model-1 

 

b)  Elements of control surface of model-2 

Figure 61 Von Mises stress distribution in Pa 
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The maximum tip deflection and maximum stress results of control surfaces is listed 

in Table 13. 

Table 13 Results of Initial Analysis 

 Control Surface of 

Model-1 

Control Surface of 

Model-2 

Maximum Tip Deflection 

[mm] 

2.73 3.49 

Maximum von Mises 

Stress [MPa] 

361 427 

 

5.5 Mesh Sensitivity Analysis 

In this section, mesh convergence study is carried out in order to obtain converged 

mesh. Maximum tip deflection values which are observed at same element for all 

mesh sizes are utilized. In this part of the study, four different mesh sizes are used. In 

In Figure 62, maximum tip deflection variation with mesh sizes of control surface of 

model-1 having [0°/0°/0°/0°/0°/90°]s  lay-up is shown.  

 

 

Figure 62 Maximum tip deflections of different mesh sizes in mm 

 

Maximum tip deflection values converge at the mesh size with 9440 elements and 

this mesh is used in structural parametric study part of the thesis.  
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5.6 Parametric Study of Stacking Sequence 

In this part of this study, ply orientations of laminated composite control surfaces are 

investigated in terms of the tip deflections by considering four different failure 

criteria. These are Tsai-Wu, Maximum Stress, Tsai- Hill and Hoffman failure 

theories. Maximum aerodynamic pressure obtained from 15° angle of attack CFD 

analyses, is implemented to the 2D structural model. One-way static aeroelastic 

analyses are carried out by this way. The only parameter which is investigated and 

modified in parametric study part is the layer orientation of laminated control 

surfaces. For this step, two different algorithms are created in Matlab® for both 

control surface models. In the algorithm, “.bdf” and “.f06” files are modified in terms 

of the orientation of the unidirectional composite layers. As it is mentioned in the 

part of initial structural analysis, control surfaces are formed of 12 layers. Due to the 

symmetric lay-up, there are 6 of 12 layers in order to change their orientations. 

During the parametrization, 0°, 30°, 45°, 60° and 90° angles of orientations are used. 

In other words, 6 layers are examined in terms of 5 different ply orientation so 15625 

different analyses are carried out for each control surface model.  

5.6.1 Parametric Study Routine 

First of all, an algorithm written in Matlab® opens and reads the “.bdf” file and it 

creates a new “.bdf” file. It writes all required information to the new file line by line 

with the “fprintf” command. When it comes to PCOMP card, the material orientation 

angles of each element are increased and new PCOMP card is written in new input 

file. The boundary conditions are printed without any change. After forming all lines, 

new input file is closed by the code with the “fclose” command. Then, the algorithm 

runs Nastran by using new input file and an output file is obtained. By using “fopen” 

command, the algorithm save all stress and displacement values to the Matlab 

workspace. After getting these values, the code forms a matrix with the dimension of 

number of elements in order to print element status. Failure status of each element is 

investigated with respect to failure equations. If an element failed in terms of a 

failure criteria, the code prints “0” to the element failure status matrix otherwise it is 

written “1”.  
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By this way, all elements are investigated in terms of four different criteria. This step 

is repeated for each failure criterion. Finally, the algorithm prints results and material 

orientations to an “.xlsx” file line by line. Printed results are maximum deformations, 

maximum stress values in each direction (x, y, and xy directions), and failure status 

of all theories which are Maximum Stress, Tsai-Wu, Tsai-Hill and Hoffman failure 

criteria. The algorithm is given in Figure 63. 

 

 

Figure 63 Algorithm flowchart of parametric study for stacking sequence 

 

5.6.2 Code Verification Study 

In order to verify the algorithm modifying ply orientations, a case verification study 

is performed. In this section, an analytical and a finite element solution are obtained 

for a laminated composite plate subjected to bending load. For better understanding 

of the structural analysis of laminated composites, the knowledge of classical 

lamination theory is essential.  

5.6.2.1 Classical Lamination Theory 

A laminate is a batch of unidirectional composite layers. It is defined by the fiber 

directions of each layer. In Figure 64, an example of laminate and its notation is 

shown. 
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Figure 64 Laminate with [0°/90°/0°] ply orientation 

 

Classical lamination theory is an extension of classical plate theory proposed by 

Kirchhoff-Love. On the other hand, the extended theory for laminates needs some 

modification by considering the inhomogeneity in thickness direction. In order to 

simplify the theory, there are some assumptions. The first one is that, the laminates 

are composed to excellently bonded layers. In other words, there is no slip condition 

between layers. Secondly, lamina is taken into consideration as homogeneous layer 

with effective properties. Thirdly, each lamina is considered in a plane stress state 

and it can exhibit isotropic, transversely isotropic or orthotropic behavior. Finally, a 

laminated structure deforms according to Kirchhoff-Love assumptions that the mid-

plane normal remains straight after deformation and normal keeps the same length 

[45]. 

According to the theory, in-plane displacements change linearly throughout the 

laminate thickness. As a result of this, in-plane strains are non-zero including 2 

normal strains and 1 shear strains varying linearly thorough the thickness. These are 

expressed in Eq. 27. In this equation, ϵ1
0 and ϵ2

0 terms are the mid-plane strains, ϵ6
0 

term is mid-plane shear strain, κ1 and κ2 are curvatures of bending, κ6 is the twisting 

curvature and z is the thickness. 

 

 

{

𝜖1

𝜖2

𝜖6

} =  {

𝜖1
0

𝜖2
0

𝜖6
0

} + 𝑧 {

κ1

κ2

κ6

} ( 27 ) 
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The stress state in a layer which is denoted by k can be shown in Eq. 28. 
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]

𝑘
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𝜖1

𝜖2

𝜖6

} ( 28 ) 

 

The matrix with “𝑄̅” terms is called as transformed reduced stiffness matrix of a 

composite layer and it can be shown in Eq. 29. 

 

 [𝑄̅] = [𝑇]−1[𝑄][𝑇]𝑇 ( 29 ) 

 

Matrix [T] is second order transformation matrix and it can be expressed as: 

 

 

[𝑇] =  [

cos2θ sin2θ 2cosθsinθ

sin2θ cos2θ −2cosθsinθ

−cosθsinθ cosθsinθ cos2θ − sin2θ

] ( 30 ) 

 

Also, matrix [Q] is the reduced stiffness matrix which can be expressed for plane 

stress condition of an orthotropic material as: 

 

 

[𝑄] =  

[
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1 − 𝑣12𝑣21

𝑣12𝐸2
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0

𝑣12𝐸2
1 − 𝑣12𝑣21

𝐸2
1 − 𝑣12𝑣21

0

0 0 𝐺12]
 
 
 
 

 ( 31 ) 

 

The in-plane forces per unit width can be expressed by the Eq. 32 for a laminated 

plate with “n” number of plies. N1, N2 is normal forces of in-plane state and N6 is 

shear force of in-plane stress state. 

 

{
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  ( 32 ) 
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In a similar way, resultant moment components are expressed by equation 33. M1, 

M2 is bending moments of in-plane state and M6 is twisting moment per unit width. 

 

 

{
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 ( 33 ) 

 

The laminate with “n” number of plies and resultant in-plane forces and moments 

acting on the laminate is shown in Figure 65 [46]. 

 

 

b)  n-ply laminate 

 

b) In-plane forces and moments 

Figure 65 n-ply laminate and in-plane forces and moments [46] 

 

By substituting Eq. 27 and Eq. 28 into Eq. 32 and Eq. 33 respectively, Eq. 34 and 35 

are obtained. Thus, resultant force and moments of in-plane state is calculated after 

obtaining the extensional, coupling and bending stiffness matrix.  
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The matrix with “A” terms is called extensional stiffness matrix, the matrix with “B” 

terms is called coupling stiffness matrix and matrix with “D” terms is called bending 

stiffness matrix. 

 

{

𝑁1
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𝑁6

} = [
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𝑀1

𝑀2

𝑀6

} = [
𝐵11 𝐵12 𝐵16
𝐵12 𝐵22 𝐵26
𝐵16 𝐵26 𝐵66

]  {

𝜖1
0

𝜖2
0

𝜖6
0

} + [
𝐷11 𝐷12 𝐷16
𝐷12 𝐷22 𝐷26
𝐷16 𝐷26 𝐷66

] {

𝐾1

𝐾2

𝐾6

} ( 35 ) 

 

Extensional stiffness matrix terms are calculated by using the Eq. 36. 

 

 

𝐴𝑖𝑗 = ∫ 𝑄̅𝑖𝑗𝑑𝑧

ℎ/2

−ℎ/2

=∑(ℎ𝑘 − ℎ𝑘−1)(𝑄̅𝑖𝑗)𝑘 

𝑛

𝑘=1

        𝑖, 𝑗 = 1,2,6 ( 36 ) 

 

Coupling stiffness matrix terms are calculated by using the Eq. 37. 

 

 

𝐵𝑖𝑗 = ∫ 𝑧𝑄̅𝑖𝑗𝑑𝑧

ℎ/2

−ℎ/2

=
1

2
∑(ℎ𝑘

2 − ℎ𝑘−1
2)(𝑄̅𝑖𝑗)𝑘 

𝑛

𝑘=1

        𝑖, 𝑗 = 1,2,6 ( 37 ) 

 

Then, bending stiffness matrix terms are calculated by using the Eq. 38. 

 

 

𝐷𝑖𝑗 = ∫ 𝑧2𝑄̅𝑖𝑗𝑑𝑧

ℎ/2

−ℎ/2

=
1

3
∑(ℎ𝑘

3 − ℎ𝑘−1
3)(𝑄̅𝑖𝑗)𝑘 

𝑛

𝑘=1

        𝑖, 𝑗 = 1,2,6 ( 38 ) 
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5.6.2.2 Plate Bending Analysis with Parametric Study Algorithm 

The goals of this section are to control the accuracy of the finite element results 

obtained by the Matlab® code and compare these with the results of analytical 

solution. Finite element results are acquired by using the algorithm without change in 

stacking sequence. In other words, parametric study algorithm is run for an iteration 

including single ply orientation of the plate. However, a modification is required to 

form PCOMP card of the input file. All elements in plate model have same material 

properties and layer thicknesses while elements of control surface models have 

different material properties and layer thicknesses due to their tapered sections. As a 

result of this, printing method of material properties in input file is modified. 

The plate model and its boundary conditions used in case verification study are 

shown in Figure 66. As it is seen in this Figure, the plate has same length, width and 

thickness with control surface models. At the free end of plate, a transverse load 

causing the bending moment is applied. Also, the mechanical properties of carbon-

epoxy CE 1007/310/37 are used. Ply orientation of the plate is [0°/90°/0°]. 

 

 

Figure 66 Plate model under bending moment 
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Edge distributed moment is applied at the free end of plate in order to simulate pure 

bending. 2-D plate model and applied boundary conditions are shown in Figure 67. 

In finite element pre-process model, 1600 shell elements are used. 

 

 

Figure 67 2D plate model and its boundary conditions 

 

The maximum deflection is 3.13 mm at the free edge. Due to the symmetric laminate 

and pure bending conditions, maximum stresses occurs top and bottom layers and 

they are 229.47 MPa. Note that, the top layer is exposed to compressive stress while 

the bottom layer is exposed to tensile stress. The output of Matlab code is given in 

Table 14. 

 

Table 14 Results of code for a single step 

 Maximum 

Deflection 

(mm) 

 

σmax,x [MPa] σmax,y  [MPa] 

Matlab® Code Output 3.26 239.47 12.03 
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5.6.2.3 Analytical Solution 

The stress strain relation of orthotropic materials is expressed in Eq. 39. 

 

 

{

𝜎𝑥

𝜎𝑦

𝜎𝑥𝑦

}

𝑘

= [

𝑄̅11 𝑄̅12 0

𝑄̅12 𝑄̅22 0

0 0 𝑄̅66

]

𝑘

 {

𝜖𝑥

𝜖𝑦

𝜖𝑥𝑦

}

𝑘

= [

𝑄̅11 𝑄̅12 0

𝑄̅12 𝑄̅22 0

0 0 𝑄̅66

]

𝑘
{
 
 

 
 

{

𝜖𝑥
0

𝜖𝑦
0

𝜖𝑥𝑦
0

} + 𝑧{

κ𝑥

κ𝑦

κ𝑥𝑦

}

}
 
 

 
 

  

( 39 ) 

 

In order to obtain the layer stresses, transformed reduced stiffness matrix has to be 

calculated. Transformed reduced stiffness matrices of 0° and 90° layers are shown in 

Eq. 40 and Eq. 41 respectively. Q̅16  and Q̅26  terms are 0 since the material is 

orthotropic. 

 

 
[𝑄̅]0° = [

131.27 6.91 0
6.91 2.21 0
0 0 4.95

]   × 103 (𝑀𝑃𝑎) ( 40 ) 

 

 
[𝑄̅]90° = [

2.21 6.91 0
6.91 131.27 0
0 0 4.95

]   ×  103 (𝑀𝑃𝑎) ( 41 ) 

 

Resultant force and moments can be written with respect to extensional strains and 

curvatures and they are expressed in Eq. 42. 

 

 [
𝑁
𝑀
] = [

𝐴 𝐵
𝐵 𝐷

] [𝜖
0

κ
] ( 42 ) 

 

Extensional stiffness matrix, [A], is shown in Eq. 43. 

 
[𝐴] = [

323.4 7.96 0
7.96 174.20 0
0 0 17.83

]   × 103 (𝑁/𝑚𝑚) ( 43 ) 
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Bending stiffness matrix of laminate denoted as [D] is given in Eq. 44. 

 

 
[𝐷] = [

492.6 8.60 0
8.60 44.78 0
0 0 19.26

]   ×  103 (𝑁/𝑚𝑚3) ( 44 ) 

 

Due to the symmetric lay-up, matrix [B] called coupled stiffness matrix is zero. Also, 

since there is only bending moment exerted on plate, Nx, Ny, Nxy, My and Mxy terms 

are zero. Then, curvatures due to pure bending are expressed in Eq. 45. 

 

 

{

κ𝑥

κ𝑦

κ𝑥𝑦

} =  [𝐷]−1  {

𝑀1

0

0

} ( 45 ) 

 

The inverse of bending stiffness matrix is given Eq. 45. 

 

 
[𝐷]−1 = [

2.04 −0.39 0
−0.39 22.41 0
0 0 51.92

]   ×  10−6 (𝑚𝑚3/𝑁) ( 46 ) 

 

Then, curvatures are: 

 

 

{

κ𝑥

κ𝑦

κ𝑥𝑦

} = {

−0.102

0.0196

0

}   𝑥 10−3 (1/𝑚𝑚) ( 47 ) 

 

Then, stresses of 0° layers are given in Eq. 48. 

 

 

{

𝜎𝑥

𝜎𝑦

𝜎𝑥𝑦

}

0°

= {

−132.50 𝑧

−6.61 𝑧

0

}  𝑀𝑃𝑎 ( 48 ) 
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And, stresses of 90° layers are given in Eq. 49. 

 

{

𝜎𝑥

𝜎𝑦

𝜎𝑥𝑦

}

90°

= {

−0.90 𝑧

18.65 𝑧

0

}  𝑀𝑃𝑎 ( 49 ) 

 

Maximum stress acting on plate occurs at top and bottom surfaces of 0° layers. At 

top surface, plate is under compression and at bottom surface, it is under tension. So 

the maximum stresses occurs at z=1.8 mm and z=-1.8 mm. 

 

 

{

𝜎𝑥

𝜎𝑦

𝜎𝑥𝑦

}

𝑡𝑜𝑝,𝑧=1.8 𝑚𝑚

= {

−238.50

−11.91

0

}   (𝑀𝑃𝑎)  ( 50 ) 

 

 

{

𝜎𝑥

𝜎𝑦

𝜎𝑥𝑦

}

𝑏𝑜𝑡𝑡𝑜𝑚,𝑧=−1.8 𝑚𝑚

= {

238.5

11.91

0

}   (𝑀𝑃𝑎)  ( 51 ) 

 

The deflection of fixed-free plate can be expressed in Eq. 52. 

 
𝜔0(𝑥, 𝑦) =  −

1

2
 (𝑥2 κ𝑥 + 𝑦

2 κ𝑦 + 𝑥𝑦 κ𝑥𝑦) ( 52 ) 

The maximum deflection which occurs at the free edges of plate is expressed as: 

 𝜔0(𝑥 = 80 𝑚𝑚, 𝑦) = 3.26 𝑚𝑚 ( 53 ) 

 

The results of analytical and finite element methods are given in Table 15. 

 

Table 15 Comparison of analytical solution and code results 

 Maximum 

Deflection 

[mm] 

 

σmax,x [MPa] σmax,y  [MPa] 

Matlab® Code Output 3.26 239.47 12.03 

Analytical Solution 3.26 238.50 11.91 
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5.7 Results of Stacking Sequence 

Control surface models which consist of 12 layers are examined. Due to the laminate 

symmetry, there are 6 layers to examine for each model. In ply orientation parametric 

study, 0,30,45,60 and 90 degree layers are used so, 15625 different analyses are 

carried out for each control surface during this study. The algorithm written in 

Matlab® modifies the input file in each step and runs Nastran® solver. After that, 

code calculates the maximum deflection and maximum plane stresses each directions 

and failure indices of Maximum Stress, Tsai-Wu, Tsai-Hill and Hoffman failure 

equations. Then, it prints the results to external file for each ply orientation. A 

sample of printed results of algorithm is shown in Table 16. 

 

Table 16 A part of printed results of parametric study algorithm 

 

In Table 16, TW Status shows whether a ply orientation of the model fails or not 

under aerodynamic pressure loads with respect to Tsai-Wu failure criterion while H 

Status is the failure condition of a ply orientation with respect to Hoffman failure 

criterion. Also, TH Status denotes the failure condition of ply orientations with 

respect to Tsai-Hill and M.S. Status column indicate the failure status of ply 

orientations in terms of Maximum Stress failure criterion. In these columns, value of 

“1” shows that material with related ply orientation does not fail under aerodynamic 

loads and “0” values Show that failure occurs. Moreover, algorithm reads all data in  
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output file of each analysis and it prints maximum plane stresses in x, y, and xy 

directions and maximum total deformation of related stacking sequence. Finally, it 

prints ply orientations layer by layer. “L1” values show the layer orientation of 

bottom layer of control surfaces. Due to the symmetric lay-up it is also layer 

orientation of top layer. “L6” indicates the orientation of mid-layers so layer 

orientations is expressed that [L1/L2/L3/L4/L5/L6]s. In Figure 68, representation of 

ply orientation is shown on the semi-cross-section of model-1. 

 

 

Figure 68 Representation of ply orientation 

 

According to the results the least deflected ply orientation for both control surface 

model is [0°/0°/0°/0°/0°/90°]s in terms of the tip deflection value. It passes from all 

failure test including Tsai-Wu, Hoffman, Tsai-Hill and Maximum Stress. The stress 

values and maximum total deformation occurring at the tip is given in the Table 17. 

 

Table 17 In-plane stresses and maximum tip deflection of least deflected ply 

orientations 

Control 

Surface 

Model 

Ply Orientation 
σx,max 

[MPa] 

σy,max 

[MPa] 

σxy,max 

[MPa] 

Maximum 

Total 

Deflection 

[mm] 

Model-1 [0°/0°/0°/0°/0°/90°]s 369.62 6.16 8.42 2.725 

Model-2 [0°/0°/0°/0°/0°/90°]s 437.62 7.42 8.44 3.484 
 



92 

 

842 of 15625 ply orientations passed from all failure tests for control surface of 

model-1 while the amount of ply orientation not fail is 342 for control surface of 

model-2.  

According to the parametric study results of control surface of model-1, there are 

4140 different stacking sequences passed from Maximum Stress failure criteria. 

Also, 1249 different ply orientations pass from the failure test in terms of Tsai-Wu 

failure criterion. This value is 1108 for Hoffman failure criterion and 842 for Tsai-

Hill failure theory. In Figure 69, the amount of ply orientations passed from failure 

tests is shown. 

 

 

Figure 69 Amount of ply orientations passed from failure tests for control surface of 

model-1 

As it is seen in Figure 69, the most conservative failure criterion is Tsai-Hill and the 

less conservative is Maximum Stress failure criterion in terms of the number of failed 

ply orientations for the control surface of model-1. 

According to the parametric study results of control surface of model-2, there are 

2796 different stacking sequences passed from Maximum Stress failure criteria. 

Also, 479 different ply orientations pass from the failure test in terms of Tsai-Wu 

failure criterion. This value is 425 for Hoffman failure criterion and 342 for Tsai-Hill 

failure theory.  
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In Figure 70, the amount of ply orientations passed from failure tests is shown. 

 

 

Figure 70 Amount of ply orientations passed from failure tests for control surface of 

model-2 

 

As it is seen in Figure 70, the most conservative failure criterion is Tsai-Hill and the 

less conservative is Maximum Stress failure criterion in terms of the number of failed 

ply orientations for the control surface of model-2. 

The less deformable 20 stacking sequence of control surface of model-1 is given in 

Table 18. These orientations do not fail in terms of all failure tests used in this study. 
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Table 18 Least deformable 20 stacking sequence of control surface of model-1 

Ply Orientation 
σx,max 

[MPa] 

σy,max 

[MPa] 

σxy,max 

[MPa] 

Maximum Total 

Deflection [mm] 

[0°/0°/0°/0°/0°/90°]s 369.62 6.16 8.42 2.725 

[0°/0°/0°/0°/0°/0°]s 365.39 5.79 9.35 2.725 

[0°/0°/0°/0°/0°/60°]s 368.76 5.33 8.46 2.730 

[0°/0°/0°/0°/0°/45°]s 368.37 5.49 8.48 2.734 

[0°/0°/0°/0°/0°/30°]s 367.82 5.80 8.63 2.738 

[0°/0°/0°/0°/60°/0°]s 383.07 9.07 8.32 2.818 

[0°/0°/0°/0°/60°/90°]s 388.94 10.91 8.15 2.820 

[0°/0°/0°/0°/45°/90°]s 388.48 11.34 9.06 2.820 

[0°/0°/0°/0°/90°/0°]s 385.20 10.81 8.51 2.820 

[0°/0°/0°/0°/45°/0°]s 382.79 6.94 8.61 2.821 

[0°/0°/0°/0°/30°/90°]s 386.82 11.97 9.46 2.824 

[0°/0°/0°/0°/30°/0°]s 381.37 6.27 9.12 2.825 

[0°/0°/0°/0°/90°/60°]s 390.23 12.13 8.21 2.826 

[0°/0°/0°/0°/90°/45°]s 389.54 11.79 8.18 2.828 

[0°/0°/0°/0°/90°/90°]s 391.23 12.48 8.48 2.829 

[0°/0°/0°/0°/60°/60°]s 389.00 11.07 8.25 2.829 

[0°/0°/0°/0°/45°/60°]s 388.53 9.11 9.06 2.831 

[0°/0°/0°/0°/60°/45°]s 388.26 10.64 8.21 2.831 

[0°/0°/0°/0°/30°/60°]s 386.56 9.24 9.08 2.832 

[0°/0°/0°/0°/60°/30°]s 386.94 9.93 8.26 2.833 

 

Moreover, the least deformable 20 stacking sequence of control surface of model-2 is 

given in Table 19. These orientations do not fail in terms of all failure tests used in 

this study.  
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Table 19 Least deformable 20 stacking sequence of control surface of model-2 

Ply Orientation 
σx,max 

[MPa] 

σy,max 

[MPa] 

σxy,max 

[MPa] 

Maximum Total 

Deflection [mm] 

[0°/0°/0°/0°/0°/90°]s 437.62 7.42 8.44 3.484 

[0°/0°/0°/0°/0°/0°]s 431.88 6.99 8.59 3.486 

[0°/0°/0°/0°/0°/60°]s 436.92 6.38 8.36 3.504 

[0°/0°/0°/0°/0°/45°]s 436.44 6.37 8.36 3.514 

[0°/0°/0°/0°/0°/30°]s 435.38 6.36 8.48 3.518 

[0°/0°/0°/0°/90°/0°]s 461.87 13.30 8.65 3.646 

[0°/0°/0°/0°/90°/90°]s 469.46 15.17 8.75 3.665 

[0°/0°/0°/0°/90°/60°]s 468.57 14.86 8.48 3.665 

[0°/0°/0°/0°/90°/45°]s 467.70 14.54 8.54 3.670 

[0°/0°/0°/0°/60°/0°]s 460.11 11.48 8.65 3.672 

[0°/0°/0°/0°/90°/30°]s 466.19 14.14 8.74 3.676 

[0°/0°/0°/0°/60°/90°]s 467.53 13.28 8.96 3.677 

[0°/0°/0°/0°/30°/90°]s 461.15 14.45 11.07 3.682 

[0°/0°/0°/0°/45°/90°]s 466.16 13.58 10.92 3.683 

[0°/0°/0°/0°/45°/0°]s 459.03 9.19 10.23 3.686 

[0°/0°/0°/0°/30°/0°]s 454.35 8.03 10.62 3.687 

[0°/0°/0°/0°/60°/60°]s 467.75 13.63 8.71 3.699 

[0°/0°/0°/0°/60°/45°]s 466.83 13.27 8.71 3.703 

[0°/0°/0°/0°/30°/60°]s 461.09 11.22 10.55 3.704 

[0°/0°/0°/0°/60°/30°]s 464.96 12.63 8.82 3.704 

 

According to Table 18 and 19, 0° layers are transcend in all orientations since lift 

force causing bending is dominant in aerodynamic forces. At the first five columns 

stacking sequences are identical for both control surface models. In all orientations, 

there are four 0° layers at the top and bottom layers. It is recommended that, 90° 

should be used at the mid-layers which are close to mid-plane of the laminate since 

control surfaces are not exposed to pure bending. In other words, 90° layer 

orientations are used at the mid-layers due to their closeness to the neutral axis 

because lift force due to aerodynamic pressure causes bending and torsion in both 

fiber and matrix direction. Bending moment due to the maximum aerodynamic 

pressure occurs at 15° angle of attack is much higher than torsion due to 

aerodynamic pressure occurs at 15° angle of attack so, 0° layers are dominant in ply 

orientations. Also, normal stresses in fiber direction are much higher than normal 
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stress in transverse direction and shear stresses. Least stress in fiber direction is 

obtained at the [0°/0°/0°/0°/0°/0°]s orientation for both control surface model.  

This parametric study is performed in order to improve a methodology for laminated 

composite control surfaces. As expected, 0° layers predominate at ply orientations of 

both control surface models which cause less tip deflection. Since the bending 

moment due to aerodynamic pressure is much higher than the torsion due to 

aerodynamic pressure, 0° layers are needed in order to decrease tip deflection and 

stresses in fiber direction. However, due to existence of a fair amount of torsion, non-

zero degree layers are needed especially at the layers close to neutral axis of the 

structure. For these reasons, 90° layers used in mid-layers cause the reduction of tip 

deflection of control surfaces.  

Moreover, if deflection results of control surface of model-1 are considered with four 

decimal points, an analyzer will see that using 90° layers at mid-layers causes less tip 

deflection than 0° layers. 

5.8 Loading Test 

In order to verify parametric study results a serial set of loading test is performed. 

Laminated control surfaces with least deflected and randomly chosen two different 

stacking sequences were manufactured and tested to compare the test and FEM 

results in terms of the tip deflection of the control surface models. These three 

stacking sequences including least deformable orientations are the orientations that 

passed from all four failure criteria used in parametric study part of the thesis and 

they are listed in Table 20 with their maximum total deformation values. 
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Table 20 Total deformation with FEM of selected configuration 

Test 

Model 
Stacking Sequence 

Maximum Total 

Deformation of 

Control Surface of 

Model-1 [mm] 

Maximum Total 

Deformation of  

Control Surface of 

Model-2 [mm] 

A [0°/0°/0°/0°/0°/90°]s 2.725 3.484 

B [45°/0°/0°/0°/90°/0°]s 3.973 4.821 

C [30°/0°/0°/30°/0°/30°]s 4.255 5.305 

 

During the manufacturing process, prepreg compression moulding method was used. 

In this method, CE 1007/310/37 prepregs were cut in ply cutter layer by layer in 

order to lay layers into closed mould. Mould having two symmetric parts, is 

manufactured with machining process. The manufactured mould of control surfaces 

is shown in Figure 71. 

 

 

Figure 71 Mould of control surfaces 

 

After this operation, mould was put into non-pressurized oven for curing process. In 

this process, mould was heated up to 120 °C and it was leaved to cooling at the room 

temperature. After that, initial products were subtracted from mould for trimming 

process. Initial products without trimming are shown in Figure 72. 
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Figure 72 Initial products without trimming 

 

Then, after trimming and surface finishing operation manufacturing process of 

control surfaces were completed. They are shown in Figure 73. 

 

 

Figure 73 Final product of control surfaces 

 

The dimensions of manufactured control surfaces are larger than the FEM models in 

order to connect them with the test interfaces. Measured dimensions of a sample of 

final product are shown in Figure 74. 
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Figure 74 Length of a control surface sample 

 

In testing part, control surfaces were connected to test interface with bolts and nuts. 

The aim of testing the control surfaces is to get deflection values under aerodynamic 

loading. Test setup is shown in Figure 75. 

 

 

Figure 75 Loading test setup 
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Test setup is composed of three main parts which are deflection measurement probe, 

hydraulic loading part and data logger. Deflection measurement probe is responsible 

for measuring deflection data and it has 0.05 mm measurement sensitivity. Hydraulic 

loading section applies to point load to the test specimen and data logger part is 

responsible for gathering and saving the force and displacement data. 

During the test aerodynamic lift force is applied to the pressure centers of control 

surfaces. Applied loads and load application points which are pressure centers of 

control surface models are given in Table 21. 

 

Table 21 Test inputs of control surface models 

 
Control Surface of 

Model-1 

Control Surface of 

Model-2 

Test Load (N) 366.4 356.2 

Load Application 

Distance From Leading 

Edge (mm) 

11.8 11.3 

Load Application 

Distance From Tip (mm) 
38.3 38.6 

 

The comparison of test and FEM analyses is shown in Table 22 for both control 

surface models. 
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Table 22 Comparison of FEM and test results 

Test 

Model 

Maximum Total Deformation 

of Control Surface of Model-1 

[mm] 

Maximum Total Deformation 

of  Control Surface of Model-2 

[mm] 

FEM 

Results 

Test 

Results 

% 

Error 

FEM 

Results 

Test 

Results 

% 

Error 

A 
2.725 2.950 7.627 3.484 3.650 4.548 

B 
3.973 4.300 7.605 4.821 5.200 7.288 

C 
4.255 4.450 4.382 5.305 5.550 4.414 

 

According to the test results there are small amount of differences between FEM and 

test results.  The main reason of these differences is manufacturing tolerances. 

Another one is load application method. In FEM analyses, pressure distributions of 

each control surface model are applied. On the other hand, during the test, point load 

is applied to the center of pressure. If point load is applied to FEM model, very high 

stress values occurs at the application node of the FEM due to stress concentration so 

failure analyses may give wrong results. All of these are the possible differences 

between FEM and test results. 

In this study, two different control surface models with modified double wedge 

cross-section are compared in some ways. First of all, least deflected ply orientations 

of both control surface models are the same which is [0°/0°/0°/0°/0°/90°]s. However, 

control surfaces of  model-1 are less deflected under maximum aerodynamic loading 

in comparison to control surfaces of model-2 due to the their geometries. Although 

control surfaces of model-2 are lighter than control surfaces of model-1, control 

surfaces of model-1 are more preferable due to their higher safety factor and lower 

deflection values under maximum aerodynamic loading. The comparison of both 

control surface models are given in Table 23. 
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Table 23 Comparison of control surface models 

Control 

Surface 

Models 

Least Deflected 

Stacking Sequence w.r.t. 

Maximum Tip 

Deflection 

Maximum Tip 

Deflection Under 

Maximum 

Aerodynamic 

Loading [mm] 

Weight [g] 

Model-1 
[0°/0°/0°/0°/0°/90°]s 2.725 9.12 

Model-2 
[0°/0°/0°/0°/0°/90°]s 3.484 7.78 
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CHAPTER 6 

6. CONCLUSION AND FUTURE WORKS 

In this thesis, laminated composite missile fins or control surfaces of a surface-to-

surface missile model are investigated in terms of static aeroelastic response under 

constant supersonic flight conditions. With respect to their cross-sections by 

performing a serial set of one-way static aeroelastic analyses, two different modified 

double wedge fins or control surfaces using for control actuation system of a missile 

are investigated and compared in terms of aerodynamic and linear structural 

characteristics in order to minimize tip deflection.   

A serial set of steady-state supersonic CFD analyses at different angle of attack are 

conducted in order to obtain pressure distribution causing the structural deflection or 

failure on fins having modified double-wedge cross-sections. Grid refinement study 

is also performed for CFD analysis part. 

Control surface models are manufactured and tested in supersonic wind tunnel at 0° 

angle of attack and constant Mach number which is 1.6 Mach, in order to observe 

shock waves on control surfaces during the flight. Shock wave angles obtained from 

test, CFD results and analytical solution of oblique shock wave theory are compared. 

Lift and drag coefficients are obtained part-by-part for both missile models with 

different control surfaces. Also, normal and axial forces acting on missile parts are 

obtained and a comparison study is performed for both control surface models. 

By using aerodynamic loads due to pressure distribution on fins, a set of linear 

structural analyses with an algorithm written in Matlab® are executed in Nastran®.  
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This algorithm changes the layer orientation in each step and investigates the 

stacking sequence of the laminated composite control surfaces with respect to tip 

deflection by considering four different failure criteria. Also, case verification study 

is performed in order to check whether the algorithm reads and writes correct data or 

not. Three structures with least deflected stacking sequences and not fail under 

maximum aerodynamic loads in structural analyses are manufactured and tested for 

both control surface models in order to compare and verify the maximum tip 

deflection results of Finite Element Method.  Based on these analyses and tests, some 

conclusions and recommendations for a designer are obtained. 

First of all, CFD analyses are performed for both missile model with different control 

surfaces at different angle of attack and they are repeated for finer grid. The results 

of fine of coarse grid are very close to each other and it can be said that solutions are 

converged in terms of mesh refinement study. Also, Missile models have same nose, 

body and fixed wing geometries so free-stream is the same until it reaches the control 

surfaces. As a result of these, nose and fixed wings have nearly same drag and lift 

coefficients for both missile models. Although these coefficients of body parts are 

close to each other, there are some differences due to the control surfaces of missile 

which are located at the back. Maximum pressure distribution occurs on control 

surfaces are also acquired at 15° angle of attack analyses to use it in structural part of 

the study. Then, normal and axial forces are obtained part by part in order to compare 

the missile models. The reason of getting normal and axial forces is to implement 

them to the structural model.  

Secondly, supersonic wind tunnel testing is carried out at 0° angle of attack in order 

to observe shock waves on control surfaces. Shock wave angle comparison study is 

also performed during this study. Test, CFD result and analytical solution of shock 

wave theory are compared in terms of the oblique shock wave angles. There are 

some differences between shock wave angle results. The difference between test and 

analytical solution may be due to the manufactural tolerances. Wedge angle tolerance 

of the test specimens can cause measurement error.  
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In structural analysis part of the study, parametric study of stacking sequence or ply 

orientation is performed. In order to conduct this stage, an algorithm which can 

easily modify the input file of Nastran® is written in Matlab® for both control 

surface models. This algorithm changes the fiber angle of layers in each step and it 

calculates the maximum tip deflection of control surfaces. Also, it checks whether all 

ply orientations fail or not under maximum pressure distribution in terms of the four 

different failure criteria which are Tsai-Wu, Tsai-Hill, and Hoffman and Maximum 

Stress failure theories. Then, the algorithm prints the in-plane stresses, maximum 

total deformation and failure status of control surfaces to the external file. Moreover, 

this parametric study is performed in order to improve a methodology for laminated 

composite control surfaces. The algorithm created for this parametric study can be 

used in different loading cases of control surface models. According to the 

parametric study results, 0° layers predominate at ply orientations of both control 

surface models which cause less tip deflection as expected. Since bending moment 

due to maximum aerodynamic pressure occurs at 15° angle of attack is greater than 

torsion acting on the control surfaces, 0° layers are dominant at the stacking 

sequences causing less tip deflection. However, due to the existence of torsion on the 

control surfaces, 90° layers are also obtained at mid-layers, nearest layers of neutral 

axis. This causes a reduction of tip deflection due to torsion. Moreover, Tsai-Hill is 

most conservative and Maximum Stress is less conservative failure theories in terms 

of the passed orientation number from failure tests. According to the failure test part 

of the study, most conservative failure criterion is Tsai-Hill, and least one is 

Maximum Stress failure criteria in terms of passed ply orientation numbers. 

Finally, the randomly selected three control surface configurations for each model 

are manufactured and tested. Although test results are close to FEM results, there are 

some differences between them. The main reason of these differences is 

manufacturing tolerances. Composite manufacturing is difficult process because the 

product dimensions depends upon many different parameters such as mould 

tolerances, layer tolerances and curing process.  
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Also, due to the usage of unidirectional layers, some defects on the control surfaces 

when extracting them from the mould. In order to avoid from this, surface film or 

woven fabric should be used at the outer layers. As a result of structural analysis part, 

control surfaces of model-1 are less deflected under maximum aerodynamic loading 

in comparison to control surfaces of model-2. Although control surfaces of model-2 

have lightweight, control surfaces of model-1 are more preferable due to their higher 

safety factor and lower deflection values under maximum aerodynamic loading. 

In future works, shape optimization study will be performed for control surfaces 

instead of using generic models. Parametric study of stacking sequence will be 

repeated with shape optimization study.  Moreover, effect of aerodynamic heating on 

composite material will be examined by modeling whole flight scenario instead of 

using the constant free-stream velocity boundary condition. 
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APPENDIX A 

7. NASTRAN FILE MODIFICATION 

 “.bdf” file is an input file of Nastran® that includes the model definition. It contains 

information about mesh model, material property, boundary conditions of analysis 

such as displacement, force, pressure etc. It is arranged by five main sections which 

are Nastran statement, file management section, executive control section and bulk 

data section. Nastran main section is used to arrange the system defaults and it is 

mostly not needed. File management section controls the database operations while 

executive control section gives some information about solution type, program 

modifications and system diagnostics. Then, requested outputs i.e. elements stress 

and strains, are written in case control section of the file and model definition, 

loadings and boundary conditions data is written in bulk data section. To better 

understand, a sample of Nastran input file is shown in Figure 76 [44]. 
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Figure 76 Sample of Nastran® input file [44] 

 

For the input file of control surfaces, ply orientations in bulk data section are 

changed. The bulk data section of the “.bdf” file of control surfaces is given in Figure 

77. In bulk data section, there are six main cards of file which are CQUAD4, 

PCOMP, MAT8, PLOAD4, SPC1 and FORCE cards. In CQUAD4 card, quadratic 

elements are defined in terms of the element identification number, layer 

identification number, node number of elements and the ratio of theta angle and 

material coordinate identification. In PCOMP card, composite layers are identified in 

terms of their layer identification, thicknesses, orientation angles, requested outputs 

and lamination type. This card is important for this study because it is changed with 

the algorithms in order to parametrize layer orientations. MAT8 card defines the 

material properties and its identification number. Then, PLOAD4, SPC1 and FORCE 

cards identifies the boundary conditions of the input files which are pressure load, 

fixed support and point load respectively. 
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Figure 77 Bulk data section of Nastran® input file 

 

In order to form a better parametrization routine for Nastran, the format of the input 

and output files should be known well.  

“.f06” file is a main output file of Nastran. It includes the information about 

constraint forces, displacements of each elements and element stresses. This file can 

be viewed and edited in any text editor. It also contains error messages to help user 

interpret the quality of analysis results.  

Reading stress and deformation results correctly are very significant for the 

parametrization algorithm. An example of the output file of initial structural analysis 

is given in Figure 78. As it is seen in this figure, constraint forces, displacement 

vectors and element stresses are listed in the output file.  
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These parameters are used in the parametric study to check whether an element is 

failed or not and to obtain the maximum displacement of the control surfaces. 

 

 

a)  Node Forces 

 

 

b)  Node Displacements 

 

 

c)  Element Stresses 

Figure 78 Parts of the output file of initial analysis 

 

In order to form a better parametrization routine for Nastran, the format of the input 

files should be known well. Each bulk data entry has a specific format. In bulk data 

section of input file each line includes 80 columns. However a bulk data entry may 

span multiple lines. There are three types of data entries in Nastran which are integer, 

real and character. Integer does not contain any decimal point while real data 

includes a decimal point. It is important that, a single decimal point is not taken into 

consideration as a real zero value. Character data entry always starts with an 

alphanumeric character. Real numbers have many ways to be entered. In Table 24, 

all versions of real numbers are listed [44]. 
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Table 24 Real number data entry types 

7.0 .7E1 0.7+1 

.70+1 7.E+0 70.-1 

 

Nastran has three different field formats which are free field format, small field 

format and large field format. In Table 25, the definition of field formats is given, 

and general format of grid entry is shown in Figure 79 [44]. 

 

Table 25 Field Format Types 

Free Field Format 
Input data fields are separated by 

comma. 

Small Field Format Ten fields with eight characters 

Large Field Format 

Ten fields with eights character 

including actual data with sixteen 

characters 

 

 

 

Figure 79 General format of grid entry [44] 

Data fields are separated by commas in free field format. There are some restrictions 

for this field. Firstly, free field data must start in column 1 of a line. Secondly, in 

order to skip one field two commas, and to skip two fields three commas should be 

used. Finally, integer or character fields must not be used with more than eight 

characters because this causes a fatal error. A sample of grid data written in free field 

format is shown in Figure 80. 
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Figure 80 Grid data in free field [44] 

 

In small field format, bulk data entry is divided into ten equal fields with eight 

characters. There are three basic rules for writing in small field format. First of all, 

first and last fields which are field-1 and field-10 have to be left justified. Secondly, 

second and ninth fields do not have to be right or left justified. Finally, small field 

input cannot include any embedded blanks. An example of small field data entry is 

shown in Figure 81. 

 

 

Figure 81 Small field data entry [44] 

 

On the other hand, large field format is used when significant digits in small field 

format is not enough. Large field format requires at least two lines. The first and last 

field of each line consists of eight characters and the other fields include 16 

characters. Large field data entries are denoted by a symbol which is called asterisk 

(*). This symbol is written in the first field of first line and at the beginning of 

second line. An example of large field format is shown in Figure 82 [44]. 

 

 

Figure 82 Large field data entry format [44] 


