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ABSTRACT

EVALUATION AND COMPARISON OF HELICOPTER SIMULATION MODELS WITH
DIFFERENT FIDELITIES

Yilmaz, Deniz
M.S., Department of Aerospace Engineering

Supervisor : Dr. Ilkay Yavrucuk

July 2008, 76 pages

This thesis concerns the development, evaluation, comparison and testing of a UH-1H heli-
copter simulation model with various fidelity levels. In particular, the well known minimum
complexity simulation model is updated with various higher fidelity simulation components,
such as the Peters-He inflow model, horizontal tail contribution, improved tail rotor model,
control mapping, ground effect, fuselage interactions, ground reactions etc. Results are com-
pared with available flight test data. The dynamic model is integrated into the open source
simulation environment called Flight Gear. Finally, the model is cross-checked through eval-

uations using test pilots.

Keywords: helicopter, simulation, fidelity, mathematical modeling
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GERCEKCILIGI DEGISKEN HELIKOPTER MODELLERININ DEGERLENDIRILMESI
VE KARSILASTIRILMASI

Yilmaz, Deniz
Yiiksek Lisans, Havacilik ve Uzay Miihendisligi Boliimii

Tez Yoneticisi : Dr. Ilkay Yavrucuk

Temmuz 2008, 76 sayfa

Bu tez degisik gercekeilik seviyeleri olan UH-1H helikopter simiilasyon modellerinin gelistirilmesini,
testini ve karsilagtirilmasini igerir. Literatiirde iyi bilinen “minimum complexity” simulasyon
modelinin kontrol dagitimi, yatay kanatcik aerodinamigi, rotor i¢ akigsi, gdvde, yer etkilesimi
gibi yeni birimler ile gerceklik seviyesi artirildi. Sonuglar ugus test verisi ile karsilastirildi ve

test pilotlar tarafindan simulasyon ortaminda denendi.

Anahtar Kelimeler: helikopter, simiilasyon, gercekcilik, matematiksel modelleme
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CHAPTER 1

INTRODUCTION

Since the first production of helicopters, the flight envelope of rotorcraft has been expanded
and maneuvers became more complex. Demands increased due to unique characteristics of
helicopters like hovering, vertical take off and landing. New requirements increased the work-
load of the helicopter by means of accomplishing the recent missions and this also leads to

excessive pilot workload. Hence, helicopter training became more demanding.

Many widely used helicopters have their roots in older designs. Yet, any technological im-
provement in aviation technology is applied to older platforms almost instantaneously. Hence,
helicopter platforms are being modified with an increasing trend. Modifying the helicopter

systems results in new testing procedures and training exercises.

Pilot training is a difficult and dangerous process, when actual aircraft is used, mainly because
helicopters are unstable air vehicles at low speeds and require complex controls. During the
training period, not only standard flight missions but also emergency situations with risky
recovery applications are practiced. The International Helicopter Safety Team’s Joint Heli-
copter Safety Analysis Team (JHSAT) has concluded that more helicopter accidents occur
during pilot training than in any other area of operation [25]. Also, World Aircraft Accident
Summary (WAAS) reports that the greatest cause for accidents is pilot loss of control [27]

and addresses the importance of pilot training.

Helicopter simulators are being used to support the training period in a much safer and more
economical way. Also, JHSAT reports that helicopter pilots should be given the advantage
of scenario-based training, which they can only get from simulation. In addition, a simulator

enables successful malfunction training, flight repositioning to repeat exercises quickly, and



recording and playback to enable debriefing [25].

Simulators are generally composed of 5 main parts; computers for real time mathematical
models with various fidelity levels, pilot control mechanisms, ground station computers for in-
structors, visualization systems and motion platforms. Depending on their accuracy to mimic
a real helicopter, -including the dynamics, avionics, cockpit and motion- several levels of
simulators exist: Synthetic Training Devices (STD), Flight Navigation and Procedure Train-
ers (FNPT) to Level D simulators with full motion platform, high precision visualization, very
high fidelity helicopter models and real time synchronized multi mission capability with other

simulators.

Before the technological improvements in computers, real time helicopter modeling had al-
ways been a big challenge due to the lack of high speed computer processors and supporting
hardware. One of the first real time helicopter simulation model applications can be found
in reference [30] in which a Wessex simulator was described with the technology of 1970’s.
Although real helicopter avionics and controls were used on a motion platform, the mathe-
matical dynamic simulation model embedded in the simulator was inevitably simple due to
lack of computing power. In the following years, in 1977, a more complicated simulation
model for the UH-1H is developed for piloted simulation purposes [2]. This approach uses
uniform inflow over the entire tip path plane, simple expressions for contributions of the tail
rotor, fuselage and empennage. Also, it contains quasi-static main rotor representation, no
interaction of components and ignores the main rotor shaft tilt throughout the calculations.
In addition to these assumptions, one frail side of the simulation model is that constants are
introduced to match the flight data throughout the calculations for specific flight conditions
and these constants must be adjusted for different flight regimes. As indicated in the refer-
ence, while adjusting the coefficients for hover, divergence was observed for 60 knots flight
condition. Moreover, different coefficients for various limiting conditions caused the model to
experience difficulty in trim. On the other hand, most of the specifications of the UH-1H heli-
copter is obtained from this reference since detailed study was carried out for pilot in the loop
simulation. Two years later, Robert T.N. Chen published a NASA technical Memorandum
paper which is focused on the helicopter main rotor dynamics [32]. Although complicated
sets of equations are developed for main rotor calculations including flapping hinge restraint,
effective hinge offset and pitch-flap coupling, some of the model assumptions prevented the

usage of the mathematical model through entire flight envelope. In the following year, Robert



T.N. Chen extended the research by containing teetering and non-teetering configurations with
more complicated sets of equations [33]. But absence of powerful computing capability of
the computers prevented the application of the concept of real time simulations and reduced
model sets were introduced. In 1982, Ames Research Center published a scientific paper
about a simulation model application for piloted simulation [34]. The application described
is an extended version of reference [32] but still limited for specific flight regimes because
of the assumptions containing basic momentum theory with uniform inflow, simple strip the-
ory, absence of reversed flow region and tip loss effect. In 1986, Robert Hefley and Marc
Mnich from the NASA Ames Research Center published a real time mathematical simulation
model, which reflected the idea of developing a method to cover the whole flight regimes with
minimum complicated calculations, known as the minimum complexity model. This model
is chosen to be the initial model in this research and it will be described in details in the

following chapters.

Parallel to the developments in general helicopter dynamics, improvements in the main ro-
tor inflow distribution models -one of the most critical components in helicopter modeling-
were also noticed. The main obstacle for implementing the complicated flow characteris-
tics has been the limitation in computing power during real time applications. Advanced
computational fluid dynamics (CFD) software are able to solve the flow properties but with
considerable computation time even with advanced computing hardware. Early on the inflow
distribution was mainly solved by the use of Classical Momentum Theory, Glauert’s Theory
and their modifications for different flight conditions [5], [6], [7], [35]. Interests had been
focusing on non-uniform inflow modeling, which predicted the main rotor calculations in a
more accurate way. The Pitt-Peters inflow model [40], [41] was one of the milestones of dy-
namic non-uniform inflow models. A detailed historical development of non-uniform inflow
models is listed in the survey of Chen [42]. Takahashi [46] from the NASA Ames Research
Center reported a flight dynamics mathematical model of a single rotor helicopter, which ben-
efits from the Pitt-Peters dynamic inflow model. Although the model shows great correlation
with the UH-60A Black Hawk helicopter test data, linearization and simplified blade loading
calculations doesn’t allow its validity for the entire flight envelope in real time simulation ap-
plication. Later, another method was published; the finite state rotor induced flow model with
a set of closed-form, first order, ordinary differential equations in time defining a finite num-

ber of modal inflow states with blade lift as the forcing function [43], [44]. This model is also



known as the Peters-He generalized dynamic wake method, which is described in first section
of the following chapter. Most of the state-of-the-art helicopter simulations use this method
for inflow calculations. For example the popular simulation code FLIGHTLAB (Advanced
Rotorcraft Technoloy) uses three state Peters-He inflow model with empirical corrections
for vortex ring state, similarly COPTER (Bell Helicopter) and ONERA-DFVLR (European
Community) [50] use this inflow model. This thesis also makes use of this computationally

efficient Peters-He inflow model.

Parallel processor implementations were also used for rotorcraft simulation for the handling
of the complex calculations [31]. In 1996, Krothapalli, Peters and Prasad introduced a new
method [47] composed of momentum, actuator disk and vortex theory. Hover case validations
showed that models differ in predicting inflow distributions due to hub rotations by a factor of
three. Finite state inflow models had various applications like the implementation of ground

effect for dynamic ground [48], which impedes the imaging method of vortex theory.

In 2000, a free wake inflow implementation to a helicopter mathematical model was per-
formed [49], which is strictly valid only in steady-state conditions and can not be rigorously
used in a time marching procedure. Morillo and Peters [50] improved the general dynamic
wake method for obtaining all three velocity components in axial flow, which is hierarchi-
cal to the Peters-He model but also has ability to treat induced flow components anywhere
above or below the rotor disk [53], and searched the numerical stability of the methodology.
In 2002, constants from vortex tube analysis were integrated to Peters-He inflow model [51],
which is a modification to the model to represent the transient effects by distorting wakes. As
a result, good off-axis response characteristic matching was obtained. In 2003, Houston and
Brown [52] reported a study about the comparison of the Peters-He and vortex tube analysis
and concluded that the 5 state Peters-He inflow model is adequate for most of the autorota-
tion regime, whereas improvements are needed for steep and low speed descent cases. Zhao
et. al. [54] reported a detailed anaylsis of dynamic wake distortion and their applications to
the Peters-He inflow model. With the recent improvements in computing power, complicated
free-wake models (GENHEL and CHARM) are being used in real time helicopter simulation
applications [55]. Although considerable achievements are obtained for high amplitude con-
trols, free wake models still need optimum constraint selections like blade loading resolution
and refresh rate of induced velocity field creation. Moreover, it is concluded that finite state

inflow models show good correlation around small amplitudes on axis responses when com-



pared to advanced free-wake baseline models. In 2006, C. Chen researched inflow models
during descent flight [56], especially the vortex ring state (VRS). Also, Some of the fidelity
researches and methods are listed in references [3], [6]. A recent survey about inflow and

wake models is listed in reference [57].

Generally, dynamic mathematical simulation models are coded computer languages like For-
tran or C++ due to their fast computing abilities. C++ has been used in flight simulation
applications for many years due to it’s ability of being easily reconfigurable, object oriented
programming skills like polymorphism, inheritance, encapsulation and abstraction and inte-
grated development environments (IDEs), easy adaptation to various hardware configurations
[26]. In this work the codes were written in C++ and the open source simulation environment
called FlightGear is used to visualize the dynamics. Although FlightGear can interact with
codes written in various computer languages such as Matlab-Simulink and Fortran, internal
implementation of the C++ generated helicopter model resulted in more flexible testing and

debugging capabilities.

A common approach to generate a simple model of a helicopter is to start with the minimum
complexity model. However, when applied to the UH-1H helicopter, it is observed that this
approach is not enough. On the other hand, advanced models could be built with high mod-
eling fidelity. This thesis targets a model that is just enough to model the UH-1H helicopter
close to available through flight test data without using the most advanced high fidelity simula-
tion components such as flow interactions, etc. to be used in real time simulation. Therefore it
is targeted to include only the effects that are absolutely necessary to avoid the need to exces-
sive computing power. As a result, this thesis focuses on the real time mathematical dynamic
helicopter model development with various simulation fidelity levels and integration of the
models into a representative simulation environment. Therefore, new mathematical models
of UH-1H with different fidelity levels will be used for simulator applications and simulation
purposes. Simulation fidelity is considered as the combination of objective fidelity, which is
defined as similarity of the simulation model to flight test data, and perceptual fidelity, which
is defined as the subjective judgment of pilots on simulation model [58],[59]. The chosen he-
licopter to simulate is the UH-1H (Huey), which has published flight tests and specifications

data. Moreover, there were experienced UH-1H test pilots for simulation evaluations.

This thesis is organized as follows: Chapter 2 describes the component built up method used



for simulating the UH-1H helicopter. Component calculations are investigated and developed
separately through the sub sections. Minimum complexity and updated simulation models
are introduced and described. Chapter 3 addressees the trimmer, which is designed for find-
ing trim conditions of simulation models. In chapter 4, trim values , dynamic responses of
simulation models are verified with existing flight test data. Moreover, integration to simula-
tion environment and conclusions of performed pilot evaluations are listed. Finally, chapter 5

presents conclusions and recommendations for future work.



CHAPTER 2

MATHEMATICAL MODELING

The mathematical modeling of the UH-1H is accomplished by the component build up method.
Forces and moments of components are carried to the center of gravity of the helicopter for
calculating the rotational and translational state derivatives and instantaneous states of the
simulated helicopter. During the calculations, contributions of altitude, ground effect, land-
ing gears and ground reactions are included. There are two versions of simulation mod-
els throughout the research; the minimum complexity and the so-called “updated model”, a

model with updates to the minimum complexity model.

In reference [1], an example helicopter is modeled for pilot training using as simple compo-
nents as possible. The idea is to include only the effects that a pilot in simulation would feel;
hence the name minimum complexity. Here the main rotor flapping is calculated by a first
order flapping dynamics assumption. The calculations of induced velocities of the both main
and tail rotors are iterative methods based on classic momentum theory and Glauert theory
[6], [5], [7], [1]. Quadratic lift coefficients are used to model the aerodynamic forces and
moments on the various components of the helicopter, including horizontal stabilizer, ver-
tical tail and fuselage. Main rotor inflow effects onto those components are also included.
Finally, performance parameters such as the profile power of the main rotor, power required
for climbing and parasite power are calculated separately. In this thesis, the mathematical
methodology is kept the same but the geometrical properties of the original code is modified
for the UH-1H and finally, a minimum complexity mathematical helicopter simulation of the

UH-1H is obtained. The minimum complexity model is set as the baseline model.

Next, modifications are made to the baseline model and an updated simulation model is devel-

oped to obtain a more detailed simulation model of the UH-1H. Helicopter specific compo-



nents such as a stabilizer bar, a horizontal tail with varying incidence angle according to pilot

longitudinal cyclic were included. Calculations of some components are extended to involve

more complex effects like inflow distribution on main rotor. Each modification is explained

separately in the following subsections. A general schema of the simulation model is shown

in figure 2.1.
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: I
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pilot _| hloel 5 N r _ ,
Input I ] Tail Rotor 2 ; Eguations Ly S
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Figure 2.1: A general schema of simulation model algorithm structure.

Both the baseline model and the updated model share the following commonly used assump-

tions and approaches:

An ideal engine assumption is made, i.e. the engine is always capable of providing

enough power and therefore constant rotational speed of the main rotor and tail rotor.

Main rotor blade is a rigid body and is not effected by aeroelastic forces and moments.
Weather conditions are assumed to be steady without any gust, turbulence and wind.

Weight and center of gravity of models are fixed throughout the simulation.
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e Special modifications to cover autorotation and vortex ring state regimes are not imple-

mented into the simulation models.

o Off-axis response modification is not included in the simulation models.

2.1 Main Rotor Modeling

The main rotor has the most dominant role on the helicopter dynamics since directional con-
trolling, propulsive and lifting forces are mostly generated by the main rotor. Thus, modeling
the main rotor is a challenging process. There has been the use of highly sophisticated CFD
methods, experimental procedures and multidisciplinary analysis to understand the behavior
of the main rotor dynamics, including inflow distributions and coupled flapping, real time
pilot in the loop helicopter simulations. It is computationally very demanding to include all
aeroelastic effects, complex unsteady inflow characteristics with detailed interaction of lifting
surfaces and complicated vibration effects in real time. In the future, it might be possible to

include more sophisticated models in real time simulation systems.

Both the minimum complexity and the updated simulation models use first order flapping
equations, which are accurate enough for the pilot in the loop real time applications. The
basis of the model belongs to Glauert [35] and Lock [36].Then, in reference [1] the equations
were simplified by integrating the flapping calculations [33] for real time applications. First
order flapping equations result in a tip path plane (TPP) lag affecting the main rotor thrust
vector orientation and instantaneous control changes. Detailed information about flapping
calculations is present in diploma thesis of Munzinger [37]. In reference [38], a work is
done to analyze the effects that simulator tolerances may have on the level of fidelity used
in helicopter mathematical models and it is concluded that for a teetering rotor complicated

flapping dynamics are hardly noticeable.

One of the main difference between minimum complexity and the updated model is the calcu-
lations of main rotor thrust and inflow. Minimum complexity uses uniform flow distribution
and calculates thrust based on momentum theory. On the other hand, the updated model in-
cludes Peters-He inflow distribution model with a blade element approach for the main rotor
thrust calculation. Considering the real time performance, blade is considered as three sec-

tions during this research. Since state of the art simulation applications contain 5 sections of
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blades for the real time simulation of the mathematical models [28] , a three section configu-

ration was thought to be a reasonable choice for this initial work.

The Peters-He inflow model, which is also known as the generalized dynamic wake (GDW)
model, is an extension of the often used Pitt-Peters model. The GDW model is originated
from acceleration potential flow calculations with a skewed cylindrical wake assumption [43].
Although rotor disk is assumed as a flat plate in the GDW model, individual elements of rotor
blades is taken into account according to their azimuth and radial position. Aerodynamic
forces are explicitly included in the GDW model, which provides the flexibility of choosing

linear or nonlinear blade element calculations.

GDW model has some advantages on blade element momentum (BEM) models such that it
follows for a more general distribution of pressure across a rotor plane, inherent modeling of
tip loss and excluding iterative methods. However standard GDW also has limitations like
instability during low speed turbulent wake and vortex ring states, not including wake rota-
tion and assuming rotor plane as flat disk which lacks the aeroelastic modeling. Derivations
of the GDW is determined in references [43], [44] and [45]. The resultant methodology is

summarized next.

Induced flow distribution, which depends on radial sections, azimuth of the blade and time,

can be represented by the following equation.

N 25,+r-1

v =) >, #O|dcostry) + BiD sinry))| .1

r=0 j=r+1,r+3,...
where 7 is the non dimensional blade coordinate (7=r/R), y is the azimuth of the blade, 7 is
the non dimensional time (7=Qt), N is the highest harmonic in the azimuthal direction, S, is
the number of radial shape functions, ¢;(?) is the radial expansion function, a;(ﬂ and B;(ﬂ are

the inflow coefficients. Radial expansion function has the following form,

N e o VER VRN
O = T S g+ I — g~ DI @2

o= G+r—=DNG—-r-DnN
TG NG =D

n!! is a double factorial, defined as,

2.3)
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nn—-2)(n-4)---31, ifn=-even
n!l = 2.4)

nn-2)n-4)---42, ifn=o0dd
Inflow coefficients, which are the states of the GDW, are related with pressure coefficients 7’s

according to the following matrix formation;

1
{ar.} =§ e} (2.5)

n

1
B} =31 ) (2.6)

n

[M°]4 | } + [D]_l 7]

where sine and cosine components of apparent mass matrix M, which are M* and M€ respec-
tively, are identical except the cosine matrix operator has m=0,1,2,3,... whereas sine matrix

operator has m=1,2,3,.... The apparent mass matrix is formulated as follows;

[M] = K" 2.7
where
2 2(n+m— 1) —m—1)!
K"*"=-Hg" == 2.8
"o o m+m)(m—-m)!! (2.8)

L and L* are the induced flow influence coefficient matrices, which are defined by the fol-

lowing set of equations ;
ey = (2] ] (2.9)

! =[] 7] (2.10)



Sine and cosine components of L operator, which is also known as inflow gain matrix, contain

matrices that depend on wake skew angle y, and they can be expressed as ;

[Zom] = xm [Lom (2.11)
L] =[xt (x| [ L] (2.12)
L] =[xt — x| [ L] (2.13)
with
[ = min (r, m) (2.14)
X = tan %‘: VTiMI’ O <y <7/2) (2.15)
F;:l" = (_l)# 2V@n+ DEj+ 1) forr+m=even (2.16)

2 JHpE G WU +n+ DG =n? =1

i ST for rtm = odd and |j -1 = 1 2.17)
2 JHpH 242+ D2j+ D)
F;.g=0, forr+m=oddand|j—n|# 1 (2.18)

Sine and cosine components of flow parameters matrix, V, are almost identical with the ex-

ception of m = 0 as follows;

[V¢] = {m form=0,1,2,3,... (2.19)
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[V*] = fm form=1,2,3,... (2.20)

where

VY = Vr for (m,n) = (0,1) (2.21)
V™ =V for (m,n) # (0,1) (2.22)

Flow parameters matrix, V, is defined as ;

A+ A

v (2.23)

and the total flow parameter

Vi = Ji2+ 22 (2.24)

where y is the advance ratio, A4 and 4, are the inflow ratios calculated as the following equa-
tions;

A=+ Ay (2.25)

where Ay is the normal component of the helicopter forward velocity and 4,, is the unsteady

inflow ratio calculated as follows;

A = V30! (2.26)

Peters-He inflow model is a perturbation method but with some modifications, a complete
nonlinear version is obtained as in references [43], [44] by replacing V with /u? + A% just
for the first row of [L¢]~!, treating all quantities as total rather than perturbation and using the

unsteady value of A,,.
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Pressure coefficient harmonics are obtained by the following equation set;

1 B [ N )
me - Lig¢™ (#)| cos 227
K Z} ‘6 <n)ﬁ my 2.27)
1 B [ Ng ]
s _ q s, :
s = ey Z ZLl. @ (7)) | sin my (2.28)
g=1 Li=1 ]
1 B | Ng
Oc _ =~ q 40 (.
T R ; ;Li ¢ (r,)] (2.29)

where Lf is the sectional lift of the ¢’k blade and i’k section. Throughout the calculations,

normalized element thrust is found as;

q

normalized element sectional lift = pA(SiZR) (2.30)

For the blade sectional lift and drag calculations, instead of a linear lift curve assumptions,
which neglects reverse flow and high angle of attacks that leads to stalling cases, a more com-
prehensive blade calculation method is followed. An empirical study of some airfoils is listed
in reference [14] for various Reynolds numbers and data is fitted to curves. The methodology
is described in details in section 2.4. Although UH-1H has a NACAO0O012 airfoil in the main
and tail rotors, generated curve fitted dynamic libraries are for NACAO0O015, which is the air-
foil type of UH-1. During the computation of sectional forces, induced velocity is taken into
account and this feedback couples the GDW equations, which results in including unsteady
effects. Moreover, GDW comprises the tip loss effects implicitly. Sample distributions of

main rotor local inflow, thrust coefficient and angle of attack are presented in Appendix B.

Control mapping between the pilot controls and the swashplate inputs is provided using ref-

erences [2] and [8].

During the trimming process, rotor and inflow states are trimmed in addition to helicopter
states. One revolution of each blade is calculated by segmenting the blade rotation to 16
equal azimuth angles (22.5 degrees). Although instantaneous thrust, blade drag and inflow
distribution are available, in each time step, calculations are performed using azimuth aver-
aged values of the blades since the overall responses were almost identical. The following

graphs are plotted to show the responses of the updated simulation models, which include

16



the Peters-He inflow, with instantaneous and azimuth averaged inflow distributions. After
a trimmed flight of one second, step pilot inputs to all channels are applied simultaneously
to models , "Inst. Inf. Mod.” refers to the model with instantaneous thrust, torque and in-

duced flow calculations, whereas ” Avr. Inf. Mod.” refers to model with azimuth averaged

calculations of the same parameters.

9 45
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Figure 2.2: Simultaneously applied pilot
control inputs to updated simulation mod-
els with instantaneous and azimuth aver-
aged inflow calculations.

Figure 2.3: Body angular rate responses
of updated simulation models with instan-
taneous and azimuth averaged inflow cal-
culations.
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Figure 2.4: Euler angle responses of up-
dated simulation models with instanta-
neous and azimuth averaged inflow calcu-
lations.
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Figure 2.5: Earth axis velocity responses
of updated simulation models with instan-
taneous and azimuth averaged inflow cal-
culations.




It is seen from figures 2.2 and 2.3 that trimmed pilot controls and body angular rate responses
of models with instantaneous and azimuth averaged inflow calculations are almost identical.
Considering the pilot control inputs, which are applied to whole channels simultaneously,
exact similarity of resultant responses, as in figures 2.4 and 2.5, lead to the conclusion that
inflow calculations can be chosen according to the application in hand. In this thesis, azimuth
averaged calculations are chosen due to their ease of graphical representation and compari-
son. In figure 2.5, North-East -Down navigation frame with flat earth assumption is used and

initially with zero yaw angle, Euler transformation implies the forward flight condition.

2.2 Stabilizer Bar Modeling

Stabilizer Bar

S

Figure 2.6: Stabilizer bar on UH-1H helicopter.

As seen in figure 2.6 [12],[13], UH-1H has a shaft-mounted stabilizer bar on the main rotor

mechanism.

A stabilizer bar is a mechanical augmentation device which increases the damping of the sys-
tem. Hence, the stabilizer bar effects the stability and control characteristics of the helicopter.
The pitch rate is fed back to the longitudinal cyclic control and the roll rate is fed back to the

lateral cyclic control. Control feedbacks on the stabilizer bar are modeled [2], [8] as ;

B K
= 2B Jsec (2.31a)
q s+ 1

A -K
s = 728 Jsec (2.31b)



where Bj; is the longitudinal cyclic control, Ay, is the lateral cyclic control, p is the roll rate, q
is the pitch rate, Kp is the stabilizer bar mechanical mixing ratio gain and 7 is the mechanical
damping constant. Specific values of the constants for UH-1H helicopter are obtained from
references [2] and [8]. Equations 2.31a and 2.31b shows that stabilizer bar is most effective

while during maneuvers with considerably high body angular rates.

2.3 Tail Rotor Modeling

Tail rotor calculations of minimum complexity simulation model[1] consist of the same it-
erative method of main rotor for thrust and induced velocity but without including flapping
dynamics. Although the convergence of the iteration is fast, some maneuvers especially with
high yaw rates causes tail rotor iteration not to converge to normalized values. Therefore, a

more robust iterative method is developed. Figure 2.7 is the schema of the developed tail rotor

algorithm.
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ke : Blockage effect constant, TYES L=y (@]
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Figure 2.7: Tail rotor iteration schema
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Control mapping between the pilot pedal control and root pitch angles of tail rotor blades is

established by using the references [2] and [8].

In the updated tail rotor iterative calculation, blockage effect of the vertical tail is considered.
Moreover, convergence of the iteration is supported by feeding back by the internal iterative

errors and determining iteration steps.

2.4 Horizontal Tail Modeling

UH-1H helicopter has a stabilizer type horizontal tail, which changes the incidence angle
by changing pilot longitudinal cyclic. According to data in reference [2], the mechanical
linkage is modeled. Data is fitted to a curve and an analytical expression for the mechanical
connection is obtained as a 3¢ order polynomial form. The curve fitted data is shown in figure

2.8.

Horizontal Tail Incidence Angle (rad)
%

i 5.2 72‘.5 0.0 2.‘6 52 7.7
Longitudinal Cyclic (inch)

Figure 2.8: Longitudinal cyclic vs horizontal tail incidence angle

Originally, the minimum complexity simulation model [1] uses a quadratic lift form for the
calculations of the horizontal stabilizer. According to this approach, the stall of the horizontal
tail is checked and if stalled, a new set of constants are used for the calculations. This transi-
tion leads to a discontinuity throughout the calculations and especially was causing numerical
instabilities in the trim solution. Hence, in the updated model a new simplified aerodynamics
based approach is used. Firstly, the angle of attack of the horizontal tail is calculated consid-
ering the real-time incidence change through pilot longitudinal input and real-time main rotor

inflow effects on the platform. Also, airfoil test data of the horizontal tail are obtained from
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literature [14] for 180 degrees of angle of attack. For Reynold’s number changing from 80000
to 10000000, each data is fitted to curves which are composed of 6™, 7 or/and 8" degree
polynomials. Since the horizontal tail is a simple rectangular platform with symmetrical air-
foil shape, three dimensional effects are ignored and empirical airfoil sectional properties are
applied to whole horizontal tail platform. Note that at some portions of the graphs, the angle
of attack as hggh as 180 degrees, which is an indication of reverse flow. Some curve fitted

data is shown in figures 2.9 and 2.10 ;
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Figure 2.9: C; vs angle of attack curves fitted to test data for various Reynold’s numbers
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Figure 2.10: C, vs angle of attack curves fitted to test data for various Reynold’s numbers
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Next, Reynold’s number (Re) of the airfoil for the instantaneous flight condition is calculated

as [15]:

Re = PV ocatCmean (232)
Hd
where
. Tr 717
= 373.10) (o) ——— 233
Hd ST Tk + 198 23

p is the density of the air (slug/( ft)3), Viocar 18 the local velocity of the air (ft/sec), ¢ean 18
the mean aerodynamic chord of the horizontal tail (ft), yy is the dynamic viscosity of the air
(Pound force seconds/f7%) and T is the temperature of the air (Rankine). After calculating
the Reynold’s number, the interval is determined to which the instantaneous value belongs
to. Then, the corresponding C;, and Cy values are determined. Then, knowing the angle of
attack, a linear interpolation using the calculated Reynold’s number is used to calculate the
Cr and C4 values. Since the test data is collected for Reynold’s numbers between 80000 and
10000000, lower and higher values are bounded to these limit values. Drag coefficient of the

horizontal tail is calculated by equation 2.34 :

C2

Cp=Cyo+—= 2.34
D a0+ e (2.34)

where C, is the drag coefficient of the horizontal tail airfoil, Cy, is the coefficient of the lift,
”AR?” is the aspect ratio and “’e” is the span efficiency. Span efficiency of the horizontal tail is

assumed as 0.9.

Finally, real time total drag and lift forces on the horizontal tail are calculated. Therefore,
stall cases are included through coefficients of lift and drag for all angle of attack values.
Moreover, analytic form resulted in continuous calculations throughout the iterations. During
this approach, effects of compressibility and Mach number is neglected. Instead of non-
uniform induced flow interaction, the horizontal tail is assumed to be effected by averaged
normal component of the induced velocity. Also, swirl effects of inflow and highly turbulent
interactions of tail boom, main and tail rotors on horizontal tail are neglected. Some advanced
methods and detailed experiments about interactions can be found in references [16], [17] and

[18].
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2.5 Vertical Tail Modeling

Both the updated and the minimum complexity simulation models simulate the vertical tail
with the quadratic form expressions. There is a lack of information about vertical tail airfoil
section, sweep back angle, taper ratio and thickness variation. Moreover, vertical tail is very
close to the tail rotor inflow region. Therefore, modeling the vertical tail with simplified
aerodynamics similar to the horizontal tail, is thought to be as a future work. Unlike the
minimum complexity model, incidence of the vertical tail is included in the updated model

calculations.

2.6 Fuselage Modeling

Minimum complexity model uses quadratic form expressions for the fuselage. On the other
hand, the updated model includes aerodynamic derivatives of the UH-1H fuselage [8], [2].
Main rotor induced velocities effect are included both in the minimum complexity and the

updated model.

2.7 Skid Modeling

Forces and moments on skids are calculated by modeling the skids as four imaginary landing
gears composed of spring-damper systems, which are located at corners of skids. Geometrical
positions of the landing gears w.r.t. center of gravity of the helicopter are listed in table 2.1.
It is assumed that front and rear landing gears are symmetrical about to the center of grav-
ity. Since four independent spring-damper type landing gears are modeled, different landing

scenarios are available with various landing gear touch down conditions.

Table 2.1: Position of the imaginary landing gears w.r.t the center of gravity of the body axis

xgear(ft) Y geur(ft) deur(ft)
Left Front Landing Gear 7.25 -3.75 4.79

Right Front Landing Gear 7.25 3.75 4.79
Left Aft Landing Gear -7.25 -3.75 4.79
Right Aft Landing Gear -7.25 3.75 4.79
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Velocity vector of the landing gears in the body frame are found from;
V)gear = ‘—/)helicopter +d X 7gear (235)

where 7y, is the position vector of the gears w.r.t the center of gravity in the body axis , & is
the body angular rates and \7);13[,-60 pier 18 the velocity vector of the helicopter in body axis.

For each landing gear ;

Vhelicopter = Mbodyl—.)'i' VhodyJ_)"' Wbody]? (2.36)
S=pi+qj+rk (2.37)
?gear = xgear?"' )’gearf"‘ Zgeark (2.38)

Finally, after substituting equations 2.36,2.37 and 2.38 into the 2.35 , resulting velocities of

each landing gear are :

Ugear = Ubody t qZgear — "Ygear (2.39)
Vgear = Vbody — PZgear t I'Ygear (2.40)
Weear = qbody T PYgear — 4Xgear (2.41)

where p, g, r are the roll, pitch and yaw angular rates respectively.

For the landing phase of the real time simulation flight scenarios, a structural crash of the
skids after a harsh landing is not included in the model. On the contrary, since skids are able
to function even with a very high decent velocity, they create instantaneously high forces and
moments in the center of gravity of the helicopter when helicopter touches the ground. Due
to the sudden high force and moments, mathematical model tends to diverge. This leads to
crash mode and visual system freezes after the crash. Therefore, pilot understands that skids

are broken due to harsh landing.

2.8 Ground Surface Reaction Modeling

The sequence of calculation of ground reactions is as follows:

e Firstly, force on the landing gear is calculated by equation 2.42 when it touches the
ground surface.

Fgear = —Cie — kx, (2.42)
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where c is the damping coefficient and £ is the spring coefficient of the landing gears,
X. is the compression length and X, is the compression rate of the landing gears. At the
beginning, ¢ and k were approximated according to existing values for helicopter model
in Ref [11]. Then fine tuning was performed while testing in simulation environment.

For each landing gear, height above the ground is calculated and compression length is
checked for compressed case, which means the touch down condition. If the landing

gear is compressed, then the force acting on it is calculated by equation 2.42.

e For each landing gear, after obtaining the force on the landing gear, normal force (N) is

calculated as :

N = Fgear (2.43)
"~ cosfcos ’

where 6 and ¢ are pitch and roll Euler angles respectively.

o For the calculations of frictional forces on ground, the coefficients of static and dynamic
friction forces are obtained from Ref [4]. Although the mathematical model is able
to land different types of ground surfaces (grass, airport, soil, various helipads, etc.)
throughout the simulation environment, it is assumed that the friction properties of the
ground remain same for all landing cases. Equation 2.44 is used for calculating resultant

friction coefficient with the experimental values of the UH-1H skid properties [4].

pe = fa+ (fs = f)e PriVe (2.44)

where f; is the dynamic coeflicient of friction, f; is the static coeflicient of friction, S
is the exponential coefficient of decay and V,,; is the relative velocity of the surface on
contact. Same friction properties are used for forward and side ward friction cases of

the skid.
o After obtaining the skid friction values, friction forces on the ground in both forward
(Fx) and side ward (F'ry) directions are calculated by using the normal forces.

fo = ,uclN|Signum(ugear) (2.45)

Fpy = pelNlsignum(ygear) (2.46)
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o Finally, frictional forces of each landing gear are carried to the center of gravity of the
helicopter. To include the friction forces in the equations of motions of the helicopter,
they are transformed according to the pitch and roll Euler angles,f and ¢ respectively.

The transformed forces (Figx,Fgy,Fe7) are obtained by the following equation.

Fiex cosf 0 —sinf Fy
Figy ( = |sinfsing cos¢ cosé@sing || Fyy
Figz sinfcos¢ —sing cosfcosg|| N

Therefore, any ground reaction on any landing gear is included on the whole dynamics

of the simulated helicopter instantaneously.

2.9 Altitude and thrust coefficient updating

Minimum complexity simulation model[1] uses the sea level assumption for the full flight
envelope calculations. However, UH-1H is a utility helicopter and possible flight envelopes
may contain high altitude missions. In the updated model, effects of altitude on air density
and performance of the helicopter are included. Following formulations are used to calculate

the temperature and air density for the given altitude.
Temperature at any altitude is:

Tisa = Tsp — 6.5k + 0.0003048009 (2.47)

where Ts4 is the temperature at the given altitude is in standard atmospheric conditions in

Kelvin, Ty is the standard sea level temperature in Kelvin and h is the given altitude in feet.

Density at any altitude is:

4256
P =psL (—L) (2.48)

where p is the density of the air at given altitude in slug/feet’, ps; is the density of air at sea

level in standard atmospheric conditions in slug/ feer’.

Minimum complexity simulation model[1] calculates the coefficient of thrust by assuming

that thrust equals to weight and it uses same thrust coefficient throughout the whole flight
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envelope. On the contrary, during the real flight, thrust values and orientations generally
change considerably for various conditions by pilot inputs and tip path plane orientation.
Therefore, in the updated model, instantaneous thrust and air density are used for calculation

of the thrust coefficient.

2.10 Ground Effect Modeling

For the treatment of ground effect, an approximate formula based on Cheseeman and Ben-
nett’s analysis is used. This thrust relationship can be expressed by the following equation

[39]:

TiGE ] 1
= (2.49)
[ ToGE

- LBy L
O
where R is the rotor radius, Z is the height of the rotor hub above the ground, V is the forward

velocity and V; is the average induced velocity at the rotor.

This formula shows a good agreement with the flight test measurements of various helicopters

at hover condition as shown in the figure 2.11.
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Figure 2.11: Thrust ratio versus hub altitude to main rotor radius ratio at hover for a variety
of helicopters[5]
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It is concluded that the results obtained from equation2.49 are not close enough to the flight
test measurements for UH-1H. While considering measurements of UH-1H, a significant re-
duction in thrust ratio is observed near the ground. Hence, equation 2.49 is modified based

on the data in the figure 2.11.

TiGe | _ 1
[TOGE] - KLBy 1 (2.50)
6z Ty

For modification, K is selected as 0.62 by adjusting the equation 2.49 to flight test data for

UH-1H [5]. The difference can be seen in the figure 2.12

= == == Cheeseman's Theory
Modified Equation
A TestData

Thrust ratio, T q./Toee

Skids on ground

0 0.5 1 15 2 25 3

Height above ground, z/R

Figure 2.12: The modification of the Cheeseman’s equation for fitting UH-1H measurement
data.

28



After modifying the equation 2.49, the thrust versus z/R ,hub altitude to main rotor radius
ratio, graphs are plotted for the hover and 30 knots forward flight conditions. With increasing
velocity, thrust ratio decreases as shown in figure 2.13 which agrees with the statement in

reference [5].

= = = Hover Condition
— 30 knots forward flight

Thrust ratio, T,./Toee

T
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-
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Figure 2.13: Thrust ratio versus hub altitude to main rotor radius ratio at hover condition and
30 knots forward flight condition

2.11 Other Updates

The translational motion of the helicopter in the body-fixed coordinate system is modeled
in the minimum complexity simulation model [1] as reduced forms of the actual theoretical
equations. Although this approach is reasonable for steady flight, effects of the maneuvers
with high angular rates produce significant errors. Therefore, in the updated model all the
reduced terms are restored in the equations of motion to include the effects of transient dy-
namics during maneuvers. The following equation set is used for the calculations of angular
accelerations of body at the center of gravity of the helicopter. The marked terms do not ex-
ist in the minimum complexity model, whereas updated model includes all the present terms

including the marked ones.
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——— Ixl7 — IxzIxz I7 Iy — IxzIxz
= _~

In addition, the minimum complexity simulation model [1] uses reduced order velocity trans-
formation matrices for the conversion of the body frame to the earth fixed frame instead of
the actual theoretical transformation equations. The helicopter can be subjected to high Euler
angles and simplified transformations tend to cause significant errors. Hence, full transfor-
mation matrices are used in the updated model in order to be able to simulate the high Euler
angle flight conditions. The restored terms, which are included in updated model, are marked

in the following transformation equation.

%, cosfcosy sinfsingcosy —cos@siny  sinfcos ¢ cosy + sin g sin Y

; =] cos¢siny sinfsingsiny +cosfcosy  sinfcos ¢ sin g — sin @ cos Y v (2.52)
Ve .
Ze —sin@ cos fsin ¢ cos 6cos ¢

——
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CHAPTER 3

TRIMMING USING A FLIGHT CONTROLLER

Unlike most fixed wing aircraft, helicopters are inherently unstable vehicles especially at
hover and low speed flights. Also, due to high frequency rotor dynamics and highly coupled
responses, helicopters require more pilot workload when compared to fixed wing aircrafts.
Therefore, trimming a helicopter is a sophisticated and arduous work for pilots. In the case of
simulation models, trimming is also a challenging task as it will require a numerical solution

to highly non-linear equations. [29].

There are several ways to design a trimming procedure for a helicopter simulation model. One
way is to use a numerical optimization method, that would find the states, that sets all state
derivatives equal to zero. In this thesis, a flight control system is used for the trimming pro-
cess. The control system forces the dynamic model in time to reach a certain trim state. Then

the simulation is stopped and the resulting aircraft and control states define a trim condition.

The controller used in this thesis for trim consists of two loops: An inner loop and an outer
loop. In the inner loop, the rotational states are controlled in the roll, pitch and yaw channels,
whereas in the outer loop east and north velocities are controlled along with the altitude.
Decoupling of the inner and outer loop is possible since the dynamics of the rotational states
are much faster than the dynamics of translational states. Therefore, the rotational states are
controlled in the inner loop and the translational states in the outer loop. The block diagram

of the control system developed is shown in figure 3.1.
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Figure 3.1: Block Diagram of the Control System

3.1 Inner Loop Controller

The rotational states are controlled in the inner most loop of the controller. Euler angles, ¢,
6, and y, are commanded to the inner loop along with the total linear acceleration command
and it generates longitudinal cyclic, lateral cyclic, pedal and collective control deflections to
the mathematical model. This loop is often called the stabilization loop. The total linear ac-
celeration command generated by the outer loop is used with the linear acceleration feedback
from the aircraft to generate the collective control deflection. A PI controller is used for this
process [20] (figure 3.1) . Pitch and roll commands are generated in the outer loop, whereas
yaw command is directly input by the user. All of the Euler angle commands are passed
through a second order command filter, a low pass filter, to match the performance of the
aircraft to the commands. Each of these channels are controlled using a PD controller. The
second derivative of the commands, generated by the command filter, in each channel is used
in a feed forward path as a command accelerator. Longitudinal cyclic, lateral cyclic and pedal
controls are generated by using linear model inversion [21], [22], [23] (figure 3.1). Linear

model inversion is derived from the decoupled linear state space representation. Decoupling
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is done between the fast rotational states, Euler angles, and fast translational states:

u

O Pe 14
%

Se t=B7'Q g §-A -A2{ g D (3.1)
w

op Fe r

where, 0., 04, 0. and 0, are the deflections of the collective, lateral, longitudinal and pedal
controls respectively, B is the linear control matrix, A; and A, are stability matrices, p., g,
and 7, are desired rotational accelerations, u, v, w and p, q, r are body velocity and rotational

angular rates respectively which are fed back from the mathematical model.

3.2 Outer Loop Controller

The outer loop is responsible for the generation of the roll and pitch commands [19] along with
the acceleration command [20] for the inner loop. It is also called the navigation loop. The
outer loop requires north and east velocity, altitude and heading commands. These commands
are input by the user. Similar to the one in the inner loop, a command filter is present in the
outer loop. The velocity commands are passed through a first order command filter, whereas
the altitude command is passed through a second order command filter. The two velocity
channels are controlled by a PI controller and the altitude channel is controlled by a PID
controller. Similar to the inner loop, accelerations generated in the command filter are fed
forward as command accelerators figure 3.1. Outputs of the linear controllers, Uy, U; and Uj
are used to generate acceleration, roll and pitch commands. The total acceleration command

is calculated by the following formula:

Ap = U2+ U2 +(Us - g7 (3.2)

Roll and pitch commands are generated using the transformation between the earth and body

acceleration.
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X F./m 0
Y o =Lve(@,0,9)) Fy/m ¢ +1 0 (3.3)
zZ F:/m g

where, X, Y, Z are positions in north-east-down earth fixed coordinate system, Lyp is the
orthogonal transformation matrix from body fixed to earth fixed frame, F,, F), F are force
components in the body fixed coordinate axis. In equation 3.3, accelerations in the north-
east-down earth fixed coordinate system are replaced with acceleration commands U;, Uj

and Usj:

U] Fx/m
U, = Lvp(#,0,¥) Fy/m (3.4)
(Us—g) F./m

Furthermore, by using equation 3.4, the desired roll and pitch angles can be calculated by the
formulae in equation 3.5 and 3.6. In this derivation, it is assumed that the cyclic and pedal
control forces are much smaller compared to the collective control force. Moreover, forces
in x and y direction in the body fixed frame are assumed to be small compared to forces in z

direction in body fixed frame [19]:

—Uj si U
o ~ sint (CAD L h e, |, (3.5)
\/Uf + U2 +(Us - g)2

U, cosyp + Uy sinyp

Op ~ tan_l(
P (Us - g)

)+ 6; (3.6)

where y/p is the heading command, 8p and ¢p are pitch and roll commands respectively, 6;
and ¢; are initial values of pitch and roll attitudes. The detailed analysis of this control system

can be found in [24].
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Trimmer is run for both models until finding trimmed points of any desired flight condition.
Although stability and control matrices in the trimmer belong to hover condition, trimmer
performs adequately for the forward flight cases too. Moreover, trimmer do not require actu-
ator models, which are actually important for the autopilot and stability control augmentation
systems (SCAS). In this thesis, the main duty of the trimmer is finding the trimmed conditions
of the simulation models for the given flight condition. As an example, trimmer is used to
find the trimmed conditions of the simulation models for 30 knots forward flight case, shown

in figures 3.2, 3.3, 3.4 and 3.5.
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Figure 3.4: Euler angle responses of sim- Figure 3.5: Earth velocity responses of simu-
ulation models during trimming process. lation models during trimming process.
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Geographical North-East-Down (NED) frame is used with flat earth assumption. Therefore,
according to Euler transformation, North velocity is the forward velocity at zero yaw angle.
It is observed that minimum complexity model has oscillatory characteristics during trim-
ming process mainly due to discrete component stall and tail rotor calculations which tend
to diverge for special cases. On the other hand, updated model shows a smoother trimming
trend. Figures 3.2, 3.3, 3.4 and 3.5 indicate the difference between simulation models in the
means of trimming. In spite of different trimming characteristics of the simulation models,
trimmer is able to find trim conditions of both models for various forward flight conditions as

illustrated for 30 knots case in figures 3.2, 3.3, 3.4 and 3.5.
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CHAPTER 4

SIMULATION RESULTS AND MODEL VERIFICATION

Various simulations are run and the minimum complexity and updated simulation models are
compared against available flight test data. The models are first trimmed for various forward
flight velocities and the dynamic responses of the simulation models to pilot step inputs are

compared with test results [2], [9], [10].

First the trim values are compared. During this verification, the helicopter weight is set to
7200 1bs and the altitude of the flight is 200ft. During the dynamic response verification,
the weight of the helicopter is 6158Ibs and the aircraft is out of ground effect. The reason
for the difference in weights is due to the available flight test data conditions. During trim
comparison, the trim values of the collective, tail, longitudinal and lateral swash plate angles
of the simulation models are compared with existing flight test data. In the dynamic response
comparison, body angular rate and Euler angle responses of the simulation models to control

step inputs are compared with existing flight test data.

4.1 Trim Condition Validation

In references [9] and [10], trim values of main and tail rotor pitch, longitudinal and lateral
swash plate angles are given for the UH-1H helicopter for forward velocities. The trimmer
described in chapter 3 is used to find the trim conditions of the helicopter simulation models
for various forward velocities. Abridgment "Min. Comp. Mod.” and "Upd. Mod.” refer to
minimum complexity model and updated model respectively through the following plotted

graphs.
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Figure 4.1: Root pitch angle of main rotor blades vs forward velocity

It is seen from figure 4.1 that both the minimum complexity and the updated model have
harmonic characteristics for trim values of root pitch angles of main rotor blades for various
forward velocities. Deviations from the test data is thought to be mainly because of the

additional effects of main rotor inflow on horizontal stabilizer, tail boom and empennage.
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Figure 4.2: Root pitch angle of tail rotor blades vs forward velocity

Figure 4.2 shows that although both models have close root pitch angles of tail rotor blades
for increasing velocities, there is a difference between the simulation model results and test
data. Especially, at high velocities simulation models require higher pedal input to trim the
simulated helicopter than the actual one. The reason for mismatch between simulation models
and test data could be the interaction effects of the main rotor wake on the tail rotor. It
must be noted that the influence of the main rotor generated wake on the helicopter tail rotor

calculations is not taken into account for both simulation models.
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Figure 4.3: Longitudinal swash plate angle vs forward velocity

Figure 4.3 shows that both models have close longitudinal swash plate angles for trimmed
flight of the simulated helicopter for increasing velocities. But there is an off-set between
the simulation results and the test data. Most of the control transformations from the pilot
to the swash plate mechanism is obtained from reference [8]. In reference [2], a mechanical
lateral pilot cyclic rigging, which is excluded in the simulation models, is introduced as two
degrees. Therefore, including the mechanical rigging is thought to shift the trim values of the
longitudinal swash plate to adjacent to the test data. Moreover, including the main rotor wake
effects on tail rotor calculations will probably result in a different tail rotor collective angle,
thus a tail rotor thrust, which also causes a different orientation of the tip path plane mainly
in the lateral direction to trim the helicopter simulation model. This will require a new lateral

pilot cyclic leading to different longitudinal swash plate angle.
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Figure 4.4: Lateral swash plate angle vs forward velocity

It is observed from figure 4.4 that both simulation models have close results for lateral swash
plate angles of trimmed conditions for increasing velocities. Especially for high velocities,
models require higher lateral swash plate angles to trim the simulation models than lateral
swash plate angles of the real helicopter. Considering the difference between the simulation
results and test data, including advanced influences of main rotor wake like swirl effect imple-
mented wake models on horizontal tail will change the trimmed conditions of the longitudinal

cyclic which is connected to the horizontal stabilizer nonlinearly.

Graphics of trimmed flight conditions for various forward velocities showed that both simu-
lation models have close swash plate, main and tail rotor blade root pitch angles. Although
there are deviations from the test data, trimmed control angles of both models capture the

general trends of test data for the increasing forward velocities.

4.2 Dynamic Response Validation

For the investigation of the dynamic responses of the simulation helicopter models in the
time domain, step inputs are applied to the pilot controls after one second of trimmed flight.

Reference [2] reports two different flight tests for hover and 60 knots forward flight condition.
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Both minimum complexity and updated models are trimmed for hover and 60 knots. Results
of the dynamic responses of the simulation models to the applied pilot step controls, which

are applied to the trimmed simulation models are compared with the test data.

It is worth to mention that, since trimming a real helicopter is a hard task for the pilots and
calibration conditions of embedded flight measurement devices are unknown, the test data is
not perfect. For example in trim body angular rates are not exactly equal to zero. Moreover,
the measured Euler angles in trim are different for the same flight conditions. In addition,
wind information on the day of flight testing is also unavailable, which may have a significant
effect on the helicopter responses. Similarly, no variation in weight and center of gravity of
the helicopter was recorded. As a result, although the flight test is not perfect, it will still give

a good idea about the dynamic response of the aircraft.

4.2.1 Hover Condition
After trimming both the minimum complexity and the updated simulation models in hover

condition, a step input of one inch is applied to each pilot input axis. The time domain

responses of the models are compared with the existing flight test data.

4.2.1.1 Pilot Collective Step Input
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Figure 4.5: A step input of one inch pi-
lot collective after one second of trimmed
flight.

Figure 4.6: Roll rate response of the sim-
ulation models and test data.
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Figure 4.5 shows the deviation of applied pilot step input on the collective control. The most
dominant effect of the increasing pilot collective lever is the sudden increase in thrust and
torque of the main rotor and without any other control deviation, the primary response is
expected to be seen in the body yaw rate due to the increase in main rotor torque. Thus,
helicopter tends to change the yaw direction while climbing. However, coupled responses
appear after few seconds depending on the helicopter configuration and condition. The body
roll rate response of the helicopter models and flight test data are shown in figure 4.6. It is
seen that the minimum complexity model has a higher rate response than the updated model.
Moreover, a more undamped response is observed for the minimum complexity model, while

updated model has a close response characteristics to the flight test data.
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Figure 4.7: Pitch rate response of the sim- Figure 4.8: Yaw rate response of the sim-
ulation models and test data. ulation models and test data.

Figures 4.7 and 4.8 show the body pitch and yaw rate responses respectively, resulting from
a step collective input. Body pitch rate response of the minimum complexity model tends to
diverge from flight test data. On the other hand, the updated model has a better response even
though the exact values are slightly different from the test data. As for the primary response,
the minimum complexity model has a highly over predicted yaw rate response, almost twice
the flight test data. The updated model accomplished a similar response to the flight test data.
Figure 4.8 remarks the difference between the models and flight test data. Even tough both
models stabilized the yaw rate responses after almost two seconds of disturbed flight, updated

model resulted in a closer yaw rate of flight test data.
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Figure 4.9: Euler roll angle response of

the simulation models and test data.

As seen from figure 4.9, updated model is closer to flight test data, with mainly constant roll
angles. A similar response is observed in the Euler pitch angles in figure 4.10. Both models

slightly deviate from the initial values but updated model matches test data better than the

minimum complexity model.

4.2.1.2 Pilot Longitudinal Cyclic Step Input

One inch step input is applied to the pilot longitudinal cyclic after one second of trimmed

flight, shown in figure 4.11. Due to the applied step longitudinal cyclic input, both models

coincide with flight test data as shown in figure 4.12.
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Figure 4.10: Euler pitch angle response of
the simulation models and test data.
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Figure 4.11: A step input of one inch pi-
lot longitudinal cyclic after one second of
trimmed flight.

Figure 4.12: Roll rate response of the sim-
ulation models and test data.
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Figure 4.13: Pitch rate response of the
simulation models and test data.

Figure 4.14: Yaw rate response of the sim-
ulation models and test data.

Figure 4.13 shows the pitch rate responses of the models and the test data to the applied
step input. The figure also supports the fact that the primary response of the helicopter to a
longitudinal cyclic appears in the pitch channel. Both models have the high rate responses
in pitch channel when compared the other responses in roll and yaw channel. Although both
models have similar rate responses, they also over predict the pitch rate response of the real
helicopter according to test data. As for the yaw rate responses, updated model resulted in a

better adjacency to flight test data, shown in figure 4.14.
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Figure 4.15: Euler roll

angle response of

the simulation models and test data.

Roll angle deviations of both simulation models and test data are plotted in figure 4.15. As
the dominant channel due to longitudinal cyclic input, pitch angle is the most effected Euler

angle just after the control disturbance and its deviation is plotted in figure 4.16. Both models

Figure 4.16: Euler pitch angle response of

the simulation models and test data.

capture the pitch angle deviation of test data in a slightly over predicted manner.

4.2.1.3 Pilot Lateral Cyclic Step Input
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Figure 4.17: A step input of one inch pilot
lateral cyclic after one second of trimmed

flight.
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Figure 4.18: Roll rate response of the sim-

ulation models and test data.




Figure 4.17 shows the pilot lateral cyclic input, applied to a trimmed flight condition. The
primary response of a lateral cyclic is seen in the roll channel (Figure 4.18). As mentioned in
previous chapter, the numerical iteration of the tail rotor of the minimum complexity simula-
tion model diverges in some cases. Figure 4.18 shows such a response. On the other hand,
improved tail rotor iteration is much more reliable. It is seen that, around hover both models
have higher sensitivity to the lateral cyclic when compared to the flight test data. This seems
to be the biggest discrepancy of the models. The reason might be because of the lack of in-
teraction of the inflow distribution on the fuselage and the low fidelity of the tail rotor model.
These components might have induce higher damping on the lateral channel in low speeds.
On the contrary, it will be shown in the 60 knots forward flight case that the roll rate response

of the models mainly coincide with the test data.
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Figure 4.19: Pitch rate response of the
simulation models and test data.

Figure 4.20: Yaw rate response of the sim-
ulation models and test data.

In the pitch rate response of the models distorted off-axis responses are observed. Off axis
response is the response of the helicopter in one axis when an input was given in another axis.
This distortion is mainly due to the lack of a proper modeling of the dynamic wake distortion.
This well known modeling problem is dealt with in reference [60]. There, the main cause of
this discrepancy is handled by including the dynamic effects of the wake. Since both models
do not include off axis modifications, a reverse pitch rate response is seen in figure 4.19. Yaw

rate response of the updated model is close to the flight test data, whereas the noisy outcome
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of the minimum complexity exists in the yaw rate response (Figure 4.20). Same as the roll

rate response, this noisy characteristics mainly belong to diverged tail rotor calculations.
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Figure 4.21: Euler roll angle response of Figure 4.22: Euler pitch angle response of
the simulation models and test data. the simulation models and test data.

Figure 4.21 and 4.22 show the roll and pitch angles responses of the simulation models with

respect to the test data, respectively. Both models kept the same pitch angle with an offset.

4.2.1.4 Pilot Pedal Step Input to Hover
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Figure 4.23: A step input of one inch pilot Figure 4.24: Roll rate response of the sim-
pedal after one second of trimmed flight. ulation models and test data.
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Both simulation models and flight test data are subjected to same pilot pedal input for the
trimmed hover flight as seen in figure 4.23. Minimum complexity model over predicts the roll
rate response, while updated model results in a better coincidence with the flight test data as

seen in figure 4.24.
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Figure 4.25: Pitch rate response of the Figure 4.26: Yaw rate response of the sim-
simulation models and test data. ulation models and test data.

Pitch rate response of the updated model is well matched to the flight test data, on the contrary
the minimum complexity model response shows a more divergent behavior (Figure 4.25).
Both the minimum complexity and the updated models over predict the yaw rate response,
which is the primary response to pilot pedal input (figure 4.26). The yaw damping of the
fuselage, which is highly effected by the main rotor inflow distribution, might be included in

future models for better matching to flight test data.

49



45 45

° | [ |

g Min. C Mod g’

|- 2N N BT in. Comp. Mod. 9

g 3 Upd. Mod. s %

g | A Test Data g | L

+< 151 * 15 -

£ [ £ A ”

g a £ o2

“ A A A

= o0 s a® § of——a—s .

5 e s

g . - H |

815 “ L S -15F

e ~a -~ O N Min. Comp. Mod.

< s a0k Upd. Mod.

g 30 = s A Test Data

3} 8 I

13 [ o |
~ —_— 1 . | T — ~ ! PTEN R I EETTTI N L
450 1 2 3 4 450 1 2 3 4

Time (s) Time (s)

Figure 4.27: Euler roll angle response of Figure 4.28: Euler pitch angle response of
the simulation models and test data. the simulation models and test data.

Roll and pitch Euler angle deviations of the simulation models are plotted in figures 4.27 and
4.28, respectively. The minimum complexity model diverges from the test data when Euler
roll and pitch angles are considered, while the updated model is results in a better match with

the test data.

4.2.2 60 Knots Forward Flight Condition

A step input of one inch is applied to pilot controls of the simulation models. All simulations
start initially from a trimmed 60 knots forward flight condition. Responses are compared with

the existing flight test data.
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4.2.2.1 Pilot Collective Step Input
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Figure 4.29: A step input of one inch pi-
lot collective after one second of trimmed
flight.

Both the minimum complexity and the updated simulation models are subjected to an one
inch step input on the pilot collective lever, shown in figure 4.29. Figure 4.30 presents the

roll rate response of the simulation models and flight test. The figures show a good match

between the models and the test data.

Figure 4.30: Roll rate response of the sim-

ulation models and test data.
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Figure 4.31: Pitch rate response of the

simulation models and test data.
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Figure 4.32: Yaw rate response of the sim-

ulation models and test data.




Figures 4.31 and 4.31 are the plots of pitch and yaw rates respectively for the one inch col-
lective input case. The updated model shows a better match with the flight test data than
the minimum complexity model in the pitch rate response. However, both models have over
damped responses in yaw rate. A reason could be the interaction of the tail rotor with the

wake of the main rotor.
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Figure 4.33: Euler roll angle response of Figure 4.34: Euler pitch angle response of
the simulation models and test data. the simulation models and test data.

Although there are small offsets in the Euler pitch and roll angle values with the flight test

data, both simulation models capture the right trend (Figures 4.33 and 4.34).
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4.2.2.2 Pilot Longitudinal Cyclic Step Input
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Figure 4.35: A step input of one inch pi-
lot longitudinal cyclic after one second of

trimmed flight.

Figure 4.36: Roll rate response of the sim-
ulation models and test data.

Both models are subjected to one inch longitudinal step input after one second of trimmed

flight, shown in figure 4.35. Both models have reverse body roll rate responses due to exclu-

sion of off-axis modifications. Figure 4.36 presents the off-axis response of the simulation

models in lateral channel.
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Figure 4.37: Pitch rate response of the

simulation models and test data.
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Figure 4.38: Yaw rate response of the sim-
ulation models and test data.



Figure 4.37 indicates that the primary effect of longitudinal cyclic input appears in the pitch
rate responses. They are almost the same for both of the simulation models with deviation
from the flight test data. However, both models have distinct yaw rate responses (figure 4.38)
when compared to flight test data. A coupling effect of reverse off-axis roll response, could

change the tail rotor calculations, which in turn effects the yaw rate response.
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Figure 4.39: Euler roll angle response of Figure 4.40: Euler pitch angle response of
the simulation models and test data. the simulation models and test data.

According to figure 4.39, the minimum complexity model and the updated model have dif-
ferent Euler roll angle responses when compared to flight test data. Both simulation models
have almost the same Euler pitch angle responses with a small offset from the test data (figure

4.40).
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4.2.2.3

Pilot Lateral Cyclic Step Input
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Figure 4.41: A step input of one inch pilot
lateral cyclic after one second of trimmed

flight.

Figure 4.41 shows the deviation of one inch pilot lateral cyclic for both models during a 60
knots forward flight condition. The updated and the minimum complexity models both have
almost the same roll rate responses to the applied lateral cyclic, as plotted in figure 4.42.
Models matched the initial peak values of the flight test response with small deviation. After

the transient phase at about 2 seconds, both models converge to an almost fixed roll rate

whereas flight test data decreases.

Figure 4.42: Roll rate response of the sim-
ulation models and test data.
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Figure 4.43: Pitch rate response of the

simulation models and test data.
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Figure 4.44: Yaw rate response of the sim-
ulation models and test data.




Figure 4.43 shows that both simulation models have same body pitch rate responses, which
have the same trend of flight test data. As the figure presents, flight test data have an initial
pitch rate which implies that helicopter is not trimmed during the flight test. Although there
is a small initial pitch rate value, data is thought to be usable. Yaw rates of the simulation

models show a damped response with the same trend of the flight test data (Figure 4.44).
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Figure 4.45: Euler roll angle response of
the simulation models and test data.

Figure 4.46: Euler pitch angle response of
the simulation models and test data.

Figures 4.45 and 4.46 are plotted to observe the deviations of Euler angle response of the
simulation models and test data. Both models have the same Euler angle responses with a

small offset from the flight test data but pitch angle responses show a better coincidence.
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4.2.2.4 Pilot Pedal Step Input
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Figure 4.47: A step input of one inch pilot
pedal after one second of trimmed flight.

A pilot pedal step input is applied to both models as plotted in figure 4.47 after one seconds of
trimmed 60 knots forward flight. Roll rate responses are plotted in figure 4.48. The minimum

complexity model has a less damped response than the updated model, which matches better

to the flight test data.

Figure 4.48: Roll rate response of the sim-
ulation models and test data.
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Figure 4.49: Pitch rate response of the

simulation models and test data.
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Figure 4.50: Yaw rate response of the sim-
ulation models and test data.




The pitch rate response of the simulation models are under predicted when compared to flight
the test data ( Figure 4.49). As a primary response of the helicopter to pedal input, the yaw
rate response shows that the updated model has a better match than the minimum complexity

model to the flight test data (figure 4.50).
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Figure 4.51: Euler roll angle response of Figure 4.52: Euler pitch angle response of
the simulation models and test data. the simulation models and test data.

The roll angle deviation from trim of the updated model is closer to the flight test data. (figure
4.51). The pitch angle deviation responses are about the same for both models and the flight

test data, as seen in figure 4.52.

4.3 Pilot Evaluation in Real Time Simulation

4.3.1 Integration Into a Simulation Environment

An important aspect of this research is to be able to integrate the mathematical model to a
simulation platform. Therefore, the code is written in the C++ computer language and an
object oriented approach is used. The modularity is necessary for easy modification of the
various components. The codes are integrated into the open source simulation environment,
Flight Gear, version 0.9.11. The Flight Gear simulation code provides a real-time simula-

tion environment along with a visual library. More information on this tool can be found in
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reference [11]. The operating system Pardus version 2007.2 RC [2.6.18-86] is used.

The Flight Gear environment allows the modeling of many detailed visual cues. Graphics of
the three dimensional (3D) UH-1H helicopter model along with a cockpit design with indica-
tors and gauges are established using graphic libraries. Animations of main rotor rotation as
a function of rotor RPM, pilot control stick and pedal deflections in cockpit view, horizontal
tail deflections with the related longitudinal cyclic input are some of the additional pilot cues
modeled. The landing gear forces and moments are combined with the height above terrain
(HAT) information form the simulation environment, enabling the helicopter to land on ob-
jects defined in the terrain data. For example, the model can be started on airport ground and

can land on a hill. Some screen shots of the simulation environment are shown in figure 4.53.

Figure 4.53: Screen shots of the flying simulation models in the visual environment of Flight
Gear.
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4.3.2 Pilot Evaluation

Simulation models were prepared to be tested in the representative simulation environment
for pilot evaluation. Commercial helicopter flight control joysticks and pedals were integrated
to the simulation environment. UH-1H pilots, who are also experienced in flight simulators
were asked to fly and compare the minimum complexity and updated simulation models. The
comments on the minimum complexity model were that it was not representing the character-
istics of the UH-1H helicopter at all. The aircraft did not respond to control inputs similar to
the actual aircraft. Moreover, it is concluded that the minimum complexity simulation model
has incongruously improper responses during some flight conditions. On the other hand, the
updated model was judged to be more realistic throughout the whole flight envelope. Pilots
agreed that the updated model simulates the real helicopter responses more accurately. But
they also mentioned the need of an accurate engine model, actuator models and integrated
avionics, which pilots use even while proceeding visual flight rules (VFR). Some photos

taken during pilot evaluation are shown in figure 4.54.
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Figure 4.54: Some photos taken during pilot evaluation.
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CHAPTER 5

CONCLUSION

In this study, two real time mathematical helicopter simulation models with different levels of

fidelity are developed, compared and tested in a representative simulation environment.

Baseline model is the minimum complexity model, which presents the idea of including as
simple models as possible. It only includes the effects that a pilot would feel during a real-time
simulation. The second model is the updated model, which includes advanced and more com-
plicated modeling approaches specific to the UH-1H. The updated model represents a higher
fidelity level. Both models use the component built up method. Some of the modifications of
the components of the updated model are as follows: Three state Peters-He inflow model for
the main rotor, extended tail rotor iteration, simplified aerodynamic based approach for the
horizontal tail and updated fuselage calculations. Additional features related to the updated
model are models of the ground effect, stabilizer bar, landing gears, etc. Also, some updates
are provided to the calculation of the thrust coefficient, altitude effects and the inclusion of
additional terms in the 6 Degree-of-Freedom (DOF) mode calculations. No study has been
done on significance of each upgrade, rather the effect of the upgrades has been evaluated as
a whole. It could be the topic of a future study to establish the significance of each individual

upgrade.

Both models are trimmed using a flight control system for various forward flight conditions.
Trimmed models are subjected to pilot step inputs of collective, pedal, longitudinal and lateral
cyclic. Time domain responses to the applied pilot controls are observed and compared with
existing flight test data. The updated model resulted in a more convenient response than the
minimum complexity model when compared to flight test data. Generally, the updated model

shows a better consistency with the test data. On the other hand, both models display the lack
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of off-axis modifications and thus reverse secondary responses are observed. The weakest
part of the modeling seems to be the roll response of the helicopter in low speeds. It seems
that better component interaction and tail rotor models would be needed for a more realistic

response.

Both models are integrated to a real time simulation environment with pilot collective, cyclic
joysticks and pedals for pilot evaluation. Pilots with simulator experience tested the simula-
tion models and they both concluded that the updated model has a considerable high realistic

response to pilot inputs than the minimum complexity model throughout the flight envelope.

To sum up, verifications and evaluations indicate that a great improvement in simulation fi-
delity is achieved by modifying the minimum complexity model to an updated model of UH-
1H helicopter. The minimum complexity approach was not enough to satisfy helicopter pilots,
nor did it agree with flight test data. A decent simulation model, updated model, was obtained
only after the inclusion of the various updates like Peters-He inflow model, ground effect,

modified tail rotor iteration, etc.

5.1 Future Work

Suggested future works, which mainly require higher computational capabilities, are listed

below;

A detailed engine model, which covers the whole flight regime and capable of simulat-
ing the engine failures, can be included to the simulation models. Furthermore, start-up

and autorotation procedures can be trained by the simulation models.
e Blade flapping dynamics can be improved with aeroelastic blade considerations.

e Peters-He inflow model can be extended to have more detailed states with higher har-
monic, advanced flapping dynamics integration, ground effect, off axis and vortex ring

state decent regime modifications.

e Blade section of main rotor can be adjusted to NACAO0012 airfoil and more radial sec-

tions can be chosen for higher detail.
e Aerodynamic methods can be extended to include highly turbulent, compressible air
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passing over fuselage, tail boom, horizontal and vertical tail surfaces.

A detailed wind and turbulence gust models can be implemented to the simulation

model.

With an adequate engine model, fuel consumption due to variable power settings can
be considered and thus, weight and center of gravity of the simulation helicopter model

can be altered during the flight.

Tail rotor calculations can be accomplished by Peters-He inflow model even with few
states and interaction of the main rotor inflow can be implemented to the tail rotor

calculations.

Flight tests, particularly for simulation validations, can be performed with high preci-

sion measurement units.
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Appendix A

GEOMETRY SPECIFICATIONS OF THE UH-1H
HELICOPTER
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Figure A.1: Geometric sketch of UH-1H [8]

69



Table A.1: Summary of UH-1H Physical Constraints [2]

Main Rotor
Radius 24.13 ft
Chord 1.75 ft
Tip Speed (QR) 760 ft/s
Hub stationline 133.5
Hub waterline 136.5
Solidity 0.046
Tail Rotor
Radius 4.25 ft
Chord 0.70 ft
Tip Speed (QR) 740 ft/s
Hub stationline 479.4
Hub waterline 137.5
Solidity 0.105
Center of Gravity
Stationline 130
Waterline 55
Horizontal Stabilizer
Area 16.4 ft>
Span 8.75 ft
1/4 ¢ station 380
Vertical Fin
Area 12 ft
Span 4.5 ft
1/4 ¢ station 460
a.c., waterline 112
Fuselage
fe, 19.2 ft?
Cp, (includes stab.)  0.036/deg
C,, (includes stab.) 0
Sref 48 ft?
lref 39 ft
Mast tilt +5 deg fwd.
Control Travels (full throw)
Collective stick 11 in.
Longitudinal stick 129 in.
Lateral stick 12.6 in.
Pedal 6.9 in.
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Appendix B

MAIN ROTOR INFLOW DISTRIBUTIONS

In this appendix, Peters-He inflow model results are provided for the main rotor of the updated
model. Here, local induced velocity, thrust coefficient and angle of attack values are calculated
instantaneously for each blade. Therefore, distributions of these variables are obtained for
per revolution of the main rotor. During the calculations, effects of blade flapping rates and
fuselage on inflow distribution are ignored in the inflow computations. Following graphs are
plotted to present the inflow, angle of attack and thrust distributions after an applied pilot
control to the trimmed helicopter model for a chosen flight condition. To illustrate the case,
firstly, updated model is trimmed to 60 knots forward flight condition, as done in chapter
4. Secondly, one inch pilot input in lateral or longitudinal channels is applied separately at
the first second of the trimmed flight. As presented in chapter 4, corresponding angular rate
responses of the helicopter to the applied pilot controls are shown in sections B.1 and B.2.
Moreover, it is worth to mention that translational accelerations also have to be considered
even though not plotted. Finally, time history of the distributions are obtained. Since the rotor
is not isolated from the helicopter body, it is thought to be improper to compare results with

existing wind tunnel experiments.

B.1 Longitudinal Step Input to 60 Knots Trimmed Flight

Rate response graphs in chapter 4 are re plotted to show the responses of the updated simula-
tion model. Model is initially trimmed to 60 knots forward flight and subjected to a longitu-
dinal step input after first second. In each distribution graph, instant time of the distribution
is presented. To understand the instant distribution of the helicopter, one must also consider
rotational rate responses of the helicopter for the mentioned particular time. For each graph,
the distribution with t=0s, is the trimmed one. In addition, the distribution with t=1s is the

one just after the applied longitudinal control. Applied longitudinal control is presented in
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figure B.1 and angular rates are shown in figures B.2, B.3 and B.4.
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B.2 Lateral Step Input to 60 Knots Trimmed Flight

Rate response graphs, as in chapter 4, are presented again to show the responses of the up-
dated simulation model. An one inch lateral cyclic input is applied at first second of initially
trimmed 60 knots forward flight condition. In each distribution graph, instant time of the dis-
tribution is presented. Applied lateral cyclic control on trim value is presented in figure B.8

and angular rates are shown in figures B.9, B.10 and B.11.
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Figure B.14: Thrust ratio Cy distribution after applied one inch lateral cyclic input to a
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