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ABSTRACT

PERFECT GAS NAVIER-STOKES SOLUTIONS OF HYPERSONIC
BOUNDARY LAYER AND COMPRESSION CORNER FLOWS

Aziz, Saduman
Ph.D., Department of Aerospace Engineering
Supervisor  : Prof. Dr. Cevdet Celenligil
Co-Supervisor : Prof .Dr. Mehmet S. Kavsaoglu

September 2005, 227 pages

The purpose of this thesis is to perform numerical solutions of hypersonic, high
temperature, perfect gas flows over various geometries. Three dimensional, thin
layer, compressible, Navier-Stokes equations are solved. An upwind finite
difference approach with Lower Upper-Alternating Direction Implicit (LU-ADI)
decomposition is used.

Solutions of laminar, hypersonic, high temperature, perfect gas flows over flat
plate and compression corners (6,,=5° 10°, 14°, 15°, 16°, 18° and 24 °) with eight
different free-stream and wall conditions are presented and discussed. During the
analysis, air viscosity is calculated from the Sutherland formula up to 1000°K, for
the temperature range between 1000 °K and 5000 °K a curve fit to the
estimations of Svehla is applied.

The effects of T,/T, on heat transfer rates, surface pressure distributions and
boundary layer characteristics are studied. The effects of corner angle (6,,) on
strong shock wave/boundary layer interactions with extended separated regions
are investigated. The obtained results are compared with the available
experimental data, computational results, and theory.

Keywords: CFD, Navier-Stokes, Laminar, Hypersonic Flow, Shock Wave,
Boundary Layer, Viscous Interaction, Flat Plate, Compression Corner.
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HIPERSONIK SINIR TABAKA VE KOSE AKIMLARININ MUKEMMEL
GAZ NAVIER-STOKES ¢OzUMU

Aziz, Saduman
Doktora, Havacilik ve Uzay Mihendisligi BoIima
Tez Yoneticisi : Prof. Dr. Cevdet Celenligil
Yardimci Tez Yoneticisi : Prof .Dr. Mehmet $. Kavsaoglu

Eylll 2005, 227 sayfa

Bu tezin amaci, yiksek sicaklikta olan laminer, hipersonik 6zelliklerdeki
mikemmel gaz akimlarinin sayisal ¢dziimlemelerinin yapiimasidir. U¢ boyutlu
Reynolds ortalamall, ince tabaka sikistirilabilir Navier-Stokes denklemleri
¢Ozllmistir. Alt Ust - Degisken Dogrultulu Kapali (LU-ADI) adi verilen ayristirmali
akis yonlu sonlu fark yaklagimi kullanilmistir.

Sekiz degisik akim ve duvar sartlari kullanilarak diz plaka ve degisik acih
sikistirma késelerinde (8,=5° 10°, 14°, 15° 16°, 18° ve 24°) laminer, hipersonik,
yiksek sicaklik ézelliklerindeki mikemmel gazlarin sayisal ¢bzimi sunulmustur.
GO6zUmler sirasinda, havanin akismazligr (viskozitesi) 1000°K’e kadar olan
sicakliklar igin Sutherland formdlG ile, 1000°K ile 5000°K arasindaki sicaklik
bélgesi icin ise Svehla’nin hesaplamalarina uyarlanan bir egri yardimi ile
hesaplanmistir.

Tw/To oraninin 1s1 transferi, ylzey basing dagilimi ve sinir tabakasi degiskenleri
Uzerindeki etkileri incelenmistir. Ayrica, sikistirma kdsesi agisinin (6y), genis
ayrilma bélgelerini de ihtiva eden kuvvetli sok dalgasi / sinir tabakasi etkilesimleri
Uzerindeki etkileri de incelenmistir. Elde edilen sonuglar mevcut deneysel veriler,
sayisal sonuclar ve teoriler ile kargilastiriimistir.

Anahtar Kelimeler: SAD, Navier-Sokes, Laminer, Hipersonik Akim, Sok Dalgasi,
Sinir Tabaka, Akismazlik Etkilesimi, Dz Levha, Sikistirma Kdsesi.
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CHAPTER 1

INTRODUCTION

Since hypersonic flight has been started on 22 September 1963 with the flight of
an aircraft named North American X-15 at Mach number 6.7, large number of
scientist and engineers accomplished intensive research and development to
understand this harsh and unforgiving phenomenon.

The flow field characteristics change towards characteristics of hypersonic flow
drastically when the Mach number is five or greater.

Generally, the external contours, control surfaces and propulsion systems of the
advanced hypersonic vehicles use compression and expansion surfaces for inlet
and nozzle respectively. It is well known that, the shock/shock, and
shock/boundary layer interactions take place on those surfaces during hypersonic
flights and those interactions play vital role on the performance of the air vehicle.
As a result of those features of advanced hypersonic vehicles, the integration of

engine and airframe is an important design consideration [1].

The phenomenon of hypersonic flow over compression ramps can be naturally
observed in control surfaces of reentry vehicles. The flow passing a compression
ramp is a classical example of shock-boundary layer interactions.

High Mach number and high enthalpy flow conditions of a hypersonic vehicle
which may be encountered in flight can not be materialized in ground-based test
facilities. Thus, computer codes are used with appropriate geometric flexibility and
physical models. Much works has been performed both experimentally and
numerically to gain an accurate capability to describe the physics of hypersonic

flows around compression corners.



1.1 General Information about Hypersonic Flows

The term “hypersonic” (or hypervelocity) implies that the flight speed is much
greater than the ambient speed of sound. There is a conventional rule of thumb
that defines hypersonic aerodynamics as those flows where the Mach number, M,
is greater than 5. Rather, hypersonic flow is best defined as that regime where
certain physical flow phenomena become progressively more important as the
Mach number is increased to higher values [2]. For the hypersonic flow the kinetic
energy of the free stream particles is very high when compared with internal
thermodynamic energy of the free stream fluid particles.

The flow past a vehicle flying at hypersonic speed is the source of strong shock
waves formed ahead of the vehicle nose, the rounded leading edge of wings and
tails, at the compression ramp of air-intakes, and at the control surfaces. These
shock waves are the origin of interference phenomena resulting, first from the
intersection of two shocks, and second from their interaction with the boundary
layers developing on the vehicle surface.

Shock-wave/boundary layer interactions occur at the impingement of a bow shock,
at a deflected flap, along axial corners in wing-body and fin-wing junctions, etc.
These interactions are also present in the air intake of an air-breathing propulsion
system and in the vicinity of an afterbody where the nozzle jet meets the outer
flow. Such interactions can induce separation of the boundary layer which causes
loss of control effectiveness or flow degradation in an engine jet. Also, in high-
enthalpy hypersonic flows, the subsequent reattachment on a surface of the
separated shear layer gives rise to heat transfer which can be far in excess of an
attached boundary layer [3].

Thomas et al. [4] identified critical aerothermodynamics design issues for a
hypersonic aircraft powered by an air-breathing propulsion system. The flow
around a hypersonic aircraft is predominantly three-dimensional and is dominated
by viscous effects.



1.2 Literature Survey

In the last decades there have been many studies dealing with the shock
wave/boundary layer interaction phenomena. Most of the experimental and
computational research have been performed on a configuration to simulate a
deflected control surface in which a two-dimensional flat plate is followed by a
compression corner. This type of geometry has been the cornerstone of many
investigations to understand the phenomena associated with shock/shock and
shock wave/boundary layer interactions. However, very few experimental studies
have proven to be sufficiently well documented to satisfy the requirements for CFD
code validation. Besides, success of these studies has been limited due to

measurement uncertainties on the experimental side.

Holden [5] and Hankey and Holden [6] have performed experimental studies to
characterize both laminar and turbulent shock wave /boundary layer interactions,
from supersonic through hypersonic regime, by investigating the influence of the
Mach and Reynolds numbers, the wedge angle and the leading edge bluntness on
the flow field.

Detailed measurements of density profiles of a hypervelocity flat plate boundary
layer flow have been studied experimentally and compared with theory that
includes real gas effects by Mallinson et al. [7].

Mallinson et al. [8] has focused on high enthalpy laminar hypersonic low over a
compression corner including real gas effects in another experimental study. The
shock wave/boundary layer interaction has been examined both experimentally

and theoretically.

An experimental and computational study of two-dimensional hypersonic flow
field over flat plate/compression corner configurations at Mach 14 and wall-to-
total-temperature ratio (T,/To) of 0.12 with Reynolds numbers to hinge line
varying between 4.5x10° and 2.6x10° have been performed by Simeonides and
Haase [9] for fully laminar and perfect gas to investigate strong shock
wave/boundary layer interactions with extensive separation and transitional
interactions with transition occurring near the reattachment point. Experimental



studies have been performed in the VKI Longshot hypersonic wind tunnel.
Numerical analysis have been done by using Navier-Stokes equations.

Schutle et al. [10] has focused on the boundary layer separation caused by an
impingement shock and the boundary layer separation at compression corners by
performing experimental and numerical studies. The experiments have been done
in the German Aerospace Research Center hypersonic wind tunnel at Mach 6 and
laminar flow conditions. The objective of the study was to improve the inlet
efficiency by finding effective measures to manipulate shock wave/boundary layer

interactions.

Another important parameter to effect the aerothermal characteristics of the
control surface is, in a typical reentry flight regime, a high angle of attack. In the
literature, the works are mainly for cases with zero angle of attack, only a few
basic experiments have been conducted for cases with higher angles of attack.
One of these studies has been performed by Hozumi et al. [11] experimentally and
numerically. The experimental study has been obtained in the National Aerospace
Laboratory and ONERA S4MA hypersonic wind tunnels. The effects of nose
bluntness and angle of attack on the corner heating pattern has been investigated
by examining the relations between hypersonic aerodynamic heating

characteristics at a high angle of attack, such as 15°, 30° and 35°.

Another experimental and computational study of two-dimensional hypersonic
laminar flow field over flat plate/compression corner configurations has been done
by Chanetz et al. [12]. Experiments have been carried out in the ONERA R5Ch
wind tunnel on a hollow cylinder flare. Classical Navier-Stokes solutions and Direct
Simulation Monte-Carlo have been used as numerical approach. The aim of the
study was to improve the capacity of the Navier-Stokes codes to predict high Mach
number shock wave/boundary layer interactions.

A code validation study has been conducted by using four different codes for
solving the compressible Navier-Stokes equations by Rudy et al. [13]. The
solution of two-dimensional high speed laminar separated flows at Mach 14.1 for
15°, 18° and 24° compression corners have been compared with experimental
shock tunnel results.



Brenner et al. [14] have focused on the numerical simulation of the flow of perfect
gases through the inlet of airbreathing, hypersonic vehicles based on a model
problem. Shock wave and turbulent boundary layer interaction, shock/shock
interaction and highly three-dimensional separation have been investigated in a
blunt-fin configuration with a downstream compression ramp. The three-
dimensional, time dependent Navier-Stokes equations in conservative form for a
reacting, multicomponent mixture of perfect gases have been considered.

Grasso and Marini [15] have numerically studied the two- and three-dimensional
laminar hypersonic flows dominated by strong shock wave/boundary layer
interactions with rather extended separated regions to evaluate the influence of
some geometrical and flow parameters such as corner angle, leading edge
bluntness, Mach number, and viscous interaction parameter. A cell centered finite
volume formulation has been used for the solution of the compressible Navier-
Stokes equations.

D’Ambrosio [16] has carried out a numerical study for the purpose of verification
and validation of a CFD code. The numerical results have been compared with the
experiments conducted at the ONERA Chalais-Meudon Research Center and at
the Chalspan-University, Buffalo Research Center on shock/shock interactions.

Another numerical analysis has been performed by Martinez et al. [17] over a
three-dimensional 15° compression corner in a laminar hypersonic flow at Mach
6.85 and at a Reynolds number per unit length of 2.45x10° m™.

Laminar and turbulent hypersonic flows over 24° compression corner and curved
compression corner have been analyzed numerically by Dogrusoz [18] solving
three dimensional, thin layer, compressible, Navier-Stokes equations. The heat
transfer and pressure distributions, skin friction coefficient and boundary layer
surveys have been performed.

Tables 1.1-1.2 list the most representative calculations of hypersonic
compression corner by solutions of the Navier-Stokes equations and
experimental studies.



1.3 Scope and Overview of the thesis

The purpose of this thesis is to perform numerical solutions of hypersonic, high
temperature, perfect gas flows over various geometries. Three dimensional, thin
layer, compressible, Navier-Stokes equations are solved. An upwind finite
difference approach with Lower Upper-Alternating Direction Implicit (LU-ADI)
decomposition is used.

During the analysis, two different geometries are used: A flat plate at zero
incidence and compression corners with angles of 5°, 10°, 14°, 15°, 16°, 18°, and
24°,

Hypersonic flows over compression ramps, for example, as used for control
purposes on re-entry vehicles, feature a complex structure of interacting shock
waves and include shock-wave/boundary-layer interactions, which are known to
induce flow separation. Subsequent flow reattachment on the ramp causes high
heat fluxes, which must be predicted accurately to preserve the thermal and

structural integrity of the vehicle.

Three dimensional, compressible, Reynolds averaged, thin layer Navier-Stokes

equations are solved numerically.

The shock /shock wave, the shock wave/boundary layer interactions, the heat
transfer rates, local skin friction coefficients, the effect of wall-to stagnation
temperature ratio (T./To) on the flow and boundary layer variables, the effect of
corner angle (8,,) and the other boundary layer properties are studied and obtained

numerical results are compared with available numerical and experimental data.
In the thesis, chapters are presented in the following order:

Physical characteristics of hypersonic boundary layer, and hypersonic
compression corner flows are presented in Chapter 2 and Chapter 3,

respectively.



General Navier-Stokes equations and their thin layer formulation, the general
Cartesian coordinate formulation and transformation of equations from Cartesian
to curvilinear coordinates are given in Chapter 4.

In Chapter 5, a description of the code and the solution algorithm are presented.
Each subprogram is described with their function in the code by the help of the
computational flow structure of the code. Also, non-dimensional forms of the
variables used in the code are given in this chapter.

In Chapter 6, a description of the test cases is given with their flow conditions. In
Chapter 7, the grids used for the solutions are described and the initial and

boundary conditions are explained.

In Chapter 8, Computational details obtained numerical results are compared with
available numerical, experimental and theoretical data. Especially, the effect of
T./To on the heat transfer rate, the surface pressure distribution and the boundary
layer flow variables, the effect of corner angle (6,,), strong shock wave boundary
layer interactions with extended separated regions are presented. Note that, all the
obtained results are not presented in this chapter. The results not presented in
Chapter 8 are published in Ref. [33].

Also, in Appendix A, details of the transformation of the solution domain from
Cartesian coordinates to curvilinear coordinates and non-dimensionalization of
the governing equations are given. Details of the boundary layer post processing
are presented in Appendix B. In Appendix C and D, the details for skin friction
and Stanton number post processing are given, respectively.



Table 1.1 Navier-Stokes Calculations of Two-Dimensional Laminar Interactions

Author

Computed Cases

Numerical Method

Carter (1972), [19]

Corner Flow at My=6

Brailovskaya Explicit

Hung & MacCormack
(1976), [20]

Corner Flow at My=14.4

MacCormack Explicit

Lawrence et al.(1986),
[21]

Corner Flow at My=14.1

Forward Marching

Ray et al. (1987), [22]

Corner Flow, My=14.1&18.9

MacCormack Explicit

Hollanders & Marmignon
(1989), [23]

Corner Flow at My=14.1

Upwind

Rudy et al. (1989), [24]

Corner Flow at My=14.1

Several

Thajera et al. (1990), [25]

Corner Flow at Mg=14.1

Unstructured Grid

Antibes Workshops
(1990, 1991, 1993)

Corner Flow at My=10
and 11.68

Several

Simeonides (1992), [26]

Corner Flow at My=14.1

Runge-Kutta with
central and upwind

Grasso & Leone (1992),

Corner Flow at My=7.4, 11.7

Runge-Kutta with

[27] and 17.4 central differences
Joulot (1992) Corner Flow at My=10 & 11.7 Upwind
Leyland (1993), [28] Corner Flow at My=14.1 Upwind




Table 1.2 Experimental and Numerical Studies

Author

Computed Cases

Method

Lewis et al. (1968), [29]

Corner Flow with 10.25 degree
corner at My=6 & 4

Experimental

Erengil & Dolling (1991),
[30]

Corner Flow with 28 deg. corner
at M0=5

Experimental

Rudy et al. (1991), [13]

Corner Flow with 15,18 degree
corner at My=14.1

Experimental and

Numerical

Simeonides et al.,
(1992,1993), [9]

Corner Flow with 7.5, 15 degree
corner at My=6 & 14.1

Experimental and

Numerical

Galassi et al. (1993),
[31]

Corner Flow with curved corner
at My=5.71-5.77

Experimental and

Numerical

Mallinson et al. (1996),
(8]

Corner Flow with 0, 15, 18, 24
deg. corner with diff. L.E. conf.
at My=7.5 and 9.1

Experimental

Paciorri et al. (1998),
[32]

Hollow cylinder flare with 35
deg. corner at Mg=5

Experimental and

Numerical




CHAPTER 2

HYPERSONIC BOUNDARY LAYER

With reference to hypersonic lifting re-entry vehicles, attention is drawn to control
surfaces such as body flaps, elevons and rudders. Deflections of a control surface
is anticipated to cause a severe interaction between the oncoming boundary layer
and the resulting shock wave, which may yield significant flow separation linked to
significant losses in control effectiveness and excessive heating of the surface.

In this chapter, the physical characteristics of hypersonic flow and hypersonic
laminar boundary layer flow are explained in detail, respectively.

2.1 Physical Characteristic of Hypersonic Flows
Thin Shock Layers

The oblique shock theory states that, for a given flow deflection angle, the density
increase across the shock wave becomes progressively large as the Mach number
is increased. At higher densities, the mass flow behind the shock can more easily
squeeze through smaller areas. For flow over a hypersonic body, this means that
the distance between the shock wave and the body is defined as the shock layer,
and for hypersonic speeds this shock layer can be quite thin [2].

Entropy Layer

At hypersonic Mach numbers, the shock layer over the blunt nose is also very thin,
with a small shock-detachment distance. In the nose region, the shock wave is
highly curved. The entropy of the flow increases across a shock wave, and as

10



the shock gets stronger, the entropy increase becomes larger. A streamline
passing through the strong, nearly normal portion of the curved shock near the
centerline of the flow will experience a larger entropy increase than a neighboring
streamline which passes through a weaker portion of the shock further away from
the centerline. Hence, there are strong entropy gradients generated in the nose
region; this “entropy layer” flows downstream, and essentially wets the body for
large distance from the nose. The boundary layer along the surface grows inside
this entropy layer, and is affected by it. This entropy layer causes analytical
problems when we wish to perform a standard boundary layer calculation on the
surface, because there is a question as to what the proper edge conditions should
be for the boundary layer [2].

Viscous Interaction

The local severe heating rates produced by viscous interaction and shock/shock
interactions can cause catastrophic failures on hypersonic vehicles.

Consider a boundary layer on a flat plate in a hypersonic flow, as sketched in
Figure 2.2 [2]. A high-velocity, hypersonic flow contains a large amount of kinetic
energy, which is partly dissipated within the boundary layer, causing large
temperature increases as indicated in Figure 2.2. In turn, the viscosity within the
boundary layer is increased, and the density greatly decreases. This causes the
boundary layer thickness to grow more rapidly. The thick boundary layer in
hypersonic flow can exert a major displacement effect on the inviscid flow outside
the boundary layer, causing a given body shape to appear much thicker than it
really is. Due to the extreme thickness of the boundary-layer flow, the outer
inviscid flow is greatly changed; the changes in the inviscid flow in turn feed back
to affect the growth of the boundary layer. This major interaction between the
boundary layer and the outer inviscid flow is called as viscous interaction. Viscous
interaction can have important effects on the surface pressure distribution, hence
lift, drag and stability on hypersonic vehicles. Moreover, skin friction and heat
transfer are increased by viscous interaction.

The boundary layer on a hypersonic vehicle can become so thick that it
essentially merges with the shock wave - a merged shock layer. When this

11



happens the shock layer must be treated as fully viscous, and the conventional
boundary layer analysis must be completely abandoned [2].

For all practical purposes, the strong and weak viscous interaction regions appear
to be described by

Strong interaction  x >3,
Weak interaction ;_(<3,

where hypersonic laminar viscous interaction parameter, ;_( is defined as [2]

_ 2
xX= M. JC and C=M.

JRe P,

Figure 2.3 illustrates the hypersonic viscous flow over a flat plate, and illustrates
the strong interaction immediately downstream of the leading edge, and the weak

interaction region further downstream.
In the strong interaction region the following physical effects occur:

1. In the leading edge region, the growth rate of the boundary layer
displacement thickness is large, that is, 40 /dx is large.

2. Hence, the incoming freestream “sees” an effective body with rapidly
growing thickness; the inviscid streamlines are deflected upward, into the
incoming flow, and a shock wave is consequently generated at the leading

edge of the flat plate, i.e., the inviscid flow is strongly affected by the rapid

boundary layer growth.

3. In turn, the substantial changes in the outer inviscid flow feedback to the

boundary layer, affecting its growth and properties.

In the weak interaction region the following physical effects occur:

12



1. The rate of growth of the boundary layer is moderate, that is, 49 /dx is
reasonably small.

2. In turn, the outer inviscid flow is only weakly affected.

3. As a result, the changes in the inviscid flow result in a negligible feedback on
the boundary layer, and this is ignored.

High-Temperature Flows

The extreme viscous dissipation within hypersonic boundary layers can create
high temperatures, leading to vibrational excitation, dissociation and ionization of
the gas. Both boundary layer and the entire shock layer can be dominated by

chemically reacting flow.

High temperature chemically reacting flows can have an influence on lift, drag and
moments on a hypersonic vehicle. For example, such effects have been found to
be very important for estimating the body flap deflection necessary to trim the
space shuttle during the high-speed re-entry. However, by far the most dominant
aspect of high temperatures in hypersonics is the resultant high heat transfer rate
to the surface. Aerodynamic heating takes the form of heat transfer from the hot
boundary layer to the cooler surface- called convective heating. Moreover, if the
shock layer temperature is high enough, the thermal radiation emitted by the gas
itself can become important, giving rise to a radiative flux to the surface- called

radiative heating [2].

Low Density Flows

Low density flows are not an inherent part of the definition of hypersonic flow,
and therefore this discussion is not legitimately part of the definition of
hypersonic flow.  However, hypersonic vehicles frequently fly at very high
altitudes, and therefore will encounter low density conditions. Hence, the
design and analysis of hypersonic vehicles  will  sometimes
require the consideration of low density flow.
There are certain hypersonic applications which involve low-density flow,
generally involving flight at high altitudes. For any given flight vehicle, as  the

13



altitude progressively increases, hence the density decreases, the assumption of
continuum flow becomes tenuous. As the altitude increases, the normal viscous
flow no-slip assumptions at the wall of (1) zero velocity, (2) gas temperature
equals the wall temperature, begin to fail. They are replaced by slip effects, in
which a velocity and temperature jump at the wall must be assumed. Finally,
when the air density becomes rarefied enough, the mean distance a molecule
moves between collisions (the molecular free path, A) can become much larger
than the scale of the body itself. This is the regime of free molecular flow, where
the aerodynamic characteristics of the vehicle are determined by individual,
scattered molecular impacts, and must be analyzed on the basis of kinetic theory

[2].
2.2 Physical Characteristic of Hypersonic Boundary Layers

There are two important flow problems in the viscous boundary layer changes the
nature of the outer inviscid flow, and turn these inviscid changes feedback as
changes in the boundary layer structure. This phenomenon is called as viscous
interaction detailed in Section 2.1.1 of this chapter. Those problems are:

1. Pressure interaction, due to the exceptionally thick boundary layers on faces

under some hypersonic conditions.

2. Shock wave/boundary layer interaction, due to impingement of a strong
shock wave on a boundary layer.

The classical hypersonic interaction between the outer inviscid flow and the
boundary layer is due to very large boundary layer thicknesses which can occur at
high hypersonic speeds.

For a flat plate laminar boundary layer thickness, 6, grows as

M2
O o« —=£
VRe

14



Clearly, the thickness grows as the square of the Mach number, and therefore
hypersonic boundary layers can be orders of magnitude thicker than low speed

boundary layers at the same Reynolds number.

This thick hypersonic boundary layer displaces the outer inviscid flow, changing
the nature of the inviscid flow. For example, inviscid flow over a flat plate is
shown in Figure 2.4a, the streamlines are straight and parallel, and the pressure
on the surface is constant. In contrast, for hypersonic viscous flow with a thick
boundary layer, the inviscid streamlines are displaced upward, creating a shock
wave at the leading edge as shown in Figure 2.4b. Moreover, the pressure varies
over the surface of the flat plate. This is the source of the viscous interaction.
The increased pressure (hence increased density) tends to make the boundary
layer thinner than would be expected, and hence the velocity and temperature
gradients at the wall are increased. In turn, the skin friction and heat transfer are
increased over their values that would exist if a constant pressure equal to p.. are
assumed [2, 34].
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Figure 2.3 lllustration of pressure distributions over a flat plate.
(a) inviscid flow; (b) viscous flow [Ref. 2].

17



CHAPTER 3

HYPERSONIC COMPRESSION CORNERS

The viscous interactions can cause boundary layers to separate, can produce
locally high pressures and high heat transfer rates as described in Chapter 2.

Flow separation can result in a loss of control effectiveness, or flow degradation in
an engine inlet. The heating rates and pressure in the interaction regions can be
locally severe, being orders of magnitude greater than the stagnation-point values.
Large gradients exist in the heat transfer and in the pressure distribution, with

locally severe values affecting extremely small areas.

The designers of vehicles that are to fly at hypersonic speeds have long
recognized that the locally severe heating rates produced by viscous interactions

and by shock/shock interactions can cause catastrophic failures.

Shock waves that are generated when there is a compressive turning of the local
flow create shock/boundary layer interactions. The canopy and deflected control

surfaces can produce the required flow deflections.

Axial corners formed by compression surfaces, such as those occurring in air
breathing engine inlets and at wing/body or at fin/wing junctions can produce
complex flow patterns, which contain vortices and embedded shock waves.

The parameters, which influence the extent of the shock wave/boundary layer

interactions, are:
1. whether the approaching boundary layer is laminar or turbulent,

2. the Mach number of the approaching flow,
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3. the Reynolds number of the approaching flow,
4. the surface temperature
5. the deflection angle of the corner, and

6. the chemical state of the gases.

The schematic of the flow field over a compression corner is illustrated in Figure
3.1. A relatively weak shock forms at the sharp leading edge of the plate. The
shock induced by the corner interacts with the flat plate boundary layer. The shock
inside the boundary layer is first seen to be a curved, lambda shock. The curvature
of this shock is being due to its propagations through a rotational layer in which
the Mach number changes from one streamline to another. Outside of the
boundary layer, the shock wave is linear since the incoming flow is uniform. Due to
the upstream propagation of pressure disturbances across the subsonic portion of
the boundary layer, flow separation may occur depending upon the value of the

viscous interaction parameter,;_(, which is explained in Chapter 2, the Mach

number M., and corner angle 6,. The presence of the separation bubble causes
the formation of the separation and reattachment shocks, the interaction of which
generates a transmitted shock, a shear layer, and depending upon the Mach
number, either a shock wave or an expansion fan that interacts with the boundary
layer on the corner. The skin friction and heat transfer rapidly increase
downstream of reattachment due to the recompression of the flow, and have a
peak immediately past reattachment in the proximity of the location where the
boundary layer thickness is minimum. Down-stream of the reattachment point, the
boundary layer thins rapidly due to compression, resulting in large increases in
skin friction and heat transfer on the wedge surface. Furthermore, the
compression waves produced by the corner coalesce into a shock wave that
intersects with the leading edge shock, producing an expansion fan and a shear
layer, both of which affect the flow on the corner [34, 13, 14, 15].

At relatively large deflection angles, i.e., when appreciable separation of the
boundary layer occurs, the pressure distributions exhibit three inflection points.
These three inflection points are:
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1. that is associated with the separation of the boundary layer,
2. that is associated with onset of reattachment, and
3. that is associated with the reattachment compression.

As noted by Delery [35], at very large deflection angles, the pressure distribution
exhibits a decrease following the rise corresponding to reattachment. Then it tends
to the constant level of the inviscid solution, with the tendency that the pressure
overshoot increases as the deflection angle increases.

The peak measured heating rate usually occurrs in the vicinity of reattachment
where the boundary layer is the thinnest or, if separation does not occur,
immediately downstream of the shock interaction [36].

Shock/shock

interaction
. . Reattachment shock
Dividing Streamline

. Expansion
Separation shock

Leading-edge shock

Boundary Layer

Neck Region

Reattachment Point

Separation Point

Recirculation Region

Figure 3.1 Schematic of the flow field over a compression corner.
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CHAPTER 4

NAVIER STOKES EQUATIONS

4.1 Navier-Stokes Equations

The equations of fluid motion in complete form which include the conservation of
mass, conservation of momentum and conservation of energy are referred to as
the Navier-Stokes equations for Newtonian fluids in continuum. One of the most
commonly used version of this equation set for CFD applications is the compact,
conservative form written in Cartesian coordinates [37, 38] as

JQ JE JF JG _JE, JF, JG,

= 4.1
o Ay dZ o Iy | o (4.1)
where Q is the dependent variable vector, E,F and G are the inviscid momentum
and energy flux vectors; E,, F,, G, are the viscous flux vectors. The open forms of
these vectors are as follows:

P [ pu | v | pw (4_2)
pou pu’ +p pvu pwu (4.3)

O=|pv |,E=|pu JF=|pv>+p |,G=|pwy (4.4)
o o o vt p (4.5)
pe, _u(pe, + P)_ _V(pet + P)_ | w(pe, + p) |
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0 0 0
z, % z,
E‘V: Z).cy Fv = TW Gv = sz
’Z;‘Z TYZ Tzz
UT, +VT +WT, —q, ut, +vT, W —q, | UT, TVE, TWT, 4. |
(4.6), (4.7), (4.8)
where;
2 o du b
=—— — T =7, = U(—+—
Z-xx 3#V.V+2ﬂ&c Xy yx ﬂ(ay a.x)
2 wh u  ow
=_= — T =7 =U(—+—
Tyy 3 /,lV.V-i- 2# 07)’ xz 7x ,Ll( 0-)2 07)6 )
2 M w
= —— —_— T . =T = _— 4+ —
7. =3 UV N+2u gy e = Ty = M( %
or ar ar
:_k_’ ,:_k_, :—k— 49
q. Y q, & q, > (4.9)

The first component of each column vector is associated with the mass
conservation equation, the next three components are associated with momentum

equation, and the last component is associated with the energy equation.
4.2 Thin Layer Navier-Stokes Equations (TLNS)

The full Navier-Stokes equations can be simplified by neglecting the
circumferential and streamwise gradient of stresses while retaining only the
normal gradient of the stresses to reduce computational time and required
storage.
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According to this statement, all viscous terms in G,, containing derivatives with
respect to the direction along or parallel to the no-slip surface, are neglected. The
resultant equations are called the thin layer Navier-Stokes equations (TLNS) and
written in Cartesian coordinates as follow:

2 OE OF G _JG,
o o oy a & (4.10)

where Q, E, F, and G are defined in equations (4.2), (4.3), (4.4), and (4.5)
respectively, Gr_ is defined as

0
du
Ho
2%
= (4.11)
4  ow
3%
ut, +

Gy =| U

VT, + W7, —q._ |

where 1,,, T, T,; and g, are defined in equation (4.9).
4.3 Coordinate Transformation

Coordinate transformation is a technique used to convert the equations in the

physical domain (x, y, z) to the computational domain (&, n, {) as shown in Figure
4.1.

The relations between the Cartesian coordinates and the generalized curvilinear

coordinates are given in the following way:

{T= t,E=xy.zt)n=nlx.y.2.1).¢ = C(x,y,z,f)} (4.13)
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where t is time, and &, n, { are components of coordinates in the computational
domain. Details of the transformation and non-dimensionalization are given in

Appendix A.

e
—
I
_ I
3 g=goyan | |t
. y n=n&yzy | -~ |~
€ =C(x.y.z) . g
Physical Domain Tt Computational Domain

Figure 4.1 Transformation and body coordinate [Ref 37].

4.3.1 Transformed Form of The Full Navier-Stokes Equations

The nondimensional and transformed form of the full Navier-Stokes equations
from the Cartesian coordinates to the generalized curvilinear coordinates is

IQ JE IF 9G JE, IF. IG.
— +—+—+ = + +
Jr  JE dn I I dn I

(4.14)

where;
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- pvc

p [ pU
pU puU ¢ + 5 p Iouvc +77xp
G=" 21 ' S
=PV E=7vac+é:yp , F=7,0vV +17,p
pw pwU “+ & p pwV+n.p
e .
LPE] U (pe, + p)—&,p] V< (pe, + p)=1,p
(4.15), (4.16), (4.17)
_pWC ] _0 |
| pUWC + gxp 1 fxTxx + fyTxy + fZTXZ
G=| W+ {p , BEv=16Ty v 57, + 800 | (418), (4.19)
pWWc + gzp fxsz + fyrzy + szzz
| We(pe, + p) - ¢p| S+ 6B, + 8B ]
_ i} o |
0
7,7,y + 77y 5 + 1,7, A 1 ;XTXX + ;yTxy + ;szz
I:'V =5 MTxy + My Ty + 1,7, ,GV :7 ;XTX,V + ;yfyy + ;zTyz (4.20), (4.21)
Ty t+ ﬂysz +1,7,, gxrzx + gyrzy + gzrzz
B+ B+ B | | $B+ B+ 2B, |
where;

Ty = g [g(éuf +77xu77 +§xu§)_§(§)y§+n}'vﬂ +;}'v§):|_i|:§(§lwf +771W’7 +;ZW§):|

oo

eoo
2 4 2
Ty = Ium|:_3(§xuff U, + ;XU{) +§(§}’V5 TV, é’}’V{):l - Rllel |:_3(§ZW§ Wy + ng{):l

oo

3\

I
% ‘*:
1

o

2 2 4
-2ty L= 2w e, ) o | S e+ Lo )

(4.22)
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U
Ty =Ty = g(«fyuimyun +¢,u, +§Xv¢ 11,V + (Xv;)

oo

£ (52”5‘”72“77 + gzug“ + é:xv.f + 77an + ngg“)

Ty =Ty = ——
Re
0 = Ty = o (Gt vy + L+ W ey + L) (4.23)
= =— a (ET.+n.T, +{T,)
ﬁx_uz-xx-i-vz-xy-"_wrxz_qx’ q. = PrRe(}/—l)Mi x & nx n x* ¢
_ _ M
B, =ut, +vi, +wt_—q,, q,=- PrRe(y — )M (ET. +n,T,+{T,)
yli
e A S T =% (T +1.T, +6T).

(4.24)

The Jacobian of the transformation, J, is interpreted as the ratio of volume in

physical space to that of computational space. It is defined as,

& n.¢) !
_ _ (4.25)
Ix, y,z) xf(zgy,, - z,,y;) - xn(yfzg’ - y§z§)+ x((yfzﬂ - y,,zf)

J

Transformed components of velocity are given as,

U¢‘ =&+ Sutév+Ew,
Ve =n, +nu+n,v+n,w , (4.26)

We=¢+du+lv+iw.

4.3.2 Transformed Form of the Thin Layer Navier-Stokes Equations

The gradients of the viscous stress in the direction parallel to the surface (§ and n)
are neglected. The thin layer Navier-Stokes equations are expressed in curvilinear

coordinate system as follow:
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d0 JE JF IG 1 JG,

+ + + =
dr  9&  dn I Re I¢

(4..27)

where Qéﬁé are given in equations (4.15), (4.16), (4.17), (4.18) respectively,

and G, is defined as,

0

um; +Lm g,

A 1 (4.28)
G, :j umlv§+%m2§y
umw, +m.¢,
,umlm2+%m2(§’xu+§yv+g“zw)
where
m =g+ + (7
my =G+ v, +Cw,
1é) 2 2 2 l 2
=—— W +v +w)+——— .
M=o e Y WA B T @

Pressure is related to the conservative flow variables as follows:

_ _l 2 2 2
P=(y-1)e 2,o(u +v +w)
e, is total energy per unit volume.

4.4 Modelling of Laminar Viscosity

There can be local peaks of heat transfer, such as 5,000°%K, in the hypersonic
shock-wave/boundary layer. Viscosity directly depends on temperature and can no
longer be constant in high temperature regions so viscosity should be modelled in
accordance to temperature variations.
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In the scope of this thesis, two different viscosity models are used to consider the
high temperature influence on viscosity during the analysis.

In temperature region 0°K<T<1000°K, air viscosity is calculated from Sutherland
formula [39].

1.5

T)=1458%107 % ————
#) (T+110.4

J [kg/(ms)] (4.29)

In this equation T is in Kelvin. In temperature region 1000 K<T<5000 K a curve fit
to the estimations of Svehla [40], given in Figure 4.2, is used.

1.2x10°*

1.1x10* — = SVEHLADATA
— — — — SUTHERLAND FORMULA

1.0x10* u=bT?+cT+d -

9.0x10™
8.0x10
7.0x10%
6.0x10

u [kg/(m*s)]

5.0x10%
4.0x10%
3.0x10%

2.0x10%

-05 [ [ [ [ |
1.0x10 1000 2000 3000 4000 5000

T[K]

Figure 4.2 Air viscosity Models
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CHAPTER 5

NUMERICAL METHOD AND FLOW SOLVER

In the present study; three-dimensional, Reynolds averaged thin layer Navier
Stokes equations are solved in generalized curvilinear coordinates. Finite
differencing approach and LU - ADI (Lower Upper-Alternating Direction Implicit)
[41] splitting technique are used. The accuracy of the scheme is improved by the
application of an artificial dissipation model which uses the simplified idea of TVD

upwind schemes.

The LU-ADI factorization algorithm used in this code was developed by Obayashi
and Kuwahara et.al. [42]. The flux Jacobian matrices which appear in the left-hand
side operators in the Beam and Warming method are decomposed as the product
of the lower and upper bi-diagonal matrices with the LU factorization based on the
idea of the flux vector splitting [43] and the implicit MacCormack scheme [44].

5.1 Description of the Solution Algorithm

The space discretized form of equation (4.27) can be written as

A A
A

&Q _ _ éf+l/2_ é/71/2 _ ﬁj+l/2_ ﬁj*l/Z _ ék+l/2_ ék—l/z 4 Re_l Gv./+1/2_ Gv,j,l/z
Ir A¢ A7 AL AL

(5.1)

In this equation, the viscous term is discretized by using second-order central
difference formulation. The evaluation of the inviscid fluxes is based on a finite-
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volume-cell-centered scheme. Discretization of the inviscid fluxes at cell interfaces

is performed in a central or upwind fashion [45].
5.1.1 Central Difference Method

The second-order accurate central-difference scheme with the artificial dissipation
terms can be given by

N 114 N
FQ,.0,,,.8 H,z):z{F(Q,s D+FQ,,..8 ), )}_(“j {,Az)(Qj+l ~0)-¥Y(80,, - 50, )}

J 2

(5.2)

where § is a second-order accurate central difference operator, S is the surface of
the cell, o is a sum of spectral radii of the Jacobian matrices of the inviscid fluxes,

and the mid-point operator is (),,,, = {0, +(,,,}/ 2. The parameters, ¥ and x*

control the strength of the second-and fourth-order dissipation terms

(2)
E
K = 4 (‘52pj—1

+2‘52pj

8D, 53)

and

2 PP +P

o'p; = (5.4)
Py +P;i+pP

2 H 1 . ” .
where 0~ is a “pressure averaging operator’ and x“ =¢&“ —min(e®,x?).

Typical values for dissipation coefficients, €?, € are 0.25 and 0.01 respectively.
[45].

5.1.2 Streamwise Upwind Method

The present streamwise upwind algorithm uses a combination of differences such
as total mass flux, pressure and contravariant velocity. The upwind representation

of an inviscid flux at a cell interface can be given as
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R vaolltr., .- A
F(Qj’Qj+1’Sj+l/2) :g E[FI +F, ]_kz Q. (5.5)
where
1o
fl:?rul,r + kxp;—:r
F}:T; = fl:_:vl,r + k_ypl*_,—r (56)

¥ ¥
fl,rwl,r + kzpl,r

f[iH[,r + ktpl,r(

V m

Ap—V ., A,)sin® 6

The subscripts / and r represent the left and right states of the variables,
respectively. The basic scheme is first-order accurate with |=j and r=j+1. The term
subtracts the freestream for time metrics. A third-order upwind scheme is
presently used in the numerical method. The present streamwise upwind method
uses the local stream direction, flow velocity and pressure gradient to construct the
upwinding [46].

5.1.3 Time-Marching Method

Time marching-method used in the LU-ADI factorization method was proposed by
Obayashi and Fuji [38]. The LU-ADI method is a compromise of ADI and LU

factorization. After the application of this method Equation (5.1) is written as

(T;LyD,U \T; T, LsDyU 5T, YTy LoD U T )A Q" = AR (5.7)

Where L, D, U are the lower, diagonal and upper matrices respectively. A first-
order finite-difference upwind formulation is used for numerical efficiency. The left
hand side is obtained by rewriting diagonal algorithm of Pulliam and Chaussee
[47] and the flux vector splitting technique of Steger and Warming [43].

31



5.2 Subprograms and Computational Flow Structure of the Code

Flow structure of the code is given as Figure 5.1. The MAIN program first calls a
subroutine named INITIA. This subroutine initializes the flow field for the first
iteration by assigning the values of the unknowns at every point of the
computational grid. These unknowns are the density, three components of the
velocity and the total energy. INITIA also calls the subroutines named IOALL(2),
IOALL(3), JACN, MET3D, IOALL(4), IOALL(9), EIGEN. The subroutine IOALL(2)
and IOALL(3) read the initial values of the unknowns and the coordinates of the
grid points from relevant file, respectively. The subroutines JACN, MET3D
calculate the Jacobian and the metrics of the grid in &, n, { directions in the
computational domain respectively. The subroutine EIGEN computes the
eigenvalue of the equation (4.27) for determination of time step At in order to
guarantee stability of numerical discretization scheme used in the code. Although
Courant Number (u At /Ax) is given as input by the user, EIGEN updates it by
considering the clustering or stretching in the grid points and the freestream
velocity. The subroutine IOALL(4) contains restart option and IAOLL(9) reads
turbulence data from relevant file.

Iteration starts for the numerical solution and continues until NMAX number of
iterations is completed which is given by the user. Next, subroutine STEP, which
acts as a main program for solving the flow variables in each iteration, starts
calling the subroutines BC1, VISCOSITY, RHSR or RHS and SMOOTH, LHS3D2.
Air viscosity is calculated in VISCOSITY subroutine according to temperature
value. The subroutines RHSR and RHS are called by the subroutine STEP
depending on a variable called as IRHS.

In BC1, boundary conditions are given. In the subroutines RHSR and RHS, the
right hand side of the Navier-Stokes equations is updated. If the variable IRHS is
taken as greater then zero, the code calculates the right hand side of the Navier-
Stokes equations by the central-difference method else the streamwise upwind
method is applied to compute these equations. The subroutine RHSR calls
MUSCL and ROEFLX. The MUSCL approach, this acronym standing for
Monotone Upstream-centered Schemes for Conservation Laws [49], is applied in
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the subroutine MUSCL. The subroutine ROEFLX computes the generalized Roe
fluxes based on conservative variables or based on primitive variables. When
viscous solution is required, VISRHS is called by the subroutines RHSR and RHS.
VISRHS calculates the viscous terms at the right hand side for laminar flow. But, if
the flow is turbulent, VISRHS updates the viscous right hand side terms by calling
one of the following turbulence subroutines depending on the will of the user:
MUTUR, which applies the Baldwin-Lomax turbulence model or NTM3D, which
applies the Cebeci-Smith or the Johnson King turbulence model. Other subroutine
related to the turbulence algorithm in the code is VORTCTY which calculates the
vorticity needed for the subroutine NTM3D.

After the right hand side calculations is completed by the subroutine RHS,
SMOOTH is called which smoothes the corrections and applies to the right hand
side array. The speed of sound has to be calculated before SMOOTH returns,
because the solution of complete equation takes place in the next subroutine.

For the left hand side of the Navier-Stokes equations, in accordance with the
Lower-Upper Alternating Direction Implicit (LU-ADI) method, the subroutine
LHS3D2 sweeps in &, m, € directions. At the end of these subroutines, STEP
calculates the residuals and writes them in a file for the convergence history.

After each iteration level, the flow field solution is written in to a file as a restart
data by the subroutine IOALL(5), the output variables are computed by IOALL(6)
and pressure data are written on a file by IOALL(7). The turbulence data are
refreshed by IOALL(8) which is called FORMOM. In FORMOM, force and moment
coefficients are computed.

Afterwards, this iteration step ends and the loop continues until the NMAX
iterations are completed. At the end of NMAX iterations, the subroutines IOALL(5),
IOALL(6), IOALL(7), IOALL(8) to refresh the related data.

5.3 Dimensionless Forms of Variables Used in the Code

In the code, dimensionless forms of density, three components of velocity,

pressure and energy per unit volume (or per unit mass) are used [50].
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5.3.1 Density

Density can be brought into dimensionless form by using the freestream density,
and thus dimensionless value of the freestream density is 1.

v

and p_=1 (5.8)
P.

o=

5.3.2 Velocity Components

Freestream speed of sound is used obtaining the dimensionless form of the

velocity components,

- u - Vv — w
Uu=—,V=—, W=—o (5.9)
a, a a,

and using the following relations, u.. = U.. and v.. = w., =0
U.=M_and a.. =1 (5.10)

5.3.3 Pressure

Dimensionless form of pressure can be obtained dividing it by (p..a%.), then,

— P — P, P.RT, 1
P= 3 and P.= = =— (5.11)

5.3.4 Total Energy Per Unit Volume

To obtain dimensionless forms of total energy per unit mass and total energy per
unit volume, they are divided by a°.. and (p..a>.) respectively.
é

e=—1 (5.12)
a

(=)
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(2

- S (5.13)

Using the definition of the energy per unit volume,

P 1 -
e, =—+-pU 5.14
= 5 PYT0r (5.14)

Dimensionless form of it can be found as in the following.

P 1

e =ﬁ+§(,5UTZOT) (5.15)

Thus at «

e, = ! +1Mj, (5.16)
y(yr=1) 2

5.3.5 Viscosity

Viscosity can be brought into dimensionless form by using the freestream

viscosity.
u="* (5.17)
H.

Up to 1000 °K viscosity is calculated from the Sutherland formula:

L5

1.5
1 =1.458%10°° *[TMJ and u(T)=1.458*10° *( r

mj [kg/(ms)]

T. +110.4

(5.18)

where, T is in °K. For the region between 1000 °K and 5000 °K a curve fit to
estimations of Svehla is used as described in Chapter 4.
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Figure 5.1 The flowchart of the Code.
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CHAPTER 6

TEST PROBLEMS

During the study, two different geometries are analysed: A flat plate at zero
incidence angle with the flow and compression corners with seven different
corner angles (0,=5°, 109, 14°, 15° 16°, 182 and 24°). The test geometries and
the flow conditions of some of the test cases are selected to correspond to the
experimental work of Mallinson et al. [7, 8] for comparison purposes. Those
experiments were performed in the Australian National University T3 free-piston
shock tunnel facility [51]. In Mallinson et al. [7, 8] study, flow was assumed as a

two dimensional laminar flow.

6.1 Description of the Test Problem I: Hypersonic Flow Over Flat
Plate

In the present study, eight different flow conditions, wall and freestream
conditions which will be named as test cases, are examined. The reservoir,

freestream and wall properties of those cases are shown in Table 6.1.

The three of those test cases correspond to the experiments and numerical
studies of Mallinson et al. [7] and these conditions are referred to as B, D, G by
Mallinson. The test gas is air. Test Cases B, D and G correspond to high level of
oxygen dissociation, moderate level of oxygen dissociation and no oxygen
dissociation in the freestream, respectively. The level of nitrogen dissociation was
negligible for all the test cases. The flow was reported as laminar throughout the
experiment. In the calculation of Reynolds Number, the viscosity, u, was obtained

from a curve fit assuming a Lenard-Jones potential [52]. The Prandtl Number
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does not vary appreciably over the range of conditions tested [53] and was
assumed to have a constant value of 0.72.

The model is consisted of a flat plate with a detachable leading edge. The
plate rested upon a gauge housing which, in turn, has been attached to a
support plate. Upwash from the undersurface of the model has been
prevented by side-skirts. A sketch of the model is shown is Figure 6.1. A
model width of 180 mm has been chosen to fit within the inviscid core of
the nozzle of the wind tunnel. The sides of the plate have been inclined
4.3° to match the source flow from the nozzle virtual origin. The model
length of 180 mm ensured that it has been within the nozzle exit Mach cone
and also that it has satisfied the aspect ratio requirements for two-
dimensional flow [54]. Note that a length equal to that of the flat-plate sections

(85 mm) of the compression corner geometries is used as the
nondimensionalizing distance.

180

180

Flow plate

Housing

Support Plate

Figure 6.1 Schematic of the flat plate model (Not to scale). Dimensions are in
mm.
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The Cases X1, X2 and X3, are chosen according to the T,/T, values to
investigate the effect of the T,/T, on the flow variables, boundary layer variables
etc. The Cases Modified D and Modified G correspond to Case D and G of
Mallinson et al. [7] with differences in M., and Re...
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Table 6.1 Reservoir and Freestream Properties of the Test Cases

Re LK | To(CK)
CASE M., R m"l") Re..L To/To | TW/Te. Taw/To Tw (°K) | T.(° K) | Present | Mallinson et
Solution al. (1997)
B 75 | 3.1*10° 26350 | 0.0211 | 0.2586 0.86 300 1160 14210 8400
D 7.5 | 4.08*10° | 34680 | 0.0260 | 0.3191 0.86 300 940 11515 7200
Modified D 75 | 3.1*10° 26350 | 0.0260 | 0.3191 0.86 300 940 11515 7200
G 9.1 | 32.2*10° | 273700 | 0.1068 | 1.875 0.86 300 160 2810 2400
Modified G | 7.5 | 3.1*10° 26350 | 0.1068 | 1.53 0.86 300 195.92 2810 2400
X1 75 | 3.1%10° 26350 0.2 2.45 0.86 2450 1000 12250 -
X2 75 | 3.1*10° 26350 0.8 9.8 0.86 3000 306.12 3750 -
X3 75 | 3.1710° 26350 1.0 12.25 0.86 3000 244.89 3000 -




6.2 Description of the Test Problem II: Hypersonic Flow Over

Compression Corners

During the present study, eight different test cases are examined. The reservoir and
freestream properties of those cases are the same as the flat plate problems solved
and are given in Table 6.1. The Cases B, D and G corresponds to the experiments
and numerical studies of Mallinson et al. [8]. The Case X1, X2 and X3 are chosen
according to the T,/T, values to investigate the effect of the T,/T, on the flow
variables, boundary layer variables etc. The Cases Modified D and Modified G

correspond to Case D and G of Mallinson et al. [8] with differences in M.. and Re...

For the Cases B, D and G, the flat plate / compression corner model shown in
Figure 6.2 has been used by Mallinson during the experimental analysis. A flat plate
and a ramp plate that rest upon gauge housings, which, in turn, have been attached
to a support plate. By inserting wedges beneath the housing for the ramp plate, the
corner angle can be varied from 5° to 24°. Seven different corner angles are used
during the experiments. (6,, =5°, 10°, 14°, 15° 16° 18° and 24°). The flat plate
model was achieved by removal of the wedge altogether. The heat transfer and
pressure measurements have been made using separate models. Upwash from the
undersurface of the model has been prevented by side-skirts extending below the
flat plate and ramp plate upper surfaces. The model width was 180 mm. The sides
of the plates are inclined so as to be parallel to the spource-like flow produced by
the conical nozzle. The model length was 180 mm. Note that a length equal to that
of the flat-plate sections (85 mm) is used as for nondimensionalizing distance.
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Gauges

180

Flow plate ramp
—>

Housing

Wedge

Support plate

Figure 6.2 Schematic of the compression corner model (side plate not shown)
Dimensions are in mm.

The pressure and heat transfer distributions were measured using PCB 113M165
pressure transducers and in-house manufactured coaxial chromel-alumel (type K)

surface junction thermocouples.
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CHAPTER 7

GRID GENERATION AND BOUNDARY CONDITIONS

It is obvious that accurate grid generations should capture flow features during
the numerical analysis. Due to the small shock wave angle with the surface,
special care should be given to the grid generation during the analysis of the high
temperature hypersonic flows. Large gradients in the hypersonic boundary layer
require fine grids near the model surface in order for CFD codes to accurately
predict the surface heat transfer rate and the local skin friction coefficient.

As a general rule, the wall spacing (the distance between the first grid point

. . Az 1
above the wall and the grid point on the wall, —) should be equal to at
grid p i ) q /—ReL

least. In the present study the length used for nondimensionalisation is L = 0.85
cm. This is the length of the flat plate sections of the compression corner

geometries of Mallinson et al. [7, 8].
7.1 Grid Generation for the Flat Plate

During the analysis of the flow over a flat plate, a grid refinement study has been
performed to obtain the most suitable grid for the solution of this problem. The
first four grids produced within this study are presented in Figures 7.1 to 7.4.
These grids are not used to obtain the results presented in Chapter 8.

The grid used during the numerical calculation of the flat plate test cases is given
in Figure 7.5. This is a single block grid, but in generation of this final grid, initially
4 different algebraic grid blocks are produced. Then, these blocks are joined
together to make the final grid, which is presented in Figure 7.5. Those 4 different
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initial grid blocks are also presented in Figure 7.5 with different colours. The

number of grid points of these blocks in &, 1, { directions are given below:
First Block 1 37*3*160
Second Block :183*3*160
Third Block : 37*3*29
Fourth Block 1183329

The final grid which is obtained by joining these four blocks has 220*3*189 points
in & m, ¢ directions, respectively. The distance from the wall in the normal
direction between the first and the second grid points is 2.24*10™. In generation
of this grid the following are considered:

e to capture boundary layer properties near the surface, accurately,

e to capture boundary layer properties near the edge of the boundary layer,
accurately,

e to capture the leading edge shock, accurately.
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Figure 7.5 Flat Plate Grid V (The final grid used to obtain solutions).
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7.2 Grid Generation for the Compression Corners

Seven different grids are produced for the seven different corner angles (59, 109,
14°, 15° 16°, 18° and 24°). These corner angles are the sama as those of
Mallinson et al. [8]. Each grid had 230*3*200 points in &, 1, { directions, respec-
tively. Before producing each of these grids, initially two sub blocks are produced
algebraically. Then these blocks are joined together to form the final single block
grid. The number of grid points of the sub blocks in &, n, { directions are given
below:

First Block : 105*200
Second Block :125*200

In the normal direction, the J=1 and J=JMAX planes are divided into two
segments: The first segment, which is more clustered, starts from the base and
its height is adjusted by the point at which the shock impinges the JMAX plane.
The second segment is the region between the first segment and the LMAX
plane. In the stream-wise direction, the L=1 plane and L=LMAX plane are divided
into three segments: Two of them are placed on the L=1 plane that corresponds
to the flat plate region of the model. The other segment lies on the ramp region of
the model. The grid was clustered around the corner region. At the L=LMAX
plane, the grid points are adjusted according to the grid points at the L=1 plane.

Figures 7.6 to 7.12 show grids for 5%, 10°, 142,152, 162, 18° and 24° compression
corners used in this study. Note that a length equal to that of the flat-plate section

(85 mm) is used as for non-dimensionalizing distance. The wall distance, % is
2*10™ for each grid. In generation of these grids the following are considered:
e to capture boundary layer properties near the surface, accurately,

e to capture boundary layer properties near the edge of the boundary layer,
accurately,

to capture the leading edge shock, accurately,

to capture flow properties around the corner, accurately.
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Figure 7.6 5° compression corner grid.
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Figure 7.7 10° compression corner grid.

51



7L

7L

3.5

25

1.5

3.5

25

1.5

Figure 7.8 14° compression corner grid.

Figure 7.9 15° compression corner grid.
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Figure 7.10 16° compression corner grid.

Figure 7.11 18° compression corner grid.
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3.5

Figure 7.12 24° compression corner grid.

7.3 Initial and Boundary Conditions

Freestream values of the variables at the start of the iterations are assigned as
the initial conditions everywhere.

At the left surface (flow in plane, J=1 plane), freestream values of the variables
are assigned as follows:

P=po,U=U.,v=0,w=0,and P =P,
Total energy per unit volume can be calculated from:

e =i+lp(u2+v
y—-1 2

2+W2)

At the lower surface up to the leading edge of the flat plate (L=1

plane,-1.0<x/L<0.0) normally symmetry boundary conditions should be
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applied. But, in the present study, considering the flow is hypersonic and the
disturbances should not propagate upstream, and to speed up the convergence,
freestream values of the variables are assigned. At this boundary, there are 25
grid points ahead of the leading edge of the flat plate and 15 grid points ahead of
the leading edge part of the compression corners.

At the lower surface starting from the leading edge of the flat plate (L=1 plane,
0.0 < x/ L) constant temperature wall with the no slip condition is applied. At this
surface, pressure is extrapolated from the interior points. Density is calculated
using the extrapolated pressure and the specified temperature from the equation
of state as follows:

- P
P RT
or in nondimensional form;
p
- X5
p. T
T,

At the right surface (flow out plane, J=JMAX plane), values of the flow variables
are extrapolated from the J=JMAX-1 plane. At this surface more sophisticated
boundary conditions could be used considering the angular expansion of the flow
between the shock and the surface. However, the present application was
considered to be satisfactory for our purpose.

At the top surface (L=LMAX plane) Flow variables are extrapolated from the
L=LMAX-1 surface. This is an appropriate boundary condition for this surface. In
fact, for hypersonic flow the freestream conditions can also be assigned at this
surface as an alternative way of specifying the boundary conditions.
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CHAPTER 8

RESULTS AND DISCUSSIONS

In this chapter the results of the thin layer Navier—Stokes solutions of laminar,
hypersonic, high temperature, perfect gas flows over two different geometries will
be presented. The first geometry is a flat plate at zero angle of incidence with the
flow direction. The second geometry is a compression corner with 7 different

corner angles, 8 =5°, 10°, 14°, 15°, 16°, 18°, 24°.

The shock/shock wave, shock wave/boundary layer interactions are studied.
Surface heat transfer rates, local skin friction coefficients are obtained. The
effects of wall-to stagnation temperature ratio (T,/T,) on the flow and boundary
layer characteristics are obtained. The effects of corner angle (6,) on the main
features of the flow field are studied. Results are compared with the available

experimental, theoretical and/or numerical results.

The effects of T,/Ty on the heat transfer rate, the surface pressure distribution
and the boundary layer flow variables are presented. The effects of corner angle
(8w), on strong shock wave boundary layer interactions with extended separated
regions are investigated.

All obtained results are not given in this chapter, in Part 8.1 Section 8.1.1-8.1.3 the
results regarding Case B and in Part 8.2, Section 8.2.1-8.2.4 the results regarding
6,=14° Case B are presented, only. However, the other results for flat plate and
compression corners are published in Numerical Solution of Hypersonic Boundary
Layer and Compression Corner Flows (Extensive Research Results of
the Ph.D. study) [33].
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8.1 HYPERSONIC BOUNDARY LAYER FLOWS OVER A FLAT PLATE

The computed results of laminar, hypersonic flows over flat plate are presented
and discussed in this section. During the analysis, eight different free-stream and
wall conditions (flow conditions or test cases) are selected: three of those test
cases correspond to the experiments and numerical studies of Mallinson et al. [8]
and these test conditions are referred as B, D and G by Mallinson at al.. The
Cases X1, X2 and X3, are chosen according to the T,/T, values to investigate the
effect of the T,/T, on the flow variables, boundary layer variables etc. The Cases
Modified D and Modified G correspond to Case D and G of Mallinson et al. [8]

with the differences in M..and Re...
8.1.1. Post Processing and Theoretical Knowledge for Comparisons

After getting the numerical results by solving Navier-Stokes equations over flat
plate for eight different test cases, post processing are applied on the obtained
solution vector of dependent flow variables to obtain heat transfer rate, skin
friction coefficient and boundary layer flow variables such as boundary layer
thickness, velocity, temperature and pressure distributions inside the boundary
layer, heat transfer parameters inside the boundary layer etc.

Details of applied post processing are given in Appendix B, C and D.

During the analyses, the heat transfer parameter (qu) distributions inside the

boundary layer are obtained at the different flat plate stations.

Integral energy equation is defined as

d

4y =— (| fo) (1)

where J gy is
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R /4 P P L= —»
£ = pU{—j{:——_ j+—(U —Mm)}dy )
! l y=1\p p.) 2
In these non-dimensional equations, ¢,, is normalised by pmai, velocity by

2
A, pressure by P..A. and density by Q.. . From figures, it can be seen that

qu makes a small maximum before it goes to zero asymptotically at the edge of

the thermal boundary layer. This small maximum is used as a criterion to locate
the edge of the thermal boundary layer, thus the edge conditions, in the present
study.

The distribution of various temperatures (T.,, T* and T,) along the flat plate are
calculated from formulas given below:

-1
T, =T{1+ Pr *(}/2 )Mf} White [56] 3)

. T
T =T, {O.S+0.039*M§ +O.5FW} Eckert [57] (4)

e

T, = {1 + L%IJM 2 }Tm )

During the comparison of the boundary layer thicknesses (x vs & plots) with

available experimental data and theory the following formulas are applied.

White [56] derived the following expression for a perfect gas boundary layer
thickness.

1/2
d= x{5.0+(0.2+0.9%](7—1)M 2}( €, ) (6)

Y Re

X
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Mallinson, Gai, Mudford (1996) [7] results given in the figures are obtained from:

X

JRe,

Mallinson, Gai, Mudford (1996)* [7] results are obtained from the formula given

0=1721

e

{2.397 + 77: +0.193Pr"*(y—1)M 2} . 7)

e

below and it is based on infinity variables:

5=1.721—2 2.397+T—W+0.193Pr“2(7/—1)Mi. 8)
Re T,

oo e

Mallinson, Gai, Mudford (1996)** results are directly taken from Mallinson et al

[7].

The obtained pressure distributions over flat plate are compared with Mallinson et

al.[8] results. The hypersonic viscous interaction parameter, ;} , i defined as [8]

1/2

C*
— _ ag3
=M. Re ©)
where
. (u )T, , T
C =|—|—= A =0322(y-D(1+2.6~
(ﬂm J(T ) and (y—1( T, ). (10)

The value of % can be used to ascertain whether an interacion is strong or
weak; large values of ¥ correspond to the strong interaction region, and small

values of ¥ denote a weak interaction region.

The obtained pressure distributions are compared with Bertram and Blackstock
Theory [58], also. The hypersonic viscous interaction parameter is defined by
Lees and Probstein [59] as:
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where

CWZ[_pWJ[ﬂwj- (12)
pOO lllOO
Bertram and Blackstock Theory [58]is

£=1+a,1’
P..

( 9y(y+ 1))0'5
8
where

a= 0.425[i - 0.35)(7— 1), (14)

aw

The Stanton number is defined as [8]:

q
St = W
IOeUe(hr_hw)- (15)
The Eckert theory [57]is St = 0.332 Re;?f (16)
where
St = St (Pr¥) 23 (C*)"?. (17)

Differential and integral post processing details of skin friction coefficient and heat
transfer rate are given in Appendix C and D, respectively.
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8.1.2. Computational Details

The computations are carried out on the Nautilus System at METU. Rorqual
machine was used as host and cases are given as jobs to various Nautilus
Central Processing Units (CPU).

Nautilus is IBM Scalable POWER parallel 2 (SP2). SP2 system frame houses 8
wide nodes. The each wide node has 67 MHZ CPU with Power2 processors and
128 MB memory.

In the present study, 124,740 points (220*3*189) are used for the flat plate grid.

The computations are started from the freestream conditions. A slow start of
boundary conditions is implemented for 30 iterations from the starting point. The
calculations are continued until a steady state solution is obtained.

For 20,000 iterations:

Table 8.1 Computational Details of Flat Plate

Test Case Real Time CPU Time Memory
B 29 h. 50 min. 30 h. 33 min. 16 M
D 30 h. 19 min. 30 h. 58 min. 16 M
Modified D 15 h. 45 min. 15 h. 44 min. 16 M
G 31 h. 53 min. 32 h. 42 min 16 M
Modified G 15 h. 58 min. 15 h. 57 min. 16 M
X1 15 h. 4 min. 15 h. 5 min. 16 M
X2 15 h. 20 min. 15 h. 57 min. 16 M
X3 15 h. 15 min. 15 h. 23 min. 16 M
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An Implicit smoothing constant, &,, of 1.0 and an explicit smoothing constant, €, ,

of 1.0 are used, respectively. Courant number is 1.0 and Prandtl number is 0.72
for a laminar solution. The reservoir and freestream flow conditions of the test

cases are shown in Table 6.1.

Air composition was assumed to be 21% oxygen and 79% nitrogen. The high
level of atomic Oxygen which existed in the experimental case was ignored.

A decrease by at least three orders of magnitude in residual error is a criterion for
convergence. A typical convergence and iteration history is shown in Figure 8.1
for Case B as an example. The iterations are continued until the number of
iterations reached to 20,000.

Case B

M_=7.5, Re_,=26,350, T,/T,=0.0211

L2

L l L L l L L l L L l
0 5000 10000 15000 20000
ITERATIONS

Figure 8.1 Convergence and iteration history, Case B.
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8.1.3. General Results

In this part of the chapter, the general results for Case B, with flow parameters
M..=7.5, Re..;=26,350 and T,/T,=0.0211, are presented.

The Mach contours and streamline distributions for the selected case are shown
in Figure 8.2. and Figure 8.3, respectively. It can be seen from Mach contours
that there is strong interaction between boundary layer and leading edge shock
along the flat plate in accordance with oblique shock theory. Between the
separation and reattachment shocks, expansion waves are generated where the
boundary layer is turning back toward to surface. At the point of reattachment, the
boundary layer has become relatively thin, the pressure is high, and consequently
this becomes a region of high local aerodynamic heating. It was predicted that the
flow is attached flow.

In Figure 8.4, boundary layer thicknesses are shown for Case B. In this figure,
the leading edge shock due to the boundary layer displacement thickness effect

is seen. J;, is the thermal boundary layer thickness, &, is the boundary layer

thickness, ¢, is the displacement thickness, or. is the location of maximum

temperature inside the boundary layer, and @ is the momentum thickness. In a
direction normal to surface, between the leading edge shock and the thermal
boundary layer thickness, the flow properties are not constant due to a slight
expansion. This expansion is again a result of the boundary layer displacement
thickness. In this region, the flow turns upwards as can, clearly, be seen from
Figure 8.3. Since, the flow variables are not constant between the edge of the
boundary layer and the shock, determination of the boundary layer edge requires
special care. Thermal boundary layer is thicker than the momentum boundary
layer and edge variables (U,, T, etc.) are obtained at the thermal boundary layer
edge.

The number of grid points in the boundary layer during the numerical solution is
very important to get reliable results. In Figure 8.5, number of grid points
distribution for Case B is shown. For this case at the average, there are about 70
grid points in the boundary layer.
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Typical velocity, temperature, Mach number and a heat transfer parameter ( f,, ),

distributions inside the boundary layer are shown for Case B in Figure 8.6. It can

be seen that f,, makes a small maximum before it goes to zero asymptotically at

the edge of the thermal boundary layer. This small maximum is used as criteria to
locate the edge of the thermal boundary layer, thus the edge conditions, in the
present study.

The boundary layer edge variables; distributions of Reynolds number, Mach
number, temperature, density, velocity and viscosity at the edge of the boundary
layer along the flat plate are shown in Figure 8.7 for Case B. It can be seen
clearly that the boundary layer variables do not converge to a constant value due
to slight expansion as mentioned above.

In Figure 8.8 shows the distribution of various temperatures along the boundary
layer for Case B. The formulas for T,,, T* and T, are given in Section 8.1.1.
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Figure 8.3 Streamlines distribution over flat plate, Case B.
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Figure 8.4 Boundary layer thicknesses, Case B.
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Figure 8.5 Number of grid points in the boundary layer, Case B.
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Figure 8.8 Temperature distributions along the boundary layer, Case B.
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8.1.4. Results of the Code Validation Study

In this section of the chapter, the obtained numerical results are compared with
available numerical, experimental and theoretical data.

The comparisons of the obtained boundary layer thicknesses (x vs & plots) and
available experimental data and theory are given in Figures 8.9 to 8.16 for all
eight cases; Case B, Case D, Case Modified D, Case G, Case Modified G, Case
X1, Case X2 and Case X3. The expression derived by White [56] for a perfect
gas boundary layer thickness is given is Section 8.1.1. As can be seen, the
present computations compare well with the other theories in the literature.
Another way of presentation of the boundary layer thicknesses (x vs

)

[;jW/Rex,e ) are given in Figures 8.17 to 8.24. The present results and results

obtained from theory are compared for all cases.

In Figures 8.25 and 8.26 for Case D and Case G, respectively, the present
predictions of the density profiles inside the boundary layer are compared with the
available results from the literature [7]. The calculations for a perfect gas and for
a real gas lie upon one another. It is meant that the effect of chemical and
vibrational nonequilibrium upon the boundary layer profile is negligible for the
present conditions. The thermal boundary layer thickness is seen to compare well
with the theoretical prediction.

In Figures 8.27 to 8.29 the temperature profiles and in Figures 8.30 to 8.33 the
velocity profiles for Case B, Case D and Case G are compared with the
calculations of Van Driest [60] for a cold flat plate for the selected cases.

Figures 8.33 to 8.40 show the pressure distributions over the flat plate for the

eight cases. The hypersonic viscous interaction parameter, y , is defined by
Mallinson et al.[8] given in Section 8.1.1. The value of ¥ can be used to

ascertain whether an interacion is strong or weak; large values of ¥ correspond
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to the strong interaction region, and small values of % denote a weak interaction

region.

The pressure distributions obtained from the present solution are compared with
available experimental data [7] and Stollery & Bates Theory [61]. It can be seen
that there are strong viscous interaction for all cases due to shock-
wave/boundary layer interaction. The obtained results are similar to experimental
data and theory.

In Figures 8.41 to 8.48, the obtained pressure distributions are compared by
Bertram and Blackstock Theory [58], also.

The heat transfer rate distributions over the flat plate are compared with available
experimental data and Eckert [57] and Stollery & Bates [61] laminar perfect gas
theory in Figures 8.49 to 8.56. The present Stanton number distribution was
obtained from integral post processing based on edge variables. The details of
Stanton number post processing is given in Appendix B.

The obtained St,/Re, ., distributions are compared with Van Driest [60] theory in

Figures 8.57 to 8.64. The integral and differential post processing based on edge
variables are used to obtain present solutions. However, the freestream values
are used in the Van Driest theory. Therefore, the obtained results do not
compared well with the Van Driest theory [60]. Differential and integral post
processing details of Stanton number are given in Appendix D.

The skin friction coefficient distributions are presented in Figures 8.65 to 8.72. The
integral and differential post processing based on edge variables are used to
obtain present solutions. The present results are compared with Van Driest [60]
theory only because of lack of experimental data for the skin friction coefficient.
The obtained results do not compare well with the Van Driest theory. Because, the
leading edge shock effects are not considered by this theory and freestream
values are used as edge values. Differential and integral post processing details
of skin friction coefficient are given in Appendix C.
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Figure 8.66 Skin friction coefficient distribution, Case D.
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Figure 8.71 Skin friction coefficient distribution, Case X2.
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8.1.5. Results of the Effects of T,,/T, Study

Up to this point, eight different test cases are analyzed over flat plate in terms of
flow variable, boundary layer variable, pressure distribution, heat transfer rate
distribution and skin friction coefficient distribution.

During this study, one of the most critical flow properties is considered as T,/Ty
ratio. In this section, the effects of T,/Tq on the heat transfer and pressure
distributions and the boundary layer flow variables are presented. The Case B,
Modified D, Modified G, X1, X2 and X3 are chosen according to the T,/T, values
to compare the results. For these six test cases; M. is 7.5 and Re., is 26,350.
Navier Stokes solutions are obtained for T,/T, ratios from 0.0211 to 1.0 for six
test cases for fixed M. and Re.. and same flat plate grid given in Figure 7.5. The
Case X2 (T,= 3,000 K and T,,=3,335 °K) and X3 (T,= 3,000 K and T,,=2,720
°K) are close to adiabatic wall case and the heat transfer is weak for these cases.

The effect of T,/T, on convergence history is given in Figure 8.73. As seen from

the figure that the convergence decreases with the increasing T,/T, ratio.

Figure 8.74 shows the effect of T,/T, on the number of grid points in the

boundary layer.

The effect of T,/T, on the temperature profiles, velocity profiles and the heat

transfer parameter (f,,, ) distribution at the mid-point of the flat plate, x/L=1.0, are

shown in Figures 8.75 to 8.77. The results of the Cases G and X1 lie upon one

another.

In Figures 8.78 to 8.80, the effect of T,/T, on temperature distributions (T¢/Ty,
Tmax/ Tw and T*/TW) along the boundary layer are presented.

The effects of T,/T, on Mach contours are given in Figures 8.81 to 8.86 for six

test cases.

The effects of T,/T, on streamlines are given in Figures 8.87 to 8.92 for the six
cases. In a direction normal to surface, between the leading edge shock and the

thermal boundary layer thickness, the flow properties are not constant due to a
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slight expansion. This expansion is again a result of the boundary layer
displacement thickness. At this region, the flow turns upwards as can, clearly, be

seen from figures.

In Figures 8.93 and 8.94, the effects of T,/Tq on the pressure distributions are
shown. It is observed that with the increasing T,/T, ratio the pressure increases
for fixed M.. and Re...

The effect of T,/T, ratio on the skin friction coefficient is presented in Figures
8.95 to 8.100. It is clear that skin friction increases with the increasing T,/T, ratio.
The differential and integral post processing details are given in Appendix C.

The T,/T, ratio effect on the heat transfer rate is shown in Figures 8.101 to 104.
Here the results are presented as obtained from both integral and differential post
processing. Accuracy of the differential post processing depends on the
prediction of the temperature gradient at the wall. Accuracy of the integral post
processing depends on the prediction of the distribution of the heat transfer

parameter, f, which was described in section 8.1.1 and its variation in the

Tqw
stream wise direction. The results of the differential post processing show that the
heat transfer increases by increasing T,/T, ratio for fixed M.. and Re.. On the
other hand the results of the integral post processing show that the heat transfer
decreases by increasing T,/T, ratio. For lower T,/T, ratios there is more
temperature difference between the wall and the freestream therefore there
should be more heat transfer. From here we may conclude that integral post
processing is more reliable.
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Figure 8.73 Effect of T,,/T, on convergence history.
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Figure 8.75 Effect of T,/T, on temperature profiles at x/L=1.0.
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Figure 8.76 Effect of T,/T, on velocity profiles at x/L=1.0.
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Figure 8.77 Effect of T,/T, on heat transfer parameter at x/L=1.0.
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Figure 8.78 Effect of T,/T, on T, distribution along the boundary layer.
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Figure 8.79 Effect of T,,/To on T, distribution along the boundary layer.
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Figure 8.80 Effect of T./T, on T distribution along the boundary layer.
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Figure 8.88 Effect of T,,/T, on streamlines, Case Modified D.
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Figure 8.90 Effect of T,,/To on streamlines, Case X1.
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Figure 8.92 Effect of T,,/T, on streamlines, Case X3.
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Figure 8.93 Effect of T,,/To on pressure distribution.
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Figure 8.94 Effect of T,,/To on pressure distribution.
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Figure 8.97 Effect of T,/T, on skin friction coefficient.
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Figure 8.98 Effect of T,/T, on skin friction coefficient.
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Figure 8.99 Effect of T,/T, on skin friction coefficient.
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Figure 8.100 Effect of T,,/T, on skin friction coefficient.
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Figure 8.102 Effect of T,/T, on heat transfer distribution.
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Figure 8.103 Effect of T,,/T, on heat transfer distribution.
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Figure 8.104 Effect of T,/T, on heat transfer distribution.
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8.2 HYPERSONIC COMPRESSION CORNER FLOWS

The obtained numerical results of laminar, hypersonic flows over seven different
compression corners with 6,, = 5°, 10°, 14°, 15°, 16°, 18°, 24° will be presented
and discussed in this section. During the analysis, eight different free-stream and
wall conditions (flow conditions or test cases) are selected: three of those test
cases corresponds to the experiments and numerical studies of Mallinson et al.
[8] and these conditions are referred to as B, D, G by Mallinson et al [8]. The
Case X1, X2 and X3, are chosen according to the T,/T, values to investigate the
effect of the T,/T, on the flow variables, boundary layer variables etc. The Cases
Modified D and Modified G are corresponded Case D and G of Mallinson et al. [8]
with the differences of M., and Re... For test cases Modified D, Modified G, X1, X2
and X3; the numerical solutions are performed over 14°, 18° and 24°

compression corners, only.
8.2.1. Post Processing and Theoretical Knowledge for Comparisons

The post processing on numerical solutions of compression corners are same
with flat plate post processing for boundary layer flow variables and pressure
distributions.

The heat transfer rate distributions over the compression corners are compared
with the available experimental data [8] and Stollery & Bates [61] laminar perfect
gas theory for the selected cases. The Stollery & Bates theory results presented
here are taken from Ref. [8] and are plotted after being multiplied by the factor

=P /1, =, )} in order to consider the effect of dissociated species in the free
stream [8].

The Stanton number is defined as [8]:

q
St = =
peUe(hr _hw) (18)
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After the numerical analysis, the heat transfer distribution is calculated from the

integral energy equation [57];

d
o G _ L F)
pU,(h —h,) g(x)

(19)

where f(x) is

f(x)zﬁﬁﬁ{ ﬁj{%—%}%@ Z—Mi)}dy}

~ L =L [prl[ | 22 Lo
g, = (fN="" J;pU{;/—lj(ﬁ ﬁw}rz(u Mw)}dy] (21)

where
g(x) :peﬁg L[&—&]ﬁ_o.s(M(ﬁ +(Pr*l/2_1)l7g2)
Y=\ p. p.

Details of the applied post processing are given in Appendix B, C and D.

8.2.2. Computational Details

The computations are carried out on Nautilus System at METU. Rorqual machine
was used as a host and cases are given as job to various Nautilus Central
Processing Units. (CPU)

Nautilus is an IBM Scalable POWER parallel 2 (SP2). SP2 system frame houses
8 wide nodes. The each wide node has 67 MHZ CPU with Power2 processors
and 128 MB memory.

In the present study, 138,000 points (230*3*200) are used for the flat plate grid.

The computations are started from freestream conditions. A slow start of
boundary conditions is implemented for 30 iterations from the starting point. The
calculations are continued until a steady state solution is obtained. 15,000
iterations is considered to be sufficient for this.
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For 15,000 iterations:

Table 8.2 Computational Details of 14° Compression Corner Flows

Test Case Real Time CPU Time Memory
Case B 13 h. 11 min 13h. 12 min 16 M
D 13 h. 12 min 13h. 13 min 16 M
Modified D 13 h. 24 min. 13 h. 23 min. 16 M
G 13 h. 32 min. 13 h. 30 min. 16 M
Modified G 13 h. 35 min. 13 h. 33 min. 16 M
X1 13 h. 19 min. 13 h. 18 min. 16 M
X2 13 h. 26 min. 13 h. 25 min. 16 M
X3 13 h. 24 min. 13 h. 21 min. 16 M

An Implicit smoothing constant (&;) of 1.0 and an explicit smoothing constant ( &,)

of 1.0 are used, respectively. The reservoir and freestream flow conditions of the
test cases are shown in Table 6.1. Prandtl number is 0.72 for the laminar
solution. The selected Courant numbers for different iteration intervals are given
below:

1<N<5.000, CNBR=0.1
5.000<N<10.000, CNBR=0.5
10.000<N<15.000, CNBR=1.0

Air composition was assumed to be 21% oxygen and 79% nitrogen. The high
level of atomic Oxygen which existed in the experimental case was ignored.

A decrease by at least three orders of magnitude in residual error is a criterion for
convergence. A typical convergence and iteration history is shown in Figure 8.105
for 6,=14°, Case B as an example.The iterations are continued until the number
of iterations reached 15,000.
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8.2.3. General Results

In this part of the chapter, the general results for 6,=14° Case B, with flow
parameters M..=7.5, Re..; =26,350 and T,/T,=0.0211, are presented.

The Mach contours and streamline distributions for the selected case are shown
in Figure 8.106. and Figure 8.107, respectively. It can be seen from Mach
contours that there is strong interaction between boundary layer and leading
edge shock around the corner region in accordance with oblique shock theory.

The shock wave from the corner interacts with the flat-plate boundary layer some
distance upstream of the corner. For sufficiently strong shocks, the flow
separates and a recirculating region is formed. As the flow reattaches, the
boundary layer thickness is reduced and a reattachment shock is formed due to
the coalescence of the compression waves. It was predicted that the flow is an
attached flow.
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In Figure 8.108, boundary layer thicknesses are shown for 6,=14° Case B. In
this figure, the leading edge shock due to the boundary layer displacement

thickness effect is seen. J;, is the thermal boundary layer thickness, ¢, is the

boundary layer thickness, &°, is the displacement thickness, or. is the

location of maximum temperature inside the boundary layer, and 6 is the
momentum thickness. In a direction normal to surface, between the leading edge
shock and the boundary layer, the flow properties are not constant due to a slight
expansion. Since, the flow variables are not constant between the edge of the
boundary layer and the shock, determination of the boundary layer edge requires
special care. Thermal boundary layer is thicker than the momentum boundary
layer and edge variables (U, T, etc.) are obtained at the thermal boundary layer

edge.

The number of grid points in the boundary layer during the numerical solution is
very important to get reliable results. In Figure 8.109, number of grid points
distribution for 8,=14° Case B is shown. For this case at the average, there are
about 70 grid points in the boundary layer.

Typical velocity, temperature, Mach number and a heat transfer parameter (f,, ),

distributions inside the boundary layer are shown for 6,=14° Case B in Figure
8.110 to 8.112 at the flat plate part of the compression corner, x/L=0.5, at the
corner region, x/L=1.0, and at the mid-point of ramp surfaces, x/L=2.0,
respectively. It can be seen that f,, makes a small maximum before it goes to

zero asymptotically at the edge of the thermal boundary layer. This small
maximum is used as criteria to locate the edge of the thermal boundary layer,
thus the edge conditions, in the present study.

The boundary layer edge variables; distributions of Reynolds number, Mach
number, temperature, density, velocity and viscosity at the edge of the boundary
layer at mid-point of the flat plate are shown in Figure 8.113 for Case 6,=14°B. It
can be seen clearly that the boundary layer variables do not converge a constant
value due to slight expansion as mentioned above.
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In Figure 8.114 shows the distribution of various temperatures along the
boundary layer for 8,=14° Case B. The formulas for T,,, T* and T, are given in
Section 8.1.1.
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8.2.4. Results of the Code Validation Study

In this section, the obtained numerical results are compared with available

numerical, experimental and theoretical data.

Figures 8.115 to 8.150 show the pressure distributions over compression corners
with seven corner angles 6, =5° - 24° and for the eight cases. The obtained
results are compared with available experimental data of Mallinson [8] et al,
analytic solution (oblique shock theory) and Stollery & Bates [61] perfect gas
theory. The analytical solution was found from the oblique shock relation for
temperature ratio across the wave which is,

B2 esin? gy
R y+1

The flow over 10° compression corner is a typical attached flow as can be seen
from Figures 8.118 to 8.120. The pressure rises from the flat plate values at a
small distance upstream of the corner. For 152 compression corner flow, Figures
8.129 to 8.131, the pressure distribution shows a small inflection near the corner,
this is the result of the incipient separation. The separation and reattachment
points of the flow for 182 and 24° compression corners are seen very clearly from
the pressure distributions in Figures 8.135 to 8.150. Those flows have large
separated regions. It is seen that the separation region and the maxima of the
pressure increases as the corner angle is increased [57, 62, 63, 64]. There is
strong viscous interaction for all cases due to shock-wave/boundary layer
interaction.

The corner angle (8,) effect on pressure distributions is shown in Figures 8.151 to
8.153 for Cases B, D and G. It is clearly seen that the peak pressure values
increase as the corner angles deflected from 6,, =5°%- 24° for fixed M., and Re..
Also, the peak pressure values increases by M.. and Re..

In Figures 8.154 to 8.173, the heat transfer rate distributions over the seven
compression corners are compared with the available experimental data [8] and
Stollery & Bates [61] laminar perfect gas theory for three different test cases. The
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present Stanton number distribution was obtained from integral post processing
based on edge variables. The details of Stanton number post processing is given
in Appendix D.

The general shape of the heat transfer is captured up to corner regions, along the
flat plate. After the reattachment point of the flow the obtained results are
underestimated according to the experiment and theory. A similar discrepancy

was reported by Amaratunga et al. [65] with the two-dimensional flow.
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Figure 8.144 Surface pressure distribution, 6,,=24°, Case D.
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Figure 8.146 Surface pressure distribution, 8,=24°, Case G.
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Figure 8.147 Surface pressure distribution, 6,,=24°, Case Modified G.
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Figure 8.154 Stanton number distribution, 6,,=5°, Case B.
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Figure 8.156 Stanton number distribution, 6,=5°, Case G.
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Figure 8.157 Stanton number distribution, 6,,=10°, Case B.
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Figure 8.158 Stanton number distribution, 8,=10°, Case D.
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Figure 8.160 Stanton number distribution, 6,=14°, Case B.
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Figure 8.161 Stanton number distribution, 8,=14°, Case D.
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Figure 8.162 Stanton number distribution, 6,=14°, Case G.
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Figure 8.163 Stanton number distribution, 6,=15°, Case B.
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Figure 8.164 Stanton number distribution, 8,=15°, Case D.
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Figure 8.165 Stanton number distribution, 6,=16°, Case B.
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Figure 8.166 Stanton number distribution, 8,=16°, Case D.
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Figure 8.167 Stanton number distribution, 8,=16°, Case G.
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Figure 8.168 Stanton number distribution, 6,,=18°, Case B.
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Figure 8.169 Stanton number distribution, 8,=18°, Case D.
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Figure 8.170 Stanton number distribution, 6,=18°, Case G.
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Figure 8.171 Stanton number distribution, 6,,=24°, Case B.
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Figure 8.172 Stanton number distribution, 8,,=24°, Case D.
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Figure 8.173 Stanton number distribution, 8,,=24°, Case G.

8.2.5. Results of the Effects of T,/T, Study

Up to this point, eight different test cases were analyzed over seven compression
corners in terms of flow variable, boundary layer variable, pressure distribution,
heat transfer rate distribution.

During this study, one of the most critical flow properties is considered as T,/T,
ratio. In this section, the effects of T,/T, on the heat transfer and pressure
distributions and the boundary layer flow variables are presented. The Case B,
Modified D, Modified G, X1, X2 and X3 are chosen according to the T,/T,values to
compare the results. For these six test cases; M..is 7.5 and Re.., is 26,350. Navier
Stokes solutions are obtained for T,/T, ratios from 0.0211 to 1.0 for six test cases
for fixed M.. and Re., and same compression corner grids given in Figure 7.6 to
7.12. The Case X2 (T,= 3,000 °K and T,,=3,335 °K) and X3 (T,= 3,000 K and
Ta=2,720 °K) are close to adiabatic wall case and the heat transfer is weak for
these cases. The results are presented for 8,=14°, 18°and 24°.
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The effect of T,/T, on convergence history is given in Figure 8.174. As seen from
the figure that the convergence increases with the increasing T,/T, ratio.

Figure 8.175 shows the effect of T,/T, on the number of grid points in the
boundary layer.

The effects of T,/T, on the Mach contours are given for six test cases in Figures
8.176 to 8.181 for 6,=14°, in Figures 8.182 to 8.187 for 6,=18° and in Figures
8.188 t0 8.193 for B,=24°. It can be seen from mach contours that there is strong
interaction between boundary layer and leading edge shock along the flat plate in
accordance with oblique shock theory. Between the separation and reattachment
shocks, expansion waves are generated where the boundary layer is turning back
towards to the surface. At the point of reattachment, the boundary layer has
become relatively thin, the pressure is high, and consequently this becomes a
region of high local aerodynamic heating.

The effects of T,/T, on the streamlines are given for the six test cases in Figures
8.194 to 8.199 for 8,=14°, in Figures 8.200 to 8.205 for 6,=18° and in Figures
8.206 to 8.211 for 6,=24° The flow over 14° and 18° compression corners is
attached for Cases B, Modified D, Modified G and X1 for. However, it is separated
for Case X2 and X3. The flow over 24 ° compression corner is separated for all six
test cases. It is concluded that the flow has tendency to separate as T,/T, ratio
increases. It is also predicted that the flow has a tendency to separate as the
corner angle increases and as a consequence separation region becomes larger.
Here it should be mentioned that for Case X3 (T,./Ty=1.0), wall temperature is
equal to the stagnation temperature of the freestream, and because of the no slip
boundary condition, flow velocity at the wall is zero. This makes the wall to act as a
stagnation region. In Figures 8.212 to 8.217 the effects of T,/T, on the pressure
contours for 6,=14° 18° and 24° and for Cases X2 and X3 are presented. In
Figures 8.218 to 8.223 the effects of T,,/T, on the temperature contours are shown
for 8,=14° 18° and 24° and for Cases X2 and X3. It can be seen from those
figures that there is no abnormality and they reflect behaviors which agree with the
streamlines distributions of Cases X2 and X3.
T./To value is 0.0186 for Cases X2 and X8.
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In Figures 8.224 to 8.226 the effects of T,/To on the pressure distributions are
shown for 6,=14° 18° and 24°. It can be said that T,/T, ratio has a minor

influence on the pressure distribution for fixed M.. and Re...

The T,/T, ratio effect on the heat transfer rate is shown in Figures 8.227 to 8.232.
It is clear that, heat transfer decrease with the increasing T,/T, ratio for fixed M..
and Re.. Here the results are presented as obtained from both integral and
differential post processing. Accuracy of the differential post processing depends
on the prediction of the temperature gradient at the wall. Accuracy of the integral
post processing depends on the prediction of the distribution of the heat transfer

Jow

stream wise direction. The results of the differential post processing show that the

parameter, , which was described in section 8.1.1 and its variation in the
heat transfer increases by increasing T,/T, ratio for fixed M., and Re.. On the
other hand the results of the integral post processing show that the heat transfer
decreases by increasing T,/T, ratio. For lower T,/T, ratios there is more
temperature difference between the wall and the freestream therefore there should
be more heat transfer. From here we may conclude that integral post processing is
more reliable. However, integral post processing causes a jump in the negative
direction just at the corner which is not seen on the differential post processing
results. Most likely, this jump is coming from the sudden slope change of the
surface and not physical. Integral post processing needs to be modified for the
corner regions or in its present form the results at the immediate vicinity of the
corner should be disregarded.
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Figure 8.175 Effect of T,/T, on number of grid points in boundary layer, 6,=14"°.
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Figure 8.196 Effect of T,/T, on streamlines, 8,=14°, Case Modified G.
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Figure 8.198 Effect of T,,/T, on streamlines, 6,=14°, Case X2.

0,=14°
03 Case X3
- M =7.5, Re_,= 26,350, T/T,=1.0
0.25F

SEPARATED FLOW at x/L=0.94

0.2

=

S o.15
0.1

0.05

I

‘wﬁu . [T BT SR

1
0.9 0.95 1 1.05 1.1 1.15 1.2
x/L

o
[o0)
[8)]

Figure 8.199 Effect of T,/To on streamlines, 6,=14°, Case X3.
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Figure 8.202 Effect of T,/T, on streamlines, 6,,=18°, Case Modified G.

0,=18°
0.3 N Case X1
- M_=7.5, Re_,=26,350, T,/T,=0.2
0.25F

ATTACHED FLOW

0.2
S 0.15

0.1

i

0.05

B | i T i | [ l | l I | l | l
8.85 0.9 0.95 1 1.05 1.1 1.15 1.2
x/L

Figure 8.203 Effect of T,,/T, on streamlines, 6,=18°, Case X1.

181



0.3
0.25
0.2

S 0.15
0.1

0.05

Figure 8.204 Effect of T,,/To on streamlines, 6,=18°, Case X2.

0.3
0.25
0.2

S 0.15
0.1

0.05

Figure 8.205 Effect of T,,/T, on streamlines, 6,=18°, Case X3.

9,=18°
Case X2

M_=7.5, Re_,=26,350, T,/T,=0.8

SEPARATED FLOW at x/L=0.94

\

0.95 1 1.05 1.1 1.15 1.2
x/L

0,=18°

Case X3

M_=7.5, Re_,=26,350, T,/T,=1.0

SEPARATED FLOW at x/L=0.92

(

0.95 1 1.05 1.1 1.15 1.2
x/L

182



9w=240

0.3
Case B

M_=7.5, Re_,=26,350, T,/T,=0.0211
0.25

SEPARATED FLOW at x/L=0.97

0.2

S 0.15

\\\\\\\\\\\\

\

W
Y

0.1

0.05

RN ENENEENE B |
1.1 1.15 1.2

Figure 8.206 Effect of T,,/T, on streamlines, 6,=24°, Case B.

9w=240
03
5 Case MODIFIED D
0.5 M_=7.5, Re_,=26,350 T,/T,=0.0260
i SEPARATED FLOW at x/L=0.96
0.2 s

|

|

N L e ————
0.1; ’i
0.05?—

F— : == .
885 o9 105 11 115 1.2

x/L
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CHAPTER 9

CONCLUSION

In this thesis; numerical solutions of hypersonic, high temperature, perfect gas
flows over various geometries are performed by solving three dimensional, thin

layer, compressible, Navier-Stokes equations.

Two different basic geometries are considered. The first geometry was a flat plate
at zero angle of incidence with the flow direction. The second geometry was a

compression corner with seven different corner angles, 6 = 5°, 10°, 14°, 15°,

16°, 18°, 24°.

It was assumed that the real gas effects are not significant for the cases solved.
The test geometries and the flow conditions of some of the test cases are
selected to correspond to the experimental work of Mallinson et al. [7, 8] for
comparison purposes. The flow characteristics of the Mallinson et al. [7, 8] study,
can be considered as two dimensional and laminar. During the present analysis,
eight different free-stream and wall conditions (flow conditions or test cases) are
selected: Three of those flow conditions correspond to the experiments and
numerical studies of Mallinson et al. [8] and these test conditions are referred to
as B, D and G by Mallinson at al. The flow conditions X1, X2 and X3, are chosen
according to the T,/T, values to investigate the effect of the T,/T, on the flow
characteristics, boundary layer variables etc. The flow conditions Modified D and
Modified G are corresponded Case D and G of Mallinson et al. [8] with the

differences of M., and Re...

The shock/shock wave, shock wave/boundary layer interactions are studied.
Surface heat transfer rates, local skin friction coefficients are obtained. The
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effects of wall-to stagnation temperature ratio (T,/T,) on the flow and boundary
layer characteristics are obtained. The effects of corner angle (6,) on the main
features of the flow field are studied. Results are compared with the available

experimental, theoretical and/or numerical results.

The convergence and iteration histories of the solutions over both geometries and
for all the flow conditions show that the convergence rates are satisfactory. It was
observed that L2 norm of the residual dropped at least three orders of magnitude
for all the cases solved.

For hypersonic flow over a flat plate, in a direction normal to surface, between the
leading edge shock and the edge of the thermal boundary layer, the flow
properties are not constant due to a slight expansion. The leading edge shock is
caused by the growth of the boundary layer displacement thickness. The flow just
past the leading edge shock deflects away from the surface. On the other hand,
the flow just at the edge of the thermal boundary layer is almost parallel to the
surface.  Since, the flow variables are not constant between the edge of the
boundary layer and the shock, determination of the boundary layer edge requires
special care. Thermal boundary layer was thicker than the momentum boundary
layer and the boundary layer edge variables (U,, Te, etc.) are obtained at the

thermal boundary layer edge. The heat transfer parameter (f,, ) makes a small

maximum before it goes to zero asymptotically at the edge of the thermal
boundary layer. This small maximum was used as criteria to locate the edge of
the thermal boundary layer, thus the edge conditions, in the present study.

For the flow over a flat plate, the pressure distributions obtained from the present
solutions are compared with the available experimental data [8] and Stollery &
Bates Theory [61]. It can be seen that there are strong viscous interactions for all
the cases due to the growth of the boundary layer around the leading edge. The
obtained results are similar to experimental data and theory.

The obtained pressure distributions over compression corners with seven corner
angles from 0,, =5° - 24° and for the eight flow conditions are compared with
available experimental data of Mallinson [8] et al, Stollery & Bates [61] perfect
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gas theory and analytic solution (oblique shock theory). It is seen that the
separation region and the maxima of the pressure increases as the corner angle
is increased.

During this study, one of the most critical flow properties was considered as wall
to stagnation temperature ratio, T,/T,. The effects of T,/T, on the heat transfer
and pressure distributions and the boundary layer flow variables are presented for
the flat plate and compression corners. The flow conditions B, Modified D,
Modified G, X1, X2 and X3 are chosen according to the T,/T, values to compare
the results. For these six flow conditions; M., was 7.5 and Re.., was 26,350. T,/T,
ratios varied from 0.0211 to 1.0.

The flow conditions X2 (T,/T, = 0.8) and X3 (T,/T, = 1.0) are particularly more
difficult cases to converge.

For the flow over the compression corners, it is concluded that the flow has
tendency to separate as T,/T, ratio increases. It is also predicted that the flow
has a tendency to separate as the corner angle increases and as a consequence
separation region becomes larger.

For the flow over the flat plate, it is observed that with the increasing T,/T, ratio
the pressure increases for fixed M., and Re... For compression corners, it can be
said that T,/T, ratio has a minor influence on the pressure distribution for fixed M.
and Re...

For the flow over a flat plate, it was shown that with the increasing T,/T, ratio the

skin friction increases for fixed M..and Re...

For both geometries, the results of the differential post processing show that the
heat transfer increases by increasing T./T, ratio for fixed M., and Re.. On the
other hand the results of the integral post processing show that the heat transfer
decreases by increasing T,/T, ratio. For lower T,/T, ratios there is more
temperature difference between the wall and the freestream, therefore there
should be more heat transfer. From here we may conclude that the integral post
processing is more reliable.
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It is observed that, the corner angle (6,,) has a strong impact on separation and
pressure distribution. The separation length and surface pressure increase with
increasing 6,, for fixed M.. and Re...

In this study, temperature values inside the boundary layer are up to 3,000 K and
continuum flow assumption is valid, for that reason perfect gas solutions are

performed and real gas effects are not considered throughout the solutions.

At high speeds and temperatures, the molecular collisions are such that chemical
reactions occur. The flowing gas medium then behaves as a reacting and
diffusing mixture, and the flow properties must be described by non-equilibrium
chemical thermodynamics. Real-gas effects are important in hypersonic flows
both in terms of their influence on aerodynamic performance and their effect on
aerothermodynamic heating. The most problems associated with lifting vehicles,
the dominant real gas effects are associated with the dissociation of oxygen and
nitrogen. Real-gas complexities include thermal and chemical time scales,
multiple gas species, and coupled fluid/chemical processes.

In the present work for the hypersonic flows over compression corners, real-gas
effects are not taken into account. As a suggestion for future work, real-gas
phenomena can be included into the code. As a result of this addition, the heat
transfer and skin friction predictions may be improved.
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APPENDIX A

GENERALIZED COORDINATE TRANSFORMATION AND
NONDIMENSIONALIZATION

The equation of motion are transformed from the physical space (x, y, z) to the
computational space (&, n, ) by the following relations [55]:

T=t (A1)
§=¢(x,y,2) (A.2)
n=1(x,y,z) (A.3)
{=0(x,y,2) (A.4)

Writing the following differential equations:

dt = dt (A.5)

dx = x,dt+x A+ x,dn+ x,d{ (A.6)

dy =y dt+ydé+y,dn+y.dS (A7)

dz=z,dT+z,d5+z,dn+z,d{ (A.8)
ok

where x. represents partial derivative of x with respect to 7 (i.e. 0—)_)

Equations (A.9) through (A.12) can be written in a matrix form as [55];

208



at I 0 0 O0|dr
dx X, Xe X, X, | dE

= (A.9)
dy | |Y: Ye Yy Ye|dn
az z, Z: Zz, Z;|d¢
Reversing the role of the independent variables;
dt=dt (A.10)
dg=&dt+&dx+ ¢ dy + {,dz (A.11)
dn=ndt+ndx+n,dy +n,0z (A.12)
dg¢ =g dt+ ¢, dx+ ¢, dy + 0z (A.13)
Equations (A.14) through (A.17) can be written in a matrix form as;
dr 1 0 0 Ofadat
d S ox 6y & dx
<o) e / (A.14)
dn| \m 7nx m, M| dy
dg gt ;x ;y ;z az
Comparing equations (A.13) and (A.18)
5 & égy 4 | X X Xy X (A15)
77[ ﬂx ﬂy 771 Ve yf yr] y{ .
G & & 4] lE oz oz %
Therefore the metrics can be form,
§X=J(y,7z;—y;z,7), Sy =J(Z X, =2:X,), fz:‘](xﬂyg_x{yﬂ)
(A.16.1, 2, 3)
7, :J(Zgy;_zgyg), n, :J(x,;Zg—XgZér), n, =J(y§x;—x§y;)
(A.16.4, 5, 6)
G =J(Vezy = ¥y2e) s ¢ = J(xy2e = X:2,), 6 = J (XY, = X, ¥¢)
(A.16.7, 8,9)

E==JdIX, (v 2, =V ez)+ Y, (XeZ, = X,20) + 2, (X, = X y,) | (A17.)
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n = —J[xT VeZe = YeZ) + Yo (Xezp = Xp2) + 2, (Xp Y — Xg ) ] (A.17.2)
¢ = —J[xr (¥ezy = Vy2e) + ¥, (X2, = X:2,) + 2, (Xey, = X, V¢) ] (A.17.3)

where J is the Jacobian of transformation defined by

Aéng) !
A x.y.z) )c.,f(zé«y,7 - Zﬂy;) - x,;(ygzg - ygzg) + xg(yéz,? - yrzzé)

J= (A.18)

The Navier Stokes equations may be nondimensionalized using freestream
conditions and reference values.

t=— x=2 =2 z—i
- L L] _L, y Ls Ls
u y 4 W w p
u= 3 =" = ) )
U U U. P=
H p ,
= ] = ] T:_5 =
an 7= p. , “Tu

In the present code a.. was used instead of U...

The nondimensional parameters are defined as;

p.U_L
Reynolds number: Re =——"=—

o

Prandtl number : Pr=—"%~

The chain rule of partial differentiation provides the following expression for the
Cartesian derivatives:

d d
o gt f 77+§t0—?_§ (A.19)
S

d
a
d d & d
g = —5 . 8_§' (A.20)
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izf i+77 i+§ 2 (A.21)
y Tk Top VA '
izf i+77 i+g,“i (A.22)
dz TP Conp TP '

After rearranging terms, the nondimensional form of the Navier Stokes equations
in the computational space is given by;

aé+aE JF JdG JE, JdF, JGy

e P + p + Pe = P + g + 70 (A.23)
where

a0-9

Q=" (A.24)

E- 5(5 Q+EELE F+E,G) (A.25)

F= 5(77 Q+77XE+77yF+nZG) (A.26)

G- 5(;o+ LE+(,F+,G) (A.27)

E,=5(6E +5F +£G) (A28)

F = ! (77XEV +n,F, +1.G ) (A.29)

= %({E +{F,+{G,) (A.30)
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APPENDIX B

BOUNDARY LAYER POST PROCESSING

After completion of a Navier-Stokes solution, the results are post processed to

obtain boundary layer characteristics. Details of the formulations are given below.

B.1 GENERAL
Calculation of the Freestream Conditions
During post processing, 7 is taken as 1.4. Pr at infinity is 0.72

The non-dimensional pressure at infinity is defined as

D.. P..RT,

C p.al  pIRT.

oo

1
4
The value of the non-dimensional density at the infinity is

p.=r==1 (B.2)

The value of the non-dimensional viscosity at the infinity is
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The Reynolds number at the infinity is defined as

L

Calculation of the Local Reynolds Number

The local Reynolds number is defined as

pU x x

Re = Re, —
U, L

X

For curved surfaces s is used instead of x:

Primary Variables:

Q (Qq, Qz, Q3, Q4, Q) is the solution vector where

Q1:p/poo,Q2: pu ,Qg: pY ,Q4: pw ,Qs: petz
P..a., P.a., P..a., P.a.,

plp.=Q;
ula, =(pul p.a)(plp.)=Ql Q
via, =(pv/p.a )(plp.)=QsQ
wla,=(pwlp.a)(plp.)=QdQ

pe, | p.a’=Qs
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Vior la.= \/(i>2+(l)2 +(5)? (B.12)
a, a, a.,

B.2 CALCULATION OF PRESSURE

The energy equation is

Total Energy = Internal Energy + Kinetic Energy + Potential Energy (ignored)

12 R p 1.,

e, =CT+ 5 VTor :ﬁﬁ—i—EVmT
| (B.13)
p=<7—1>[pe,—5vaéT}
2
P _y-p| L4 1P Vi (B.14)
p.a; p.a, 2p, a,

B.3 CALCULATION OF THE VELOCITIES NON DIMENSIONAL BY U

x component of the velocity is

=2 % " (B.15)

= Yo ¥ - B.
U (B.16)

_wa _w 1 (B.17)

Total velocity is

Vior — Vior a_oo: Vior L (B.18)
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B.4 CALCULATION OF p/p-, Cp, T/T., Local Speed of Sound,

Temperature ratio is

P P P
T_pR_p.pa_ 1 pa (B.19)

T, pP. p pP. P 1
P.R p.ai  p. ¥

Pressure ratio is

p
2
ooaoo
P.. D
p.a;
Pressure coefficient, C,, is
p P p _p
_ D a2 D a? D a? P a2
C =L"Pe  FPole Pl Fufte Pl (B.21)
lmei 1&% lMi
2 2, ai 2

Local speed of sound non-dimensionalized with Ao

"o (2
2 - = |yf= L (B.22)
a,  4a, P p.a,
Local Mach Number:
M= Vior _ Vior/a. (B.23)
a ala,
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B.5 CALCULATION OF THE DISTANCE NORMAL TO SURFACE: n

From vector analysis the area of the surface element formed by vectors B and

—

C is:
Area = |E X 6'| = |(bycz -b.c, )i + (b,c, —b.c, )j +(b,c, —b,c, )lg

The volume formed by vectors ;}, B and C is:

Volume=g'(§x6)=ax(bycz -bc)+a,bc,—bc)+a (bc, —byc,)

The height of this volume is:
h=Volume/ Area

The normal distance from the point (J,K,L) to the surface (L=1) is:
Formthe A, B and C vectors as follows (Fig. B.1):

B vector: on the surface from (J-1,K,1) to (J+1,K,1)

C vector: on the surface from (J,K-1,1) to (J,K+1,1)

A vector: from surface to the point: from (J,K,1) to (J,K,L)

Find the area formed by B and C vectors and the volume formed by the A, B

and C vectors. Then,

N=rn = VOLUME/AREA
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Figure B.1 Estimation of distance normal to the surface.

B.6 CALCULATION OF THE NONDIMENSIONAL COORDINATE
NORMAL TO SURFACE: 7

Ly
-— 2 |Re (B.24)
77 \/5 X S
or for curved surfaces:
n=—"2 [Re (B.25)
N2 st '
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B.7 DETERMINATION OF THE SHOCK LOCATION

The shock location is the normal distance from the surface to the point where

M 599 (B.26)
M

oo

B.8 DETERMINATION OF THE MAXIMUM TEMPERATURE LOCATION

The maximum temperature location, &7, Iis the normal distance from the
surface to the point where

a—Tzo (B.27)
on
B.9 DETERMINATION OF THE EDGE OF THERMAL BOUNDARY

LAYER

The edge of the thermal boundary layer, o is at the normal distance from the

max ’

surface to the point where

of
on

=0 (B.28)

Jf w18 defined as

|

[ = 4 P Po l (72 752
fwz U (_j(:___J+_(U _Mm) dy
q U { y=1\p p.) 2
qu goes to zero at the edge of the thermal boundary layer. But just before going

to zero, it makes a small maximum as can be seen from Figure 8.6 for example.
The point of this maximum is considered as the edge of thermal boundary layer.

It is very unlikely that there is a grid point in the ¢ direction just at this point. So

this location is obtained by interpolation.

218



B.10 DETERMINATION OF THE FLOW PROPERTIES AT THE EDGE OF
THERMAL BOUNDARY LAYER

Since, the flow variables are not constant between the edge of the boundary layer
and the shock, determination of the boundary layer edge requires special care.
Thermal boundary layer is thicker than the momentum boundary layer and edge

variables (U, , Te, M., pe, p,) are obtained at the thermal boundary layer edge.

The Local Reynolds number at the edge of the thermal boundary layer is defined

as

Re, = JePeX (B.29)

Xx.e
He

It is very unlikely that there is a grid point in the ¢ direction just at the edge point.

So edge values of the flow variables are obtained by linear interpolation.

B.11 CALCULATIONOF 6/L, 6 /L, 6/L, H

Boundary layer thickness, ¢, is the normal distance from the surface to the point

where

—=0.99 (B.26)

Displacement thickness, & /L, is
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& _f[1-PY a2
or T_l( peUejd(Lj (B.27)

Displacement thickness, /L, is

or Q:j[l—i]ﬂd(ﬁj (B.28)
L U v L

The shape factor, H, is

(B.29)
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APPENDIX C

SKIN FRICTION COEFFICIENT POST PROCESSING

C.1 DIFFERENTIAL POST PROCESSING

Non-dimensional form of the skin friction coefficient (Cy) is

¢, =+ bu
~poU?
2106 e
where
w w ay ,

Non-dimensional form of t,, is

C; becomes
Z, 1 oU
c, =2t B O
pPLU. p, U dy
U.L
where Re, . = P
M.,
Finally;
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C.2 INTEGRAL POST PROCESSING

Integral momentum equation is

A};//F ~ 2 [ + [VpV.da
at Ccv Ccs
0 0

where

Ijﬂm = IupV.dA+ IpdAx
CS ()

113ion.3

'\//
—

Shock

Boundary Layer

C

/

A
BNy
/

|
— T

2
ml 4 ml
dz=0,
u,v,w=0
dx
Non-dimensional form of the skin friction coefficient (C;) given is
T
Cf = 1 v
2
EpeUe



where

o Fv,x) (C.10)

T, = —i[.[upv.dA + J.pdAx +}
cS

dx| s

CS1 CS2 CS3 CS1 CS2 CS3

T, :—i{— I upudz + J. upudz + Iup(—udz+wdx)— J. pdz + Ipdz— Ipdz}

N

d
; :__D(upu—Ummem+p—pm)d2}—Ummem (C.11)
dx| 5

2 2
plU P. | U. P P..
=| —| —— — + —_
wos 1, [pw(,]wj (2] 5=+ pWUJ

F, ) (C.12)

d - 2
- —dx(F,) _dI[p[UJ_H p__ sz}f
U L @\ 5| P \U. pLU.  p.U. (C.14)
Cf_ 2 2 =
lp (U} 1p (U ARY
2. \U. 2p.\U. 2p.\U,
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APPENDIX D

STANTON NUMBER POST PROCESSING

D.1 DIFFERENTIAL POST PROCESSING

A non-dimensional heat transfer coefficient presented as the Stanton number (St)

based on edge variables [8];

St=— dw
pUsh,—hy) o
where
JdT
o =[k5} (D.2)
h, =h, +0.5P" U2 (D.3)

The non-dimensional form of heat transfer rate to the wall, q,,, is

q., M _oT

= = p— D.4
p.a.  Pr(y—1)Re, Hw on JW (D-4)

To get non-dimensional form of this definition, divide by a°..;
- T 172 2
hr=ho +0.5(Pr -1U; (D.5)

h, can be defined as;

hw = CpT'w = 7 &
7_1 pW
Non-dimensional form of this equation is
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Put equations (D.5) and (D.6) into (A, —h.),

(hr —hw) = ho + 0.5 > = U2 -7 Pw
y_lpw

where h, =h, +0.5U2 . Non-dimensional form of this equation is

ho = ho+0.5M2 =—L_Pe Lo 502
r=1p.

And final form of (h; —77w)

(Pr = P = L[‘_’_w _B_wJ +0.5Pr" "= U2 +0.5M>
7/_1 poo pW

(hr = P) = L[_p_w_f—WJJro.s[Mi +(Pr*”2—1)Uj} (D.7)
poo pW

y-1
= _ P O 2 N S |
where p.=—"=1 and P. = = = il
P p.a: PRI, p.y 7

When the expression (D.4) and (D.7) is inserted into equation (D.10), final form of
St

based on edge variables is

Gu

St - PAe
Pe % f, -R,)
pOO aoo

oT
M 77
b aﬁJ
St= w

Pr(y—DRe,, p,U, 7(’_"” _’_’W] +0.5[M? +(@re’? —1T?]
7_1 Pow Py

(D.8)
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D.2 INTEGRAL POST PROCESSING

A non-dimensional heat transfer coefficient presented as the Stanton number (St)
based on edge variables [8];

d
" =wvm)
pU,(h —h,) g(x)

pomlfool5) -5 )3

(hr — hw) is same with (D.7).

(D.9)

where f(x) is

(hy —hy) = L(& - &J + O.S[Mi + (Pr*m— I)IIZ]
pOO pW

° (rw) jxﬁﬁﬁ {L}@—?};(ﬁ M2)}dy} .10
St =4X — o

0
8(x) pe_{7/(B“—BJ+0.5(Mi+(Pr*“2—l)l7f)}
P,

where

g(x):peﬁe L[&—&]_’_O.S(M(ﬁ+(Pr*l/2_1)(7e2)
v p. P,
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